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4.0 FUNCTIONAL DESCRIPTION FOR SPACECRAFT HARDWARE SUBSYSTEMS
The hardware subsystems selected for the Flight Spacecraft, illustrated
in Figure 4-i_ are described in %he following paragraphs. Main
criteria leading to the selection of these preferred subsystem designs
are: (i) probability of success, (2) performance of mission objectives,
(3) cost savings_ (4) contributions to subsequent missions, and (5)
additional 1971 mission capability.
To achieve these objectives, the main subsystem design guidelines are:
(i) simple and conservative design based on Mariner and Ranger tech-
nology and experience, (2) design reliability through inherent and
selected redundancy, (3) rigorous interface control, and (4) an integrated
test program of component, subsystem, and system testing. A pictorial
description of the major interfaces among the spacecraft system ele-
ments, subsystems, and other parts of the Voyager system is shown in
the Voyager System Interface Diagram Figure 4-2. The volume and
paragraphs where particular interface definitions are located are also
noted on Figure 4-2.
Functions to be performed by the spacecraft subsystems during each
mission phase are defined in the Mission Sequence Matrix, Figure 4-3.
A complete description of the spacecraft operation throughout the
mission is contained in Volume A, Part I, Sections 2.0 and 3.0.
D
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Figure 4-2: Voyager System Interface Diagram
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• SOLAR PANELS C. RECEIVE & ANALYZE CANOPUS
• ANTENNAS ACQUISITION DATA
SCIENCE ELEMENTS D. VERIFY CANOPUS ACQUISITION
EO. RECEIVE SOI_AR ACQUISITION DATA & RELAY OR COlOr, AND CANOPUSRECEtVE & RELAY ROLL CALIBRATION DATA TO SFOF REACQUISITION
F I RECEIVE & RELAY CANOPUS ACQUISITION DATA E. MONITOR PLANETARY VEHICLE
TO SFOF • TRAJECTORIES & UPDATE
G. RELAy BACKUP COMMAND REACQUIRE CANOPUS • TRAJECTORY PARAMETERS
AS REQUIRED
A. SENSE SOLAR PANEL OUTPUT
B. SWITCH pOWER SUBSYSTEM TO SO_AR POWER MODE
C. TURN ON BATTERY CHARGER
D, PROVIDE POWER TO S/C & FLIGHT CAPSULE
A. COMMAND PYROTECHNICS UNLOCK & RELEASE ANTENNAS
B. COMMAND PYROTECHNICS UNLOCK & RELEASE SCIENCE E_LEMENTS
MAGNETOMETER BOOM
C. COMMAND PYROTECHNICS BACKUP COMMANDS (AS REQUIRED)
D, COMMAND TELEMETRY MODE I, MANEUVER" ON"
E. COMMAND CRUISE SCIENCE "ON"
F. COMMAND G&C TURN "ON" G&C EQUKP MENT
G, COMMAND S(X.AR ACQUISITION
H. COMMAND COMMUNICATION PHASE LOCK
I. COMMAND CALIBRATION ROLL
J. COMMAND CELESTIAL REFERENCE "ON"
A. TURN ON G&C POUR
S. GYROS IN RATE MODE, DAMP OUT PV TUMBLING RATE
C. ENABLE SUN SENSOR
D. PITCH & YAW PV, ACQUIRE SUN, SWITCH GYRO RATE *OUr'
E. O_LIBRATION ROLL
F. STABtLIZ_ PV DURING PHASE LOCK ACQUISITION
• DERIVED RATE: PITCH & YAW AXES (SUN SENSOR)
• SLeWROLLAT .2°/SEC.
G. CALIBRATE CANOPUS SENSOR _GNETOMETERS & EARIM SENSOR
H. RELAy STAR TRACKER & MAGNETO_TER DATA TO EARTM
I. ACQUI_E CANOPUS
• ENABLE CANOPUS SENSOR
SENSE CANOPUS PRESENCE ÷ _ARTH PRESENCE
J. SWTCH TO OWNOPUS REF., GyRO RA_ "OUT"
K. VERtFY CELESTIAL REF ACQUISITION ITO C&S)
L. DISAaLE CANOPUS HIGH INTENSITY GATE
A. TRANSMIT DOWN LINK SIGNAL
B. TRANSMIT VERIFICATION DATA--SOLAR ACQUISITION
C. TRANSMit ROLL CALIBRATION DATA
D. TRANSMIT CANOPUS ACQUISITION DATA TO DSN
E. RECEIVE GROUND _ACKUP COMMANDS, IF REQUiRED
O___
A. TRACK PV
B. RECEIVE ENGINEERING & SCIENCE
DATA & RELAY TO SFOF
C. PROVIDE PV RANGE DATA (DERIVED)
• CONVAAND DATA PLAYBACK
BA.. PROVIDE SOLAR POWER TO S/C SUBSYSTEMSPROVIDE POWER TOFLIGFff CAPSULE
SrOF
A. RECEIVE ENGINEERING & SCIENCE DATA &
DISPLAY
B. RECEIVE & ANALYZE TRACK & RANGE DATA
C • COMPUTE TRAJECTORY pARAhIETERS
A. COMMAND CANOPU$ CONE ANGLE UPDATE
a. COMMAND G &C SE_ HIGH-GAIN ANTENNA ELEVATION & AZIMUTH
C. COMMAND RADIO SWITCH tO HIGH-GAiN ANTENNA (t * 8O TO 100 DAYS)
D. COMMAND _DIO SWITCH TO HIGH-POWER TRANSMITTER(T * 3 DAYS)
E. COMMAND RANGING "ON" & "OFF"
P. COMMAND HIGh-GAIN ANTENNA POSITION UPDATE
A. UPDATE CAt'OPUS CONE ANGLE
B. SET HIGH-GAIN ANTENNA ELEVATION & AZIMUTH
C. ZERO GYRO INTEGRATORS OBSERVE DRIFT ADJUST GYRO BIAS
REACQU RE CELESTIAL REFERENCES AS REQUIREDD.
A. TRANSMIT ENGINEERSNG DATA & SCIENCE DATA _O DSN
B. TRANSMIT PLAYBACK DATA ON COtA_AND (FROM DSN)
C. SWITCH ON INVTA (AT 3 DAYS)
D. RECEIVE C(_NDS FROM DSN
E. MAINTAIN DOWNLINK PHASE LOCK
A. TELEMETRY IN MODE I A. ENCODE ENGINEERING & SCIENCE DATA -S/C
• RECEIVE DEPLOYMENT VERIFICATION SIGNALS B, RECEIVE FLIGHT CAPSULE STATUS _NFO & ENCODE
• SOLAR PANELS • SCIENCE ELEMENTS
• ANTENNAS
• GtlIDANCE SCAN PLATFO_
C. RECEIVE & ENCODE ROLL CALIBRATION DATA
A. PROVIDE COMMAND BACKUP OF C&S AS REQUIRED A. FORMAT DATA FOR TRANSMISSION (MODE I)
B. RELAy GROUND CONV, AANDS TO C&S. IF REQUIRED B. PROVIDE C&S BACKUP AS REQUIRED
C. RELAY GROUND COM_AANDS TO C&S, IF REQUIRED
A, RECORD SCIENCE DATA (SOLAR FLARE MODE)
B. PLAYBACK RECORDED DATA
DSN
A. T RAN _A IT MAN EU VER pARAMET E RS
• YAW {OR PITCH) TURN MAGNITU
& DIRECTION
• MOTOR BURNTIME & ._v
B. TRANSMIT INITIATE MANEUVER
S_QUENCE COMe, AN O
C. RECEiVE VERIFICATION OF
CORRECTION MANEUVER
D. TRACK PV
• PROVIDE POINTING ANGLE &
RANGE DATA TO ALL DSS
F. RELAY DATA TO SFOF
S. SWITCH TO BATTERY POWER
C. NO pOWER TO CAPSULE DURING B
ED. SENSE SOLAR PANEL OUTPUT
• SWITCH POWER SUBSYSTEh_ TO SOL
F. TURN ON BATTERY CHARGER
• PROVIDE POWER TO S/C & FLIGHT
A. RECEIVE MANEUVER pARAMETERS FI
B. COMMAND MANEUVER RECORDER
C. COMMAND ACCELEROMETER "ON'
O. COMMAND ATTITUDE CHANG E (R(
E, COMMAND AUTOPILOT OUTPUT
F. COM#vlAND INERTIAL " HOLD" MOI
G, COMMAND PYROTECHNIC FIRE _E[
H. COMMAND PYROTECHNIC FIRE EEl
J. COMMAND PYROTECHNIC FIRE EE
K. COMM_ND PYROTECHNIC FIRE EEl
L. COMM._ND REACOUISmON Of CI
M. CONbV, AND SWITCH TO HIGH=GAi
N. COMMAND MANEUVER RECORDER
O. COMMAND DATA STORAGE PLAYB
IST & 2ND CORRECTION
[ ;_1" SUBSEOU EN T MAN EUVEF
1ST CORRECI_ON ONLY,
[_ SUBSEQUEnt MAN EIJVEF
A. ZERO GYRO INTEGRATOR
B. ROLL AND YAW (OR PtTCH)
C. _VITCH G&C OUTPUT TO JET VA_,
E. YAW _ACK, REACQUIRE SUN
F. ROLL BACK, REACQUIRE CANOPU
O. REMOVE GyRO DAMPING
A. RECEIVE MANEUVER PARAMETERS
B. RECEIVE INITIATE MANEUVER C_
D. SWITCH TO HIGH-GAIN ANTENN
E RELAY MANEUVER VERIFICATION
A. MANEUVER RECORDER "ON"
B. MANEUVER RECORDER "OFF"; PL
A, RECEIVE MANEUVER pARAMETERS I
B. BACKUP C&S (AS REQUIRED)
A. RECORD MANEUVER DATA
B. RELAy MANEUVER DATA TO RADH
A. FIRE SQUIB, OPEN N*2 VALVE
B. FIRE SQUIB, OPEN PROPELLANT
C. FIRE SQUIB, CLOSE PROPELLANT '
D. FIRE SQUIB, CLOSE N 2 VALVE
A. PRO_DE HEAT S_NK COOLING
_RO_nDE P_SS_VE & S_MIPA_SI_k MONITOR FLIGHT S/C TEMPERATL
A. OPEN N VALVE, PRESSURIZE PRO
_. OPEN P_PELLANT VALVE, PRO_
• PROVIDE THRUST VECTOR CONTR
D. CLOSE PROPELLANT VALVE
E. CLOSE N 2 VALVE
A. GATHER CRUISE DATA
A. DRIVE SOLAR PANELS TO LIMIT
DRIVE ANTENNAS TO LIMIT
C" DECOY GUmANCE SCaN PLATFO_
D. PRO_DE VERIFICATION SIGNALS IOTELEMETRY
A. FIRE SOLAR PANEL SQUIBS
PROVIDE HEAT-S!NK COOLING
BC_ PROVIDE PASSIV_ & SEMIPASSIVE RADIATIVE COOLING
MONITOR FLIGHT S/C TEMPERATURES
A. TURN ON CRUISE SCIENCE, GATHER DATA DURING
CAUBRAT_ON ROLL (DAE)
B. RELAy ROLL CALIBRATION DATA TO TELEMETRY
REAL-TIM E MAGNET OM ETER DA_'A
M_NEUVER MODE CRUISE DATA
A. PROVIDE STRUCTURAL SUPPORT TO S/C SYSTEMS
• rROVIDE PASB!'._ L -(EV_PASS! vE _ADIATIVF COOLING
B." MONITORFL_GHT SPACECRAFTTEMPERATURES
f
A. GATHER CRUISE DATA
B. SWITCH TO SOLAR FLARE MODE DURING SOLA_ FLARE
-SOLAR RADIATION & PARTICLE LEVEL THRESHOLD
-TRAPPED RADIATION
C. RE_IJRN TO CRUISE MODE AFTER FLARE
RY TRAJECTORY CORRECTION
0.6
FLIGHT CAPSULE CANISTER SEPARATION
v L MARS ORBIT INSERTION
IST-3,4 DAYS
2ND- 25 DAYS
3RD-180 DAYS
IS'[- 4.4 DAYS
2ND. 25 DAyS
3RD. 190 DAYS
SFOF
ro PV A. COMPUTE MANEUVER pAllET ERS
_EON & "[RANSMIT TO DSNB. VERIFY CORRECTION MANEUVER
C. RECEIVE & DISPLAY ENGINEERING
& SCIENCE DATA
SYSIEI^S
_TTERy (OFF SUN) OPERATION
kR eOWER MODE
:ApSULE (CONTINUOUS)
OM CQMMAND SUBSYSTEM
ON"
-GAfi't ANTENNA
LL, PITCH OR YAW)
iTCH ?O JET VANE ELECTRONICS
E FOe ._V
PRESSURIZE PROPELLANT(SQUIBVALVE) [_
• C_EIq PRO@ELLANT VALVE S
_RFIRIng
• O.OSE PROeELLANT VALVES _
• G.OSE PRESSURIZATION VALVE
.ESTLAL REF (PITCH OR YAW BACK, ROLL BACK I
i ANTENNA (T + 80 DAYS)
OFF" SaENCE IN CRUISE MODE
,CK STORED DATA TO DSN
_NLY--COMMAND SOLENOID VALVES ON
:ON_b_ANO pROPULSION SOLENOID VALVES ON
! ELEC-RONJCS
)NTRO ATTITUDE WITH JET VANES)
ROM DSN & RELAY TO COMMAND SUBSYSTEM
MAND & RELAY TO COMMAND SUBSYSTEM
o DSt_
,Y BACK
N (MODE _)
& RELAY TO C&S
S/C SYSTEMS
kLVE_ I'- FIRST TWO MIDCOURSE MANEUVERS
FIRST MANEUVER ONLY
I I
2t0 DAYS 220 DAYS
i I
22g DAYS 230 DAYS
DSN SFOF DSN SFOF
A. TRACK PV A. RECEIVE ENGINEERING & SCIENCE DATA A, RELAY ORBIT INSERTION PARAMETERS A._OMPUTE ORBIT INSERTION
& D$SPLAy B, TRACK pV pAIb_METERS & PROVIDE
C. RECEIVE ENGINEERING & SCIENCEB. RECEIVE ENGINEERING & SCIENCE DATA& RELAY TO SFOF B. R_CEIVE & ANALYZE TRACK & BAC KUP COMMANDS AS REQD
C. PROVIDE PV RANGE DATA )DERIVED) RANGE DATA DATA & RELAy TO SFOF B. RECEIVE ENGINEERING & SCIENCE
D, COMMAN D DATA pLAYBACK C. COMPUTE TRAJECTORY PARAMETERS D. PROVIDE PV RANGE DATA (DERIVED) DATA & DISPLAy
E, RECEIVE CANISTER SEPARATION D. RECEIVE VERIFICATION OF E. COMMAND DATA pLAyBACK C. RECEIVE & ANALYZE TRACK &
VERIFICATION & RELAY TO SFOF CANISTER SEPARATION F. RECEIVE VERIFICATI ON OF ORBIT RANGE DATA
F. TRANSMIT BACK UP COMMANO INSERTION SEQUENCE & RELAY D. COMPUTE TRA JECT DRY PARAMETERS
(AS REQUIRED) TO SFOF
A. PROVIDE SOLAR POWER TO ALL PV SUBSYSTEMS A, PROVIDE SC¢,.ARpOWER TO S/C SUBSYSTEMS
B. SWITCH TO BATTERY POWER
C. SENSE SOLAR PAN EL C_JTPUT
D. SWITCH pOWER SUBSYSTEM TO SOLAR P CT,V_ R MOO E
E, TURN ON BATTERY CHARGER
F. PROVIDE POWER TO S/C & FLIGHT CAPSULE
A. COMMANDMANEUVER RECORDER ,,ON,, DATA RECORDING IN ,'MANEUVER,, MODE A. COMMANDpLANET SCIENCE"ON"(AFTER _,VO ORBITS)
B. COMMAND RADLO 5_VITCH TO LOW-GAIN ANTENNA B. COMMAND G&C PERFORM PREMANEUVER SEQUENCE
C* COMMAND ATn1UDE CHANGE (ROLL, FITCH OR YAW) C, COMMAND G&C PERFORM ORBIT INSERTION MANEUVER
D. COMMAND PYROTECHNIC SUBSYSTEM FIRE CAPSULE CANISTER D. COMMAND PYROTECHNICS IGNITE ORBIT INSERTION ENGINE
SEPARATION SQUIB E. RECEIVE MANEUVER VERIFICATION FROM G&C
E. COMMAND LNERIIAL "HOL_" FOR TEN MINUTES F. COMMAND TELEMETER ENCODE MANEUVER VERIFICATION TO RADIO &
F. COMMAND REACQUIRE CELESTIAL REFERENCES TRANSMIT
• (PITCH OR YAW BACK, ROLL BACK)
G, COMMAND RADIO SWITCH TO HIGH-GAIN ANTENNA
H, COMMAND MANEUVER RECORDER "OFF", CRUISE SCIENCE'ON"
I, COMMAND DATA STORAGE PLAYBACK STORED DA[A
A. ZERO GyRO INTEGRATOR A. SENSE pLANET APPROACH GEOMETRY, RELAY TO TELEMETRY
g ROLL, & PITCH OR yAW B. ZERO GYRO INTEGRATOR
" INERTIAL "HOLD" C, ROLL, & PITCH OR yAWL
D. PITCH OR YAW BACK * ROLL BACK O . INERTIAL HOLD M3D_ FOR _V
E, REMOVE OYRO DAMPING E. POINT HIGH-GAIN ANTENNA TO EARTH
F. REACQUIRE CELESTIAL REFERENCES F. ENABLE INSERTION ENGINE THRUST VECTOR CONTROL (_C) AUTOPILOT
OUTPUTS TO TVC
G. yAW :La,CK TO PREVIOUS ATTITUD[
_.- ACQUIRE SUN, SWITCH GYRO RATE ,,OUT- (PITCH & YAW AXES)ROLL BACK TO PREVIOUS ATTITUD_
• ACQUIRE CANOPUS, SVATCH GYRO RATE "OUTr' ROLL AXIS
K. CANOPUS ACQUISITION GATE SIGNAL TO C&S
L, POINT HIGH-GAIN ANIENNA TO EARTH
A. TRANSMIT ENGINEERING & SCIENCE DATA TO DSN A. RECEIVE INSERTION PARAMETERS FROM DSN (AS REQUIRED) & RELAY TO C&S
B. SWITCH TOLOW-OAIN ANTENNA B. SWITCH TO LOW-GAIN ANTENNA
C. SWITCH TO HIGH-GAiN ANTENNA C, SWITCH TO HIGH-GAIN ANTENNA
D. REESTABLISH PHASE LOCK D, REESTABLISH pHASE LOCK
E, TRANSMIT PLAYBACK DATA ON COMMAND (FROM DSN) E. TRANSMIT ENGINEERING DATA & SCIENCE DATA TO DSN
F. TRANSMIT CANISTER SEPARATION VERIFICATION TO DSN
G. RECEqVE COMMANDS FROM DSN (AS REQUIRED) F. TRANSMIT ORBIT INSERTION VERIFICATION
A. ENCODE CANISTER SEPARATION VERIFICATION A. FORMAT DATA FOR TRANSMISSION (MODE I)"
B, FORMAT DATA FOR TRANSMISSION )MODE 1_ • ENOINEERINO & SCIENCE DATA
• FLIGHT CAPSULE STATUS INFORMATION AND ENCOOE
A. PROVIDE DATA PLAYBACK COMMAND (AS REQD) A. BACKUP C&S AS REQUIRED
B, PROVIDE C&S BACKUP AS REQD B, RECEIVE UPDATED ORBr[ pARAMETERS FROM DSN (AS REQUIRED)
C, RELAY GROUND COMMANDS TO C&S AS REQUrRED
A. RECORD MANEUVER DATA A. RECORD DATA DURING MAN EUVER
B. RELAY MANEUVER DATA TO TELEMETRY B. pLAy BACK RECC_RDED DATA
A. PROVIDE STRUCTURAL SUPPORT TO S/C SYSTEMS A. PROVIDE STRUCTURAL SUPPORT TO S/'C SYSTEMS
A. FIRE EED, SEPARATE CAPSULE CANISTER A. FIRE EED'$; 13_ERGIZE IVC SYSTEM
g. FIRE EED'$; IGNITE SOLID INSERTION MOTOR
A. PROVIDF pA_SIV F & SEMIPASSIV E RADIATIV F COOLIN G A. PROVIDE HEAT SINK COOLING
B. MONITOR FLIGHT S/C TEMPE RATURE S B. PROVJD EPASSIVE & SEMI PASSIVE RADIATIVE COO{.ING
C* MONITORFLIGHT S/CTE_ERATURE
PRESSURIZE TVC FREON TANK
A.
B, THRUST VECTOR CONITROL " ON"; INPUT TO G&C IRU & ACCELEROMETER
C. IGNITE pROPELLANT--ORBIT INSERTION ENGINE
A. GATHER CRUISE DATA A. GATHER CRUISE DATA
!l
0.8
PLANETARY VEHICLE (PV) ORB ITAL
0PERAT 10NS
0.9
PLANETARY VEHICLE MARS ORBIT TRIM
0. i0
FLIGHT SPACECRAFT (S/C) -
FLIGHT CAPSULE SEPARATI,
ISN
._--TRACK PV
I. RECEIVE ENGINEERING & SCIENCE
DATA & RELAY TO SFOF
,_. PROVID E PV RANGE DATA (DERIVED)
). COMMAND DATA pLAYBACK
!. RECEIVE MARS ORBIT DATA; RELAY TO
SFOF
A_ECEIVE ENGINEERING & SCIENCE
DATA & DI_LAY
B. RECEIVE & ANALYZE TRACK &
RANGE DATA
C. COMPUT E TRA JECT DRY PARAMETERS
D. RECEIVE & DISPLAY MARS ORBIT DATA
E. COMPUTE ORBIT PA RAMETERS
w. PROVIDE SOLAR POWER TO _/C SUBSYSTEMS
• SWITCH TO BATTERY POWER DURING SOLAR OCCULTATION
b SUN OCCULTATION CONTINGENT UPON ORBIT SELECTION
_. COMMAND LIMBer ERMINAT OR UNIT "ON"
CO_M_ND ORBITAL SaENCE "ON"_ pLANET SCIENCE "Orp, CRUISE "OFF"COMMAND CANOPUS ANGLE UPDATE
). CO_M_,ND HIG H-GAIN ANTENNA POSITION UPDATE
. COMMAND DEPLOY SCIENCE SCAN PLATFORM
k. SENSE CANOPUS OCCULTED; _VITCH RC_L AXIS TO INERTIAL "HOL{_'
" SENSE LIMB & TERMINATOR CROSSINGS, RELAY TO TELEMETRY & G&C
)_ UPDATE C_NOPUS CONE ANGLE
TO _NERTIAL "HOLD"
SENSE SUN OCCULTED; SWITCH PITCH & YAW AXES
3. SENSE SUN PRESENCE, SWITCH GYRO RATE ,,OUr,
[_SUN OCCULTATION DURING THIS PHASE OF THE MISSION
IS CONTINGENT UPON THE ORBIT SELECTED
DSN
._-TRAN_IT MANEUVER PARAMETERS
TO PV
• ROLL TURN MAGNffUDE AND
DIRECTION
• YAW (OR PITCH) ]URN MAGNI-
TUDE & DIRECTION
• MOTOR BURNTIME & _V
B. TRANSMIT INITIATE MAN EUVER
SEQUENCE COMMAND
C. RECEIVE VERIFICATION OF CORREC-
TION MANEUVER
o. TRACK PV
E. PROVIDE POih_TffqO ANGLE & RAh_GE
DATA TO ALL DSS
225 DAYS
236 DAYS
SFOF
_--COMPUTE MANEUVER pARAMETERs
& TRANSMIT TO DSN
B. VERIFY CORRECTION MANEUVER
C. RECEIVE & DI_LAY ENGIN EERING &
SCIENCE DATA
A. PROVIDE SOLAR POWER TO S/C SUBSYSTEMS
B. SWITCH TO BATTERY POWER
C. NO POWER TO CAPSULE DURING BATTERY (OFF SUN) C_PERATION
O. SENSE SC_AR PAN EL ou'rPUT
E* SWITCH pOWER SUBSYSTEM TO SOLAR pLOVER MODE
F. 1_JRN ON BATTERY CHARGER
G. PROVIDE pOWER TO S/C & FLIGHT CAPSULE (CONTINUOUS)
A, RECEIVE MANEUVER pARAMETERS FROM COMMA ND _JBSYBT EM
B. COMMAND MANEUVER RECORDER "ON"
C. COMMAND SELECT LOW-GAIN ANTENNA
D. CO_MA NO ACC_EROMETER "ON"
E. COFAMAND A_ITUDE CHANGE (ROLL. & PITCH OR YAWl
F. CO_MANO AUTOFILOT OUTPUT SWITCH TO JET VANE ELECTRONICS
G. CO_AAND INERTIAL HOLD MODE FOR _V
H. COMMA NO P RCeULSION SYSTEM AC_IVAT E
L COMMAND CORRECTION MANEUVER FIRING
J. COMMAND TERMINATE THRUST
K. COMMAND _C "OFP
L. COMMANDPROPULSION SYSTEM DEACTIVATE
M. COM_ANDREAC_UlSlTION OFCELESTIALREF(PITCH©RYAW BACK, ROLLBACK)
N. CO_ANO MANEUVER RECORDER "OFP' SCIENCE IN ORBIT MODE
O. COMING S_LEC_ HIGH-GAIN ANTENNA
P. COMMAND TELEMETRY & RADIO TRANSMIT STORm DA_A TO DSN
A. ZERO GYRO INTEGRATORS
B. ROLL, yAW IOR P_TCH)
C. SWITCH O&C OUTPUT TO JET VANE ELECTRONICS
D. _NERTIAL_HOL_'MOOE FOR ._V
E. yAW BACK; REACQUIRE SUN
F. ROLL BACK; REACQUIRE CANOPUS
G. REMOVE GYRO DAMPING
DSN SFOF
._TRACK PV A--_-REC
B. RECEIVE ENGINEERING & SCIENCE
DATA & RELAY TO SFOF B. REC
C. PROVIDE RANGE DATA C, REC
D. RECEIVE SEPARATION DATA D. GE_
VERIFICATION TO
E. RELAY BACKUP CO_@AANDS FRO_
SFOF AS REQUIRED
A. PROVIDE SOLAR POWER TO S/C & FLIGHT
CAPSULE
. _WlTCH CAPSULE pOWER 'OFF"
• SWITCH TO BATTEI_y P OWER
A. COMMAND RADIO TURN RELAy RECEIVERS ON
B, COMMAND DATA STORAGE TO MODE 2
C. TRANSFER DATA TO CAPSULE ( AS REQUIRED)
D. COMMAND CAPSULE S_nTCH TOINTERNAL POWER
E. COMMAND CAPSULE RECORDER'ON"
F. CO_WND PREMANEUVER SEQUENCE
G. COMMAND ATTITUDE CHANGe(ROLL, AND PITCH ¢
H. COMMAND PYROTECHNICS FIRE EED, SEPARATE CAP
_. COMMAND PYROTECHNICS FIRE EE{), SEPARATE CAP
J. COF_AAND REACQUISInON OF CELESTIAL REFEREN(
(PITCH OR YAW _ACK, ROLL BACK)
A. ZERO GY_O INTEGRATOR
B. ROLL, YAW IOR P_TCH)
C. INERTIAL ,'HOLD" MOD E FC_ CAPSULE SEPARATION
D. STABILIZE _/C
E. YAW BACK, ROLL BACK
F, RFACQUIRE CELESTIAL REFERENCES, S_VITCH GYRO R
k. MAINTAIN DOWNLINK PHASE LOCK A. RECEIVE M_NEUVER PARAMETERS FROM DSN & RELAY T(pC(COMMAND SUBSYSTEM A. RELAY RECEIVER "ON"
I, RECEIVEDSNCOMM.ANDS B, RECEIVEINITIATEMANEUVERCOM,MAND&RELAYTOCOMMANDSUBSYSTEM B. RELAyCA'PSULEVERIFICATIONTOS/CPRIORTOSEP
2. TRANSMIT ENGINEERING DATA TO DSN (MARS ACQUISITION & PV EPHEMERIS) C_ SWITCH TO LOW-GAIN ANTENNA C, RECEIVE CAPSULE DATA
D_ SWITCH TO HIGH-GAIN ANTENNA D. RELAy DATA TO CAPSULE RECORDER
E_ RELAY MANEUVER VERIFICATION & DATA TO DSN
_. SCAN PLATFORM DEPLOYMENT VERIFICATION A. TURN "ON"MANEUVER RECORDER A. FORMAT DATA FOR TRANSMISSION (MODE 2)
B. FORMAT DATA FOR TRANSMISSION (MODE 2) B. TURN "OFF"MANEUVER RECORDER & P_AY _ACK • S/C DATA
C, FORMAT DATA FOR TRANSMISSION IMODE Ii • FLIGHT CAPSULE DATA
_. BAOK UP C&S AS REQUIRED A. RECEIVEMANEUVERPARAMETERSFROMRADIO, RELAYTOC&S A, BACKU'PC&SASREQUIRED
L RELAY GROUND CO_VAANDS TO C&S AS REQUIRED B. BACKUP C&S AS REQUIRED B. RELAY GROUND COMMANDS TO C&S AS REQUIREI
L RECORDENGINEERING&SCIENCEDATA{MODE2) A, RECORD MANEUVER DATA A. _VITCHTOMOOE2
B, PLAY BACK RECORDED DATA B. RELAyMANEUVERDATATOTELEMETRY B, PROVIDE RECORDED DATA SEQUENCE TO CA_SULE
_. PROVIDE STRUC*fURAL SUpPORT TO S/C SYSTEMS A. PROV1DESTRUCTURALSUPPORTTOS/CSYSTEMS
A. PROVIDE HEAT-SINK COOLING
B. PROVID E PASSIVE a SEMIPA SSIVE RADIATIVE COOLING
C, MONITOR FLIGHT S/C TEMPERATUREB. MONITOR FLIGHT S/C TEMP ERATU RES
• . TURN OFF CRUISE SCIENCE _ OPTIONAL; ENGINEERING DATA & MANEUVER
3. TURN ON ORBITAL SCIENCE E_ DURING EARLY ORBITAL OPERATIONS MAY
REQUIRE SCIENCE TO BE SWITCHED OFF
A. OPEN N2 VALVE, PRESSURIZE PROPELLANT
B. OPEN PROPELLANT VALVE, PROVIDE THRUST
C. CLOSE pROPELLANT VALVE
D. CLOSE N 2 VALVE
A. GATHER CRUrSE SCIENCE DATA DURING MANEUVER
A. FIRE EED'S, SEPARATE CAPSULE UMBILICAL
B. FIRE EEDIS, SEPARATE CAPSULE
A, PROVIDE HEAT-SINK COOLING
pRC)VIDF _S_IVF & _M!P_SSlV_ R_DI_T!V_ COC_II
C. MONITOR PLIGHT S/C TEMPERATURE
A. CRUISE SCfENCE "ON
IL TURN ON CAPSULE DATA RECORDER
A. TURN ON INTERNAL pOWER
B. ESTABLISH RADIO I.IN K WIT H S/C
C. RECEIVE DATA; UPDATE C_,pSU_E _ROORAM (AS RED
D. SEPARATE FROM S/C
E. DE_OOST
F. TRANSMIT DATA
EIGHT CAPSULE
BOEING-- SPACE DIVISION
!
i
D2-82709-6
r ] r 1 [ I i l
_, o.u IL_I o._ IL_ i_1 0._4FLIGHT CAPSULE DEORBIT FLIGHT CAPSULE ORB ITAL 0.13 FLIGHT CAPSULE TERMINAL I
I le" L MANEUVER DESCENT FLIGHT CAPSULE ENTRY DESCENT I.--J L J J J i I
FLIGHT SPACECRAFT ORBITAL OPERATIONS FLIGHT SPACECRAFt MARS ORBITAL TRIM
IE SCIENCE/ENGINEERING DATA
DISPLAY
VE & ANALYZE TRACK & RANGE DATA
VE CAPSULE SEPARATION VERIFICATION
!RATE BACKUP COMMANDS & RELAy
SN (INCLUDING CAPSULE
rATION COMMAND)
_OE; CHARGE BATTERIES
DEN
A--T--TRACK s/c
B. RECEIVE ENGINEERING & SCIENCE DATA
C. RECEIVE CAPSULE DATA
D, PROVIDE RANGE & TRACK DATA
E. COMMAND DATA pLAyBACK
SFOF
_ECEIVE ENGINEERING & SCIENCE
DATA & DISPLAY
B. RECEIVE & ANALYZE TRACK & RANGE DATA
A. PROVIDE SOLAR POWER TO S/C
B. PROVID E BATT CRY pOWER DU RING OCCULTATION
C. SENSE SOLAR PANEL OUTPUT, SWITCH TO SOLAR pOWER
D. CHARGE BATf CRY
A. COMMA ND CAP SULE RECOR DER pLAyBACK
B. C©MMAND R CLAy RECEIVER OFF AFf ER C_PSUI. EIMPACT
C, SWITCH TO DATA MODE 2 REC.ORD DATA DURING EARTH OCCULTAT ON
D. RECEIVE LIMB & TERMINATOR CROSSINGS,
COMMAND SCIENCE SUBSYSTEM "ON'* & "OFF" AS DESIRED
E. COMMAND DATA TRANSFER TO DAE (AS REQUIRED)
F. COMMAND CAN OPUS CONE ANGLE UPDATE
G. COMMAND HIGH-GAIN ANTENNA POSITION UPDATE
A. SENSE SUN OCCULTATION; SWITCH TO INERTIAL "HOLD"
PITCH & YAW AXES
B. SEN SE SOLAR PRESENCE; SWITCH GYRO RATE "OUT"
PITCH & YAW AXES
C. SENSE CANOPUS OCCULTATION; SWITCH TO INERTIAL "HOLD"
MODE, ROLL AXIS
D, REACQUIRE CANOPUS; SWITCH GYRO RATE OUT; ROLL AXIS
E. SENSE LIMB & TERMINATOR CROSSINGS, RELAY TO C&S
F. UPDATE OkNO@US CONE ANGLE
G. UPDATE HIGH-GAIN ANTENNA POSITION (AS REQUIRED)
A. RECEIVE CAPSULE DATA & RELAY TO CAPSULE DATA RECORDER
B. RELAY RECEIVER"OFF"
C. TRANSMIT CAPSULE DATA PLAYBACK TO DEN
D, EARTH OCCULTATION - REESTABLISH PHASE LOCK
A_ FORMAT DATA FOR TRANSMISSION (MODE 2)
BACK UP C&S AS REQD
RELAY GROUND COMMANDS TO C&S AS REQUIRED
A. SWITCH TO RECORD MODE 2
B. RECORD DATA DURING EARTH OCCULTATION
PROVIDE STRUCTURAL SUPPORT TO S/C SYSTEMS
DEN
".A'7-TRANSMIT MANEUVER pARAMETERS TO
S/C
• ROLL I1JRN MAGNITUDE & DIRECllON
• YAW(OR PITCH) TURN MAGNITUDE &
DIRECTION
• MOTOR BURNTIME & _V
B. TRANSMIT INITIATE MANEUVER SEQUENCE
COMMAND
C. RECELVEVERIFICATION OF CORRECTION
MANBJVER
o. TRACK S/C
PROVIDE POINTING ANGLE & RANGE
DATA TO ALL DSS
SFOF
A_COMPUTE MANEUVER PARAMETERS
& TRANSM[T TO DEN
B. VERIFY CORR ECTI ON MAN EUVER
C. RECEIVE & DISPLAY ENGINEERING &
SCIENCE DATA
A, PROVIDE SOLAR POWER TO S/C SUBSYSTEMS
B. S_V$TCH TO BATTERY pOWER
C. SENSE SOLAR PANEL OUTPUT
D, SWITCH _OWER SYSTEM TO SOLAR POWER MODE
E. TURN ON BATTERY CHARGER
A. RECEIVE MA N EUVER PARAMETERS FROM COMMAND SUB SYSTEM
B. COMMAND MANEUVER RECORDER "ON"_ SCIENCE IN MANEUVER MODE
C. COMe'AND pREJ_NEUVER SEQUENCE
D. COMMAND ACCELEROMETER "ON"
E. COMMAND SWITCH TO LOW-GAIN ANTENNA
F. COMMAND ATTITUDE CHANGE
• ROLL
• PITCH OR YAW
G. COMMAND AUTOPILOT OUTPUT SWITCH TO JET VANE ELECTRONICS
H. COMMAND INERTIAL "HOLD" MODE POR _v
I. COMMAND PROPULSION SYSTEM ACTIVATE
J. COMMAND CORRECTION MANEUVER FIRING
K, COMMAN D T ERMIN AT E THRU ST
t. COMe'AN D JET VANE TVC " OFP'
M. COMMAN D PROPULSION SYSTEM DEACTIVATE
N, COMMAND REACQ UISITION OF CELESTIAL R EP
• PITCH OR YAW BACK
• ROLL BACK
o. COMMANDMANEUVERRECORDER"OFF" SCIENCEIN ORBITMODE
P. COMMAND SWITCH TO HIGH-GAIN ANTENNA
Q. COMMAND DATA STORAGE pLAyBACK TO DSN
A. ZERO GYRO INTEGRATORS
B. ROLL, PITCH (OR yAW)
C. SWITCH G&C OUTPUT TO JET VANE ELECTRONICS
D. _NERTIAL"HOLD" MODE FOR _V
E. PITCH OR YAW BACK; REACQUIRE SUN
Fo ROLL BACK; REACQU]RE CANOPUS
G. REMOVE GYRO DAMPING
A. RECEIVE MAN EUVER PARAMETERS FROM DSN & RELAY TO COMMAND SUBSYSTEM
B. RECEIVE INITIATE MANEUVER COMMAND & RELAY TO COMMAND SUBSYSTEM
C. SWITCH TO LOW-GAIN ANT EN NA
D. SWITCH TO HIGH-GAIN ANTENNA
E, RELAy MANEUVER VERIFICATION TO DSN
A. TURN "ON" MANEUVER RECORDER
B. TURN "OFF" MANEUVER RECORDER & pLAy BACK
C. FORMAT DATA FOR TRANSMISSION (MODE 2)
RECEIVE MAN EUVER pARAMETERS PROM RADIO; RELAY TO C&S
B. RELAY GROUND COMMANDS TO C&S AS REQUIRED
A. RECORD MANEUVER DATA
B. RELAY MANEUVER DATA TO RADIO (PLAy BACK)
A° PROVIDE STRUCTURAL SUPPORT TO S/C SYSTEMS
PROVIDF PA_IVF A SFM!PASS!VE p._D!AT!VE COOLING
MONITOR FLIGHT S/C TEMPERATURES
A, RECORD CAPSULE DATA
B, PLAY BACK CAPSULE DATA
C. ORBIT SCIENCE "ON" & "OFF" PER C&S COMMANDS
B+ pROVIDE PASSIVE & SEMIpASSIVE RADIATIVE COOLING
A. OPEN N2 VALVE. PRESSURIZE PROPELLANT
B. OPEN PROPELLANT VALVE, PROVIDE THRUST
C. C_OSE PROPELLANT VALVE
D. CLOSE N2 VALVE
A. ORBITAL SCIENCE " ON"
B+ SWITCH TO MANEUVER MODE (CRUISE SCIENCE " ON")
Figure 4-3: Mission Sequence Matrix
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4.1 SPACECRAFT BUS
The primary functions of the Spacecraft Bus are: (i) to provide trans-
portation between Earth and Mars for the science and capsule payloads,
(2) provide an interplanetary and orbiting platform for the scientific
observation of Space and Mars, (3) provide communication from the
capsule before and after separation9 (4) provide 2-way Earth communica-
tion from interplanetary injection through the period of scientific
observation, and (5) provide structural continuity between all elements
of the Planetary Vehicle.
With the exception of the propulsion and science subsystems_ all flight
spacecraft subsystems required for the successful completion of the mis-
sion from interplanetary injection through the scientific observation
period9 are defined to be part of the Spacecraft Bus. Arrangement of the
bus subsystems is shown on Figure 4.1-1. The bus has a total weight of
2100 pounds, a length of 85 inches, a diameter of 235 inches stowed for
launch, and a maximum width of 368 inches with all mechanisms deployed
for interplanetary flight. Spacecraft Bus weight includes an approxi-
mate i0_ contingency for subsystem growth. A complete analysis of the
bus subsystem weight distribution appears in Volume A, Section 3.3.
Spacecraft power is supplied from 8 fixed and 4 deployed solar panels,
totaling 316 square feet, and three batteries. Communication through-
out the mission for tracking, data transmittal and command are provided
by a nominal 50-watt RF amplifier and a 6.5-foot diameter articulated
high-gain antenna. A fixed medium-gain antenna is used as a backup to
the high-gain antenna.
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The spacecraft bus subsystemsare designed to minimize electromagnetic
interference and magnetic fields. Spacecraft bus reliability is
achieved by subsystemdesigns using inherent and selected redundancy,
and by using carefully selected and qualified parts, materials, and
processes. Further, established disciplines, specifications, and
design practices are used in the spacecraft bus subsystemdesigns.
The following paragraphs describe the preferred design of the space-
craft bus subsystemsand the reasons for selecting them. Subsystem
design constraints, design requirements, performance characteristics,
physical characteristics, and interfaces with other systems and sub-
systems are discussed. The subsystem reliability analysis, development
status, and major trade studies conducted to select the preferred
design are also summarized for each subsystem.
It is recognized that these preferred subsystem designs are dependent
upon science payloads and other design considerations not yet precisely
defined. Spacecraft bus subsystems will be reviewed, and designs
reconsidered against further JPL instructions_ during Phase IB and
Phase II activities.
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Figure 4. I.-1. Spacecraft Bus Subsystem Arrangement
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Power Subsystem
4.1.1.1 Summary
The power subsystem provides electrical power to operate the spacecraft
during all phases of the Voyager mission. Source of energy is the Sun
when the spacecraft is Sun-oriented. During off-Sun periods, energy
stored in batteries is used.
Design of the power system is greatly affected by the range of Mars
orbital conditions. Since no one design can be optimum for all orbits
of interest, the subsystem was developed by: (I) selecting a nominal set
of orbit conditions, (2) establishing a preferred design to meet the
requirements of the nominal orbit, (3) examining the preferred design's
capability to meet the requirements of all orbits of interest. The
selected design meets the spacecraft power requirements for all orbits
considered. To accommodate loss of one battery or solar panel in the
worst orbits, an option is available to drop some redundant loads late
in the orbital phase. This option is discussed in Section 4.1.1.5,
Performance Characteristics.
Fixed versus deployed solar panels were studied during the Task B
preliminary design effort. Fixed panels alone could not be used
because both the required solar panel area and propulsion module area
could not be accommodated within the 20-foot nose fairing. A design
was selected with maximum fixed panel area. The panel arrangement
supplies the required power and permits testing with panels deployed
in the Boeing space chamber.
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The conservative preferred power subsystemdesign draws heavily on
experience obtained in the Ranger, Mariner and other flight-proven
programs. The power subsystem consists of 12 solar panels, 3 batteries,
3 voltage regulators, 3 inverters, and switching and protection equip-
ment that provide 50-volt, 2400-cps single-phase a.c. power to other
spacecraft subsystemsduring flight. Unregulated d.c. power at 37 to
i00 volts is also provided to selected subsystems, and two 400-cps
single-phase a.c. inverters power the science scan platform. Switching
and protection is provided to isolate electrical failures in power or
other subsystems. The power subsystem also regulates and distributes
power from the launch complex equipment during spacecraft tests and
prelaunch activities.
The solar array consists of 63,440 N-on-P silicon solar cells mounted
on 8 trapezoidal panels rigidly attached to the Spacecraft Bus and 4
rectangular panels that are deployed after launch. The solar array area
was established by a 908-watt nominal orbit requirement at the end of
the 6-month Mars orbiting mission. Figure 4.1.1-1 compares array require-
ments and capability, showing the reserve capacity and the effect of
partial loss of power from the array as a function of time for the nomin
mission. Redundant spacecraft or capsule loads can be disconnected by
ground command to achieve the most desirable mission objectives in the
event of a serious loss of solar array or battery power.
Three 38-celi silver-cadmium batteries rated at 2720 watt-hours are pro-
vided for off-Sun operation. Battery configuration allows for success-
ful mission completion with any two of the three batteries operating.
The battery size selected provides for 3.7 hours of off-Sun operation
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of a 24-hour orbit. Each battery has a charger with current-limiting
and voltage-limiting characteristics.
The raw d.c. power is regulated to 35 _ 0.35 volts with three identical
175-watt pulse-width modulated series switching regulators. Each regu-
lator is connected to a 150-watt single-phase inverter that produces
2400 cps square-wave a.c. power for one of the three distribution buses.
Loads are so divided among the three buses that a fault affecting one
bus will not affect the mission. Overload protection and failure sens-
ing and switching prevent load faults, or a fault within a regulator or
inverter associated with one bus, from affecting power quality on the
remaining buses. Faults are automatically detected and disconnected;
however, power can be restored to a regulator by ground command.
Redundant oscillators and countdown registers in the power subsystem
provide 460.8, 72, 19.2, 2.4, and 0.4 kc precision 4.5-volt square-wave
frequencies to other subsystems.
A power switching and logic unit implements transfer from external
power to internal power, and automatic switching from solar array to
battery power, as required. A power control unit provides for switching
the 400-cps power and contains overload protection circuits for all raw
d.c. outputs.
The preliminary design results in a total subsystem weight of 541.6
pounds, a solar array area of 315.9 square feet, and a predicted sub-
system reliability of 0.9932.
The preliminary power subsystem design resulting from Task B differs
from the design in Task A in the following respects:
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ITEM
Primary power distribution
Capsule power
Pyrotechnic power
RF power amplifier power
Number of primary power
buses
Source of _ _ ¢ n
_re_.s_o,,
frequency for spacecraft
4.1.1.2 Applicable Documents
1)
TASK A
Regulated dc
Regulated dc
Battery
Regulated dc
i (plus 1 for
telecommunica-
tions)
Computing and
Sequencing
Subsystem
TASK B
Regulated 2400 cps
square-wave ac
Unregulated dc
Regulated ac
Unregulated dc
3
Power Subsystem
Voyager 1971 Preliminary Mission Description, October 15, 1965,
Jet Propulsion Laboratory.
2) Voyager Environmental Predictions Document, Jet Propulsion Laboratory.
3) Performance and Design Requirements for the Voyager 1971 Spacecraft
System, General Specification for (Preliminary), September 17, 1965,
Jet Propulsion Laboratory.
4) D2-82709-2, Volume A, Part 2, Voyager Spacecraft System Final Tech-
nical Report.
4ololo3 Design Constraints and Requirements
In addition to the requirements of Section 2.0, the following require-
ments and constraints affect the design of the power subsystem and its
components:
i) Power sources will be silicon solar cells and storage batteries.
2) The power subsystem will not constrain the selection of Mars orbits
of interest as given in Volume A, Section 3.1.
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3) Subsystem reliability will be 0.980 or greater for 5880 hours of
operation. No one failure will jeopardize mission success.
4) Reliability will be obtained by redundant cooperative multi-channel
subsystem design or by alternate path methods.
5) A precision oscillator with countdown registers having an accuracy
of one part in 106 will be located in the power subsystem.
6) Regulated square-wave a.c. will be the primary form of distributed
power. Raw d.c. will be supplied to the capsule, RF power ampli-
fier, thermal control heaters, and propulsion solenoids. NOTE:
The propulsion solenoids require pulses of power up to 750 watts
and lasting a few milliseconds_ therefore, they are supplied with raw
d.c. to avoid sizing regulators and inverters for these high pulses.
7) Adequate power will be provided to carry the spacecraft load defined
in Figure 4.1.1-2.
8) The a.c. square-wave voltage will be regulated within a range of +2,
-3 percent of nominal at the power subsystem buses. Rise time will
be 5 + 4 microseconds, and overshoot will be i0 percent or less.
D
Frequency accuracy will be _ 0.01 percent with synchronization, and
5 percent without synchronization.
9) Precision oscillators with frequencies of 460.8, 72, 19.2, 2.4
and 0.4 kc having an accuracy of one part in 106 , are required.
i0) Subsystem components will withstand dynamic loads resulting from
inputs shown in Figure 4.1.i-3. These inputs are based on specific
levels of random noise and decaying sinusoidal inputs given in
Section 2.0.
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Figure 4. 1.1-2: Spacecraft Power LoadProfile
4.1.I-7 & 4.1.i-8
BOEING-- SPACE DIVISION
D2-82709-6
IOL
5
¢I-
Z
:/ 1.o-
o
Z
_J
> 0.1_
i /
I ,DIV Q (DYNAMIC MAGNIFICATI )
AXIAL J /
.____.S[
1
-2Z2x i
!
TO.,,_.___ _LOADS DUE TOLOADS DUE
TRANSIENTS _ RANDOM NOISE
0.01' i •
1.0 10 I00 1000
NATURAL FREQUENCY OF STRUCTURAL ELEMENT (CPS)
Figure 4. i. 1-3 : DYNAMIC LOAD REQUIRHMENTS
ii) Solar array stiffness will be sufficient to prevent deleterious
coupling between the solar panels and the guidance and control
subsystem.
12) Solar panel material thicknesses will be selected to reduce possi-
bility of damage during handling.
13) Power subsystem will supply all load requirements with a maximum
solar intensity of 140 mw per sq cm near Earth, and a minimum of
50 mw per sq cm near Mars.
14) The solar array will withstand temperatures from 150°C (orbit
injection) to -170°C (occultation by Mars).
15) The power system will be capable of accommodating solar occultation
up to 3.7 hours, as set forth in Volume A 9 Part 19 Section 3.1.
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4.1.1.4 Preferred Design and Functional Description
Power subsystem is composedof an array of 12 solar panels, 3 silver
cadmiumbatteries, 3 battery chargers, 3 series switching regulators,
3 2400-cps inverters, 2 400-cps inverters, failure sense circuits,
power switching and control, and 2 precision oscillators with countdown
registers. A functional description of the power subsystem is given
below9 followed by a discussion of transfer functions and descrip-
tions of each power subsystem component. Components are related as
shown in the functional block diagram, Figure 4.1.i-4.
Primary power, distributed as 2400-cps square-wave single-phase a.c.,
is supplied to redundant subsystem loads on three separate buses. Loads
are so arranged on the three buses that the mission will be completed
successfully if power on one bus is lost. Each 2400-cps bus is powered
by a separate inverter and d.c. regulator. The power subsystem is
internally connected so that loss of power in one bus will not adversely
affect power on remaining buses.
A failure sense and switching unit at the input to each series-switch-
ing d.c. regulator will disconnect the regulator from the raw-power line
in the event of excessive input current to the regulator, or high out-
put voltage from the regulator. Each regulator and 2400-cps inverter
is equipped with an overload circuit that will shut down the unit if a
load fault or other external fault occurs, and will then reapply power
after a time delay (e.g., i0 seconds). If the fault persists, the
affected unit is operated on-and-off in a cyclic manner until the fault
clears, or until the entire affected bus is turned off by a ground com-
mand through the failure sense and switching unit.
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Figure 4. i.I-4:
Power Subsystem
Block Diagram
4.1.1-11 & 4.1.1-12
BOEING--SPACE DIVISION
D2-82709-6
Two redundant raw d.c. circuits are provided for each of the following
loads: the capsule, RF power amplifier, propulsion solenoids, and the
thermal control heaters. Each circuit has current-limiting and over-
load protection, operating in the same manner as the protection for the
regulators and 2400-cps inverters.
Two 400-cps square-wave inverters provide power to the science subsystem
scan platform. The inverters are supplied from separate d.c. regulators.
On-off switching of each inverter is provided in the power subsystem by
commands from the computing and sequencing subsystem.
A precision crystal oscillator, with an accuracy of one part in 106 , and
a countdown register provide 460.8, 72, and 19.2 kc synchronizing sig-
nals for the spacecraft on parallel-redundant lines, and 2.4 kc and 400
cps signals for the inverters. Redundant oscillators and countdown
registers are included.
The selected arrangement of the solar array provides:
i) An array area of 315.9 sq. ft. with sufficient power capability to
satisfy the electrical load requirements.
2) A maximum useable area (177.6 sq. ft.) in fixed panels.
3) The capability to accomplish all mission objectives without electri-
cal power load reduction for more than 3 months of the Mars orbital
phase if one solar panel fails to deploy.
4) The capability to fit within the 30-foot diameter Boeing space
chamber with all panels deployed.
5) Capability for growth to accommodate missions with higher power
requirements.
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The solar array consists of eight 22.2 sq. ft. trapezoidal fixed panels
and four 34.58 sq. ft. rectangular spring-deployed panels. The array
contains 28 electrical sections. The solar array area can be increased
by 46 sq. ft. by adding radially to the deployed panels or by 138 sq. ft.
by adding additional deployed panels in a dual-fold arrangement. Power
during off-Sun operation is provided by three 38-celi silver-cadmium
batteries.
Power from the 28 electrical sections of the solar array and from the
three batteries is controlled by a diode logic network in the power
switching and logic unit. The diode network is so arranged that space-
craft battery power cannot be directly used by the capsule, and a short-
circuit failure of a battery charger will disable only one-third of the
solar array and will not directly consume battery power. The power
switching and logic unit also contains a switch for applying ground
power during prelaunch.
Three 55-watt battery chargers are provided. Each charger has failure
sensing and switching to disconnect the charger in event of a battery
or charger failure.
A booster converter/share sense unit senses undesirable solar array/
battery sharing conditions and provides power to the unregulated bus to
transfer the operation back to the normal nonsharing mode.
Conditions for battery sharing will not exist until after one month in
orbit because of excess solar array power available prior to that period.
Hence, the booster converter/share sense unit will not be required to
function until that time.
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Assignment of power loads to the three buses is shown in Table 4.1.i-i.
Output power and thermal power dissipation of each power subsystem com-
ponent is shown in Table 4.1.1-2 for each phase of the mission. A
computer program developed in Task A will be used in Phase IB to main-
tain a record of the spacecraft electrical power load.
A mathematical model of the power subsystem showing the transfer func-
tions of the subsystem components, is presented in Figure 4.1.1-5. The
model defines the interrelation of the power subsystem components, the
interfaces with other spacecraft subsystems, and the relation of space-
craft parameters to the power subsystem. The model can be implemented
on an analog computer or can be readily converted to digital computer
implementation. This model will be implemented on an analog at Boeing
to provide an analysis and design tool for use during subsequent phases
of the Voyager program. The model, arranged in submodels, can be read-
ily expanded or revised during design development and problem solving.
For example, in Phase IB, submodels of the battery and solar cells will
be expanded to show temperatures as variables which are dependent on
thermal configuration and electrical load.
Parameters used in the model are identified on Teble 4.1.1-3 and Figure
4.1.1-5.
Subsystem Components
Solar Panels--The solar array contains 63,440, 12-mil, 2 by 2 cm silicon
solar cells. The array has eight fixed trapezoidal, and four deploy-
able, panels.
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Table 4.1.1-1 HI
LOAD
Computing and Sequencing
Pyrotechnic
Attitude Reference Gyros
Attitude Reference Electronics
Autopilot
Command
Radio
Telemetry
Antenna
Data Storage
Propulsion
Science
Total 2400 cps loads
2400 ops inverter input
400 cps inverter input
Oscillator/Register
Charger (Standby)
Total Regulator Loads
Regulator Input
LAUN_
I
BusAiBus B !BusC!Total
I I
35 I 0 i85 i 70
0 i 6 6 • 12
6 6 i 6118
0 I 25 . 25 i 500 I 0
2o i o i2o
) I[_ . 24.2. 49.2) I 7.5! 7.5
) i 0 . 0 i )) o I o )
) 0•5 i 0.5" L
o i o . o ! )
I I
61.0! 62.5i104.2i 227.7
71.9 .I 73.6 i 122"7i 268.2
o I o : o : o
2 . 2 I o I 4
ill li 374.9i 70.6.i123.7.275.2
86.1i 88._! 142.4!316.6
I
REFERENCE ACQUISITION
I I
Bus A iBueB !Bus C iTotal
I
35 i ° i 35 I 70
0 • 6 6 i 126 I 6i 6 18
0 i 18.5. 18.51 3720 . 20 1 0 _ 40
20 I o i o I 20
0 25 49.2
• . 24.2i0 1 0 1 7.5 7.5
o i o.5: o.5i 1
o o I o . o
o i 0.5: o.51 1
o • o I o o
I " i
81.0i 76.5!98.2i255.7
I
94.5i 90.0" i15.7 i 301.0
0 • 0 1 0 • 0
21 2 i 0 I 4
1 ' 1 • 1 • 3
98.4! 116.7! 308.193.01
I 107.0i134.21
i13"i i
354,3
!
CRUISE
I
Bus A I Bus B Bus C iT°tali i
35 i 1 35 1 7o
• 6 i 12I 6 . 18
i 13 1 26
0 2O
0 i 20
I. 9.9 I 19.9
I 7.5. 7.5
i 6 112
0 i 12
i 0.5 l
. 9.5 1 29.5
I
i 934i247.9
i 109.9!291.5
• o I o
I o . 4
i i i 3
• 110.9 i 298.5
I1273i3429
0
0 6
6 i 6
0 , 13
!0 _ i0
20 0o i lO
o I o
0 . 6
6 I 6
0 0.5
I0 i i0
87.0 1 67.5
102.2 79.40 i 0
2 i 2
1 . 1
105.2 I 82.4
121.0 i 94.6
o
Charqinq No Charqin_
Regulator inputs
Chargers (input)
Temperature Control
Capsule
Failure Sense Units
Telemetry Power Amplifier
Power Switching & Logic Load
Power Required Prom
Source - Watts
316.6
0
0
0
3
0
354.3
0
0
0
3
0
342.9
152
0
200
3
150
319.6
336
357,_
376
847.9
894
342.9
0
0
200
3
150
695.9
733
This tabulation is for the nominal mission•
_> This condition occurs after reference acquisition and each midcourse correction.
Load may be switched to this bus if other bus fails.
MIDCOURSE
OR ORB:
I
BusAi Bu:
35 i
06i
0 i 2";
45 • 4_:
2o I
0 1(
o I
o I
6 .
o I
i0 1{
I
122.0 i 11(
143.7o.i131:
146.7, 14C
I
168.8i 16:1
ECTRICAL POWER LOAD
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3ON/_ECTION
r TRIM
BiBusCiTotal
1 35 I vo
I 6 i 12
6 • 18i 27 1_4
0 i 90•I o 20
l 9.9 i 19.9
i 7.5 I 7.5
• 6 I 12
.5!o i120.5 1
! 9.5i2g.5
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I o I o
i °i 4
• 3
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ORBIT INSERTION
I • ,
BusAiBusB IBusc I Total
35 I 0 I 3_ i 70
0 : 6 I 6 I 12
6 I 6 . 6 • 18
o i 27 i 27 I 54
18.5.18.5i 0 i3720 I 0 . 0 . 20
0 • 10 I 9.91 19.90 I o • 7._. 7.5
0 i 6 I 6 112
6 . 6 : 0 " 12
o 1 o.5! o.51. 1
10 . ZO I 9.5l 29.5
I
95.5i 90.0i107.4i292.9
112.3 i 106.0 1126.4 ! 344.7
o o i o i o
2 i _ 0 • 4
1 i 1 i 11 3
115.8log.oi127.4i3_1.7
I
132.9i 125.2i146.9i 4o5.o
WithCapsule
405 557
0 152
0 0
0 200
3 3
150 150
558
587
ORBIT
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CAPSULE
I
Bus AiBus BiBus ci Total
35 I o i 35 I7o.
o o I o I o
6 i 6 • 6 18
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10 .10 i 0 i_o20 I o o . 20
o i n.4 i li.31 22.7
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o I o . o • o
5o i 50 I 5o 115o
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0
0
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3
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1118 958 908
CAPSULE SEPARATION
: I ;
Bus A I Bus B i Bus C I Total
35 i 0 i35 i70
0 i 6 ' 6 I 12
6 . 6 I 6 • 18
0 I 18.5i18.5137
lO ilo o i2o20 0 I 0 . 20
0 i 11.4i 11.3122.7
0 • 0 . 7.5 • 7.5
o I 6 I 6 I 12
l_ i14 . 0 i28o o.51 0.5. 1
10 i 10 i 9.51 29.5
95.0i 82.4i 100.3i 277.7
1,1.8! 96.9i 118.0.i326.7
o i -o- i o I -o-
2 2 . 0 i 4l I z I 1 3
1,4.8i g9.9i 119.0i 333.7
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-%
No
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0
0
0
3
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SUN OCCULTATION
I
BusA!BusBIBusCiTotal
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o o I o o
I 6 6 I z8o 18.5i 37
. 18._ I
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Each trapezoidal panel, mounted adjacent to the body of the spacecraft,
contains two electrical sections. Each electrical section consists of
two series strings of 180 six-cell submodules, and one series string of
130 five-cell submodules (Figure 4.1.1-6). Adjacent series strings are
connected for opposite current flow to reduce the magnetic field. Wires
from each string are routed beneath the panel, directly under the string9
to decrease magnetic effects further. The strings are also staggered to
equalize the effect of panel temperature gradients.
Each of the four deployable rectangular panels contains three electrical
sections. Each section has three series strings of 130 six-cell sub-
modules.
The solar cells (air mass zero efficiency of ii percent), the filters
(0.006-inch thick), and adhesives (RTV 40 and LTV 602) are the same as
used in Task A preliminary design.
Solar panel structures and mechanisms have been changed because of lower
design loads and a new planetary vehicle configuration, resulting in a
decrease in array weight from 1.18 to 0.861 pounds per square foot.
Structure of the panel consists of a solar ce!l mounting surface (skin),
stiffened with a corrugated substrate, and frame and/or edge members as
shown in Figure 4.1.1-6. Materials used in the structure are the same
as those evaluated in Task A. The skin and corrugated substrate are
2024-T4 aluminum alloy, bonded with a high-temperature epoxy (Epon 934
A/B) adhesive. The solar-cell mounting surface is insulated with a
polyamide coating (SMP 62/63), and the back of the panel is coated with
a thermal control paint (Laminar X-500 satin black). The corrugated
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substrate is bonded to the frame to provide thermal contact, lessening
the temperature gradient experienced during retromaneuver and solar
occultation, so as not to overstress the structure. Frame structure is
6061-T6 aluminum. Physical characteristics of the structure appear in
Section 4.1.i.6.
The array latching mechanisms are of the type used in Task A. The latch
for holding the deployable panel in stowed position (Figure 4.1.1-6)
uses an electroexplosive pin-pulling device. A microswitch indicates
the deployable panels are in stowed and latched position through a hard-
line connection to the launch test complex.
Deployment mechanisms have changed as a result of lower torque required
(due to fewer wires being flexed per panel), the 90-degree deployment
angle (rather than 180 degree), and the deletion of the requirement that
any one panel must move at a certain rate with respect to the others. A
flat-wire beryllium copper torsion spring is now used to deploy the solar
panels. Two springs per panel, one at each end, eliminate twisting
moments in the panel, hence no torque tube is required.
Battery--Basic requirements for Task B battery design are the same as
for Task A. Three silver-cadmium batteries are used, two batteries
being required for mission completion. The battery is sized by the
energy required during 3.7 hours of occultation. The nominal 40-volt
batteries have 17.5 ampere-hour cells to meet the load requirement when
two are operating. Energy density in the batteries is 13.9 watt-hours
per pound for 75-percent depth of discharge, which would be obtained
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when only two batteries are operating. Each battery has 38 series-con-
nected cells, three temperature transducers, launch control equipment
charger isolation diodes, and isolation resistors.
D.C. Regulator--The preferred design uses a series-switching type regu-
lator which must have an input voltage higher than the regulated output
voltage. Maximum input voltage is limited only by the rating of the
components in the regulator.
An internal protection circuit will shut off the transistor switch in
event of a current overload or fault on the regulator output. The switch
is held off for a period (e.g., i0 seconds)_ and then normal operation
resumes. If the overload still exists, the transistor switch again
shuts off, and on-off cycling continues as long as the overload persists.
The cycling condition can be detected from telemetry data and the regu-
lator can be turned off by ground command, if desired. The on-off switch
is located in the failure sense and switching unit. The series-switching
regulator is the same as that designed for Task A, except for the over-
load protection and a lower rating of 175 watts nominal, 255 watts maxi-
mum continuous, and a transient load capability of 300 watts. The effi-
ciency at 65 volts input is 87 percent, and at i00 volts is 83 percent.
2400-cps Inverter--The inverter is a conventional push-pull type using a
linear output transformer for a squarewave output. An intermediate trans-
former provides drive power and has a winding for positive feedback for a
flux oscillator. An external squarewave synchronizing signal will con-
trol the inverter frequency to +_ 0.01 percent during normal operation.
Loss of the synchronizing signal will leave the inverter running on its
flux oscillator, maintaining +_ 5-percent frequency accuracy.
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An overload circuit turns off both power transistors of the inverter if
output current becomesexcessive due to an overload or load fault. Oper-
ating characteristics of this overload circuit are the same as those of
the d.c. regulator overload circuit. A persistent load fault will cause
cyclic on-off operation of the inverter. The turn-off time is rapid
enough to prevent an overload from propagating to the d.c. regulator. If
required, a ground command can be issued, as with a d.c. regulator over-
load, to disconnect the faulted bus via the failure sensing and switching
unit.
The 2400-cps inverter is the same as the inverter used in the Task A
preliminary design except for the overload circuit and a higher power
rating. The Task B inverter is rated 150-watts nominal, 215 watts max-
imum continuous, and 275 watts transient. Efficiency is 85 percent at
150 watts.
400-cps Inverter--The 400-cps inverter is similar in design to the 2400-
cps inverter except no overload protection is provided. A 400-cps inver-
ter with a faulted output will overload its d.c. regulator, causing the
d.c. regulator overload circuit to operate. The affected 400-cps inver-
ter can then be turned off by command by means of the power control unit.
The 400-cps inverter is rated i0 watts nominal, 15 watts maximum, and 20
watts transient. Efficiency is 85 percent at i0 watts.
Battery Charqer--The preferred design of the battery charger is the same
as the design used in the Task A preliminary design. The charger con-
sists of an energy storage network and a transistor switch, driven by a
pulse width modulator (PWM) that controls the energy delivered to the
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battery. During charge, the PWM is controlled by the charger input cur-
rent. Charging power is essentially constant until full charge is
reached, when the charger shifts to a constant voltage mode to maintain
full charge as determined by sensing battery voltage and temperature.
When in the constant-voltage mode, the input current-limiting sensor
is still in operation to limit charging current if a fault develops in
a battery. Battery charger efficiency is 85 percent at rated output.
A failure sensor in the charger senses charger and battery failures,
and disconnects the charger from the solar panels. The sensor also
signals the other chargers to increase charge rate if failure occurs.
Fail Sense--A fail sense unit located at the input to each d.c. regu-
lator isolates a failed a.c. bus from the unregulated d.c. power, thus
preventing a fault at one bus or its inverter or regulator from affecting
the remaining buses. The fail sense units are similar to those in the
Task A preliminary design.
The fail sense circuit monitors input current and output voltage of
the d.c. regulator to determine if a failure has occurred. Hither a
high d.c. input current or high regulated d.c. output voltage will indi-
_^....a _._1_o_u_=..... Low input current and low output voltage will not be
identified as failures. This situation can occur if the regulator over-
load circuit is operating or if the input voltage drops. Ground command
override is provided for each fail sense unit.
Power Switching and Loqic--The preferred design includes a power
switching and logic unit somewhat different from the unit in the Task A
preliminary design. Additional logic diodes are included because the
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capsule requires raw d.c. power from the solar array. The diode logic
change also prevents a failed battery charger from disabling the entire
array and from directly using battery power. A power switching and
logic block diagram is shown in Figure 4.1.1-7.
Blocking diodes, in series with each solar panel section, provide
isolation of electrical sections. Additional blocking diodes from
each solar panel section are connected to provide three mutually-iso-
lated battery-charging circuits. These diodes prevent battery power
from reaching the battery charger, and limit the effect of a fault in
one charger to only one-third of the solar array. Power for the capsule
also goes through separate blocking diodes to prevent spacecraft
battery power from reaching the capsule, as shown in Figure 4.1.1-7.
Failure of any single diode or several diodes will not cause a cata-
strophic loss of power.
The power switching and logic unit uses reverse anode diodes to pre-
vent a short from the diode case to chassis from faulting the complete
raw d.c. bus in the event that the other side of the power subsystem
has been grounded previously by a fault. 0therwise 9 the current in
the first ground fault is limited by the resistor in the ground net-
work. With reverse anode diodes, such a short would fault only one
panel section; or, in event of a fault in a capsule circuit diode_ only
one-third of the solar panel sections would be affected. A short to
chassis of one of the battery diodes would cause a high fault current
in that battery if the other side of the power subsystem has been pre-
viously grounded. In any event_ a battery diode short to chassis will
not directly affect the remaining two batteries.
4.1.1-32
SOLAR ARRAY
ELECTRICAL
SECTIONS I-9
ELECTRICA L
SECTIONS 10-18
ELECTRICAL
SECTIONS 19-28
BATTERY
I
BATTERY
3
]I_DEING-- SPACE DIVISION
D2-82709-6
q
I
.m
i
w
I-9 I_
lO-18j_
19-28 j_
O CAPSULE
O BATTERY CHARGER 1
O BATTERY CHARGER 2
O BATTERY CHARGER 3
O D.C. REGULATORS
O TEMPERATURE CONTROL
O PROPULSION SOLENOIDS
O R.F. AMPLIFIER
Figure 4. 1. 1-7: Power Switchingand Logic Unit
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The power switching and logic unit has telemetry sensors to monitor
battery charge and discharge currents, battery voltage, solar panel
current, and the unregulated d.c. voltage and current.
Booster Converter and Share Sensor--The booster converter/share sensor
unit is the same as the unit used in the Task A preliminary design.
During the latter part of Mars orbital operation, it is possible to
have a battery-sharing condition even though adequate power is avail-
able from the solar panels to supply all system loads. The booster
converter/share sensor unit prevents such an operating mode.
A solar gate indicates that the array is Sun-oriented. If the sharing
sense circuit detects sharing, the booster converter adds voltage-
boosted battery power to the unregulated bus to shift the load to the
high-voltage, low-current portion of the solar array I-V curve. In
addition, when sharing is detected, battery charging is inhibited until
normal operation resumes. Booster converter operation can be overridden
by ground command. The booster converter/share sense is not required
until well after orbit has been achieved. Prior to that time, sufficient
solar array power and current are available to preclude battery sharing.
Power Control Unit--A power control unit is included in the power sub-
system to control raw d.c. power to the capsule, thermal control, pro-
pulsion solenoids, and rf power amplifier and to protect against
overloads. This unit also contains switches to control the two 400-cps
inverters.
Each overload protection circuit on the d.c. output lines consists of
a transistor switch with current-limiting base drive, and a current
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monitor which will turn the switch completely off in event of a load
fault. Thus the fault current is limited to prevent high transistor
surge currents before turn-off. Current limit set points are shown in
Table 4.1.1-4. The circuit operates on 2400-cps a.c. power. Two over-
load protection circuits, each powered from a different a.c. bus, are
provided for each d.c. load.
Precision 0scillator--The precision oscillator and countdown registers
provide 460.8, 72, 19.2, 2.4, and 0.4 kc signals to the power, guidance
and control, telemetry, data storage, computing and sequencing, and
the data automation equipment (Figure 4.1.1-4). Two crystal oscillators
and two countdown registers provide cooperative multi-channel redundancy
with cross coupling (Figure 4.1.1-8).
Parallel output detectors sense the operation of the oscillators,
and, through logic circuitry, supply input pulses to two countdown
registers. Registers are operated simultaneously, and the corresponding
outputs of each register are paralleled and gated to drive output
stages that produce the required timing signals. Phase detectors,
located at outputs of each register, detect phase shift and reset the
register to the same state if a phase shift is detected, thereby main-
raining symmetrical output waveforms.
The countdown register consists of micrologic binaries utilizing ex-
ternal feedback. A positively synchronized isolated dual output is
provided for each of the required frequencies, with the exception of
the timing signals supplied to the power subsystem inverters. Inverters
have a free-running mode, hence do not require redundant external
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Output Bus
Unregulated dc A
Unregulated dc B
Unregulated dc C
Unregulated dc D
I
Unregulated dc E
I
Unregulated dc F
I
Unregulated dc G
I
nregulated dc H
2400 - op s A
2400 - cp s B
2400- cp s C
400-cps A
4CO-ops B
_60.8-KC
72-KC
19.2-KC
Subsystems
Using Power
Capsule
Capsule
Minimum
0
0
Load in Watts
Maximum
Maximum
Steady
Maximum State Transit
2O0 2OO 25O
200 200 250
RF Power Amplifier 0 150 150 225
RF Power Amplifier 0 150 150 225
lemperatureControl 0 40 40 50
Temperature Control 0 40 40 50
Propulsion 0 750 0 750
Solenoids
Propulsion 0 750 0 750
Solenoids
Computing &
Sequencing
Pyrotechnic
Guidance &
Control
Data Storage
Command
Science
Pyrotechnic
Guidance &
Control
Command
Radio
Telemetry
Data Storage
Science
Computing &
Sequencing
Pyrotechnic
Guld_uce &
Control
Command
Radio
Telemetry
Propulsion
Science
TABLE 4.1.1-4: POWER S[
Science
Science
Telemetry
61
62
93
DAE/Science
Computing &
Sequencing
Guidance &
Control
146 215 * 275*
121 215 * 275 *
129 215 * 275 *
I0 15 20
I0 15 20
Current
Limit
Set Point
(Amperes)
6.5
6.5
1.0
1.0
Overload
Cutout
Set Point
(Amperes)
5.5
5.5
O.9
0.9
Nominal
Voltage
(Volts)
57-ioo
57-ioo
37-i00
37-i00
37-51
37-51
50 rms
50 rms
50 rms
28 rms
28 rms
o-4.5v
0-4.5 V
o-4.5v
* Inverter Rating
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3SYSTEM OUTPUTS AND TOLERANCES
Voltage
Tol eranc e
+_@, -3%
+2%-3%
+_,-3%
Frequency
Tolerance
(with Syno )
_0.01%
±0.01%
_O.01%
Frequency
Tolerance
(without Sync)
+5.0%
±5.o%
*5.0%
Remarks
I) Actual current overload set point will depend on type of load.
2) Only one of the two lines will be used at any one time.
3) 100 volts occurs only with a cold panel.
i) Overload cutoff setpoint-has a one second time delay.
2) i00 volts occurs only after occultation.
3_ Only one of the two lines will be used at any Qn@ tim_,
Telemetry normally connected to 2400-cps bus C.
It can be switched to bus B.
Command normally connected to 2400-cps bus A.
It can be switched to bus B.
+o.o1% +5._
_0.01% _ _ Only one of the two lines will be used at any one time.
J,vio
_0.0001%
±o.ooo1%
*0.0001%
Two separate lines to each subsystem.
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synchronization. All timing signals are 0 to 4.5 volts square wave.
Power for each oscillator and countdown register comes from a separate
d.c. regulator.
4.1.1.5 Performance Characteristics
The power subsystem supplies unregulated 37 to i00 v.d.c._ regulated
50 volt, 2400 cps a.c._ regulated 28 volt, 400 cps a.c.; and synchroniz-
ing signals to the spacecraft subsystems. These outputs, with their
limits and tolerances, are shown in Table 4.1.1-4.
Design of the power system is greatly affected by the limits of the
Mars orbital condition. Battery capacity is directly affected by the
length of time in Sun occultation and, to a second order, by the number
of charge-discharge cycles encountered during a 6-month mission. The
solar array area is directly affected by the percent of orbital time
spent in Sun-occultation and, to a second order, by the level of solar
intensity at the time within the 6-month period when occultation occurs.
The subsystem was developed by_ (1) selecting a nominal set of orbit
conditions, (2) establishing a preferred design to meet the requirements
of the nominal orbit, (3) examining the preferred design's capability
to meet the requirements of all orbits of interest. Orbital conditions
selected are discussed in Volume A, Section 3.1 and are shown in
Table 4.1.1-5.
The solar array areas required for each of the conditions in Table
4.1.1-5 are shown in Table 4.1.1-6.
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Table 4.1.1-5:
Highest Hour
Occultation
Nominal Orbit
Highest Percent
Occultation
LIMIT CONDITIONS OF ORBITS OF INTEREST
ORBIT PERIOD
HOURS
24.0
13.8
OCCULTATION
HRS/ORBIT
3"7(1 )
1"9(2 )
0.67
(1)
(2)
(3)
2.85
Worst case for sizing battery
PERCENT
OCCULTATION
15.4%
13.7%(2 )
23,5Z(3 )
CHARGE
DISCHARGE
CYCLES
60
200
1540
Occultation occurring at end of 6-month orbit period
Worst case for sizing solar array
Orbit
Table 4.1.1-6: SOLAR AREA REQUIREMENTS
Maximum
OccultationPeriod
Hours
24.0
13.8
2.85 0.67
(1)
Hours Percent
3.7 15.4
Output
Watts
937
Occultation During
First 30 Days
Area Sq. Ft.
Solar Array Requirements
Occultation During
Last 30 Days
Area Sq. Ft.
27O
1.9 13.7 908 262
23.5 1093 306
Nominal orbit used for preferred design
325
316 (1)
369
It is noted that the preferred design has sufficient solar array area for
all orbital conditions except during the latter parts of the worst-case
orbits. It is proposed that selected subsystem redundent loads be turned
off by ground command when power becomes critical for these worst-case
orbits. Such load dropping is not required until late in the 6 months
of orbital operation after the redundancy has served its purpose in
increasing mission reliability. The resulting decrease in mission
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reliability is minor compared to mission goals as is shown in Volume A,
Part I_ Section 3.11. Ground monitoring of spacecraft conditions is used to
determine the necessity for load dropping and to select loads not essen-
tial to continue operations.
Battery requirements for the range of orbits of interest are shown in
Table 4.1.i-7.
Table 4.1.1-7: BATTERY REQUIREMENTS
ORBIT BATTERY
NUMBER WATT- DEPTH
PERIOD OCCULTATION IN HOURS OE
HOURS HOuRslPERCENT NUMBER OPERATION REQUIRED DISCHARGE
3 2060 76%
24.0 3.7 15.4 60 2 of 3 2060 85%
2 of 3 1555 85%
(1)
BATTERY WEIGHT
CAPACITY OF 3
100% BATTERIES
DEPTH POUNDS
2720 148
2420 198
1830 148(2)
3 1060 46.2% 2300 124
13.8 1.9 13.7 200
(3) 2 of 3 1060 68.5% 1550 124
2.85 0.67 23.5 1540
3 373 25% 1475 80(4)
2 373 38% 982
(i) B+ on TWT shutoff during occultation
(2) Orbital configuration used for battery selection
(3) Nominal mission
(4) Minimum battery size required by midcourse maneuvers
80(4)
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In the 3.7-hour occulted, 24-hour orbit, occultation may occur early in
the 6-month orbital phase of the mission when dropping of redundant load
is undesirable. The table shows that 24 additional pounds of battery
weight above the weight required for the nominal mission is required to
satisfy the longest occultation (hours) orbit, even though a deeper depth of
discharge is permissible for the lower number of discharge cycles. Battery
weight for the preferred design was therefore increased by 24 pounds. In
event the 3.7-hour occultation must be faced early in the mission, and
one battery has previously failed, it is proposed to shut off the B+ to
the traveling wave tube by ground command during the 60 cycles of occul-
tation. To satisfy the long occultation, assuming one battery out of
three has failed, would have required an addition of 74 pounds of battery.
The subject of solar array area and battery capacity will be reviewed in
Phase IB after the range of orbital conditions is more precisely defined.
Solar Array Electrical Performance--The characteristics of the 316-
square-foot solar array are:
i) Nominal operating output voltage near Earth - 63.5 volts
2) Nominal operating output voltage, Mars orbit - 67 volts
_ n^_u _+_nn outout voltage,oj ..... Mars orbit - i00 volts
4) Maximum power near Earth - 2.5 kw
5) Maximum power at Mars encounter - 1.2 kw
6) Maximum power at end of mission - 975 watts
7) Maximum power at 50 mw per sq cm solar intensity - 944 watts
8) Solar cell efficiency at air-mass zero, 140 mw per sq cm 28°C-ii percent
9) Sun orientation required for rated performance - ± 5°
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The solar array volt-ampere characteristics are shown in Figure 4.l.l-ga.
Values of selected voltages and currents as a function of time are shown
in Figure 4.1.i-9b.
The array performance is based on extrapolated solar-cell performance
data with degrading K-factor modifications. K-factors for the solar
array are the same as those in Task A, except for the radiation degrada-
tion, K5. The radiation degradation based on the specified Mars environ-
ment is shown in Figure 4.1.i-9c. K5 becomes 1.00 at launch, 0.819 at
encounter, and 0.790 at end of mission. The change of K5 modifies the
total array degradation factor, KT, to 0.793 at launch, 0.649 at encounter,
and 0.626 at end of mission. In Task A, Ky was 0.571 at end of mission.
Calculations based on the revised micrometeoroid definition show that
the coverglass area affected by pitting during a 13-month period will
not exceed 0.13 percent.
The temperature gradients in the solar array are affected by proximity to
the spacecraft body and by surface characteristics of the capsule, and are
shown in Figure 4.1.i-9d. Figure 4.1.i-9e shows how the average panel tem-
perature of fixed and deployed panels varies with solar intensity. Pre-
dicted panel temperature rise during retro firing is shown in Figure
4.1.i-9f. Mars radiation at a periapsis altitude of 800 km would result
in a transient panel temperature increase of 35°C at 67 mw per sq cm for
about 50 minutes. The effect is less at higher altitudes.
Battery--The maximum energy that can be stored in the three batteries is
2720 watt-hours. Allowable battery temperature range is +40°F to +llO°F.
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Figure 4. 1.1-9: Solar Array Characteristics
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To ensure long life, battery temperature must be controlled at 85°F nominal;
higher temperatures shorten the battery life. The depths of discharge
for various orbits are shown in Table 4.1.1-7.
Flight Measurements--The parameters selected to be measured and teleme-
tered to Harth provide information necessary to: i) ascertain performance
of the power subsystem and components, 2) provide trends to identify
impending malfunctions, 3) indicate malfunctions so that appropriate
corrective ground commands can be sent to the spacecraft. A summary of
measurements appears in Volume A, Part I, Section 3.7.
Commands to the Power Subsystem--Thirty-two commands for normal subsystem
operation and ground command overrides of automatic switching functions
are provided. Command list appears in Figure 4.1.7-7, "Command Subsystem
Interface Diagram."
4.1.1.6 Physical Characteristics
Weight, dimensions, and volume of the power subsystem components are tabu-
lated in Table 4.1.1-8. The power conditioning electronics and batteries
are assembled in four separate cases to provide the required surface area
for heat radiation. Each battery is installed in a separate case, together
with a d.c. regulator, 2400-cps inverter, failure sense unit, and a battery
charger. These electronic components provide heat to maintain a controlled
UdL_y temperature. The power control unit, power switching and logic,
400-cps inverters, booster converter share sense unit, and the precision
oscillator and countdown registers are contained in the fourth case.
Table 4.1.1-9 identifies physical characteristics of the preferred con-
figuration of the solar array.
4.1.1-47
BOEING-- SPACE DIVISION
D2-82709-6
Table 4.1.i-8: System Component Weight, Dimensions, and Volume
Weight
Unit pounds
ii
Power Switching& Logic 6.3
D.C. Regulator 6.7
Failure Sensor 2.0
2400-cps Inverter 5.1
400-cps Inverter 2.1
Battery Charger 4.6
Booster Converter 2.1
Oscillator/Register 4.6
Power Control 3.1
Subtotal
Electronic Chassis
Battery
Subtotal
Solar Array Weight
49.5
Size (inches)
5-1/2 x 16 x 6
5-1/2 x 16 x 3
5-1/2 x 16 x 1-1/2
5-1/2 x 16 x 3
5-1/2 x 16 x 11/2
5-1/2 x 16 x 11/2
5-1/2 x 16 x 1-1/2
5-I/2 x 16 x 2
5-1/2 x 16 x 1-1/2
5-1/2 x 16 x 9-1/2
Volume
Each
(cu.in.) Number
i
530 1
265 3
132 3
265 3
132 2
132 3
132 i
176 i
132 i
4
836 3
Total Weight
Total
Weight
pounds
6.3
20.1
6.0
15.3
4.2
13.8
2.1
4.6
3.1
75.5
45.5
148.5
269.5
272.1
541.6
Total
Volume
(cu, in_
53O
795
396
795
264
396
132
176
132
2,508
Table 4.1.1-9:
Item
I
Solar Cells
Thermal Paint & Dielectric
Fixed Panel: Substrate
Fixed Panel Frame
(incl. strut)
Deployable Panel Substrate
Physical Characteristics (Solar Array)
Frequency Deflectior Stress Margin
(cps) (inches) (Ksi) of
(O-P) Safety
(NA) (NA) (NA) (NA)
(NA) (NA) (NA) (NA)
23.6 1.4-1.0" 24.4 0.22
29.6
12.6
15.8
22.9
Deployable Panel Frame
Mechanisms
Solar Array
(with parts deployed) 4.2
i .74
(NA)
5.3 20.5
0.94
0.30
1.00
0.40***
.01
* Range of values for possible edge conditions (pinned-clamped)
_-_ 6.1 cps & 6.9 cps are bending & torsional frequencies respectively
***Applies to spring only
Weight
(pounds)
94.7
19.0
55.1
32.0
31.0
11.4
28.9
272. i
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4.1.1.7 Interface Definition
Interfaces between the power subsystemand the spacecraft and its sub-
systems are defined in Table 4.1.1-10.
4.1.1.8 Reliability and Safety
Overall subsystem reliability is calculated to be 0.9932, compared to
apportioned goal of 0.980. This calculation is based on a nominal miss-
ion of 5880 hours, and on the reliability logic diagram and mathematical
model shown in Figure 4.1.1-10. This number includes the portion of the
oscillator/register that provides synchronizing signals to the power sub-
system inverters, which will free-run with no synchronization signal.
The exclusion of this synchronization raises the calculated power sub-
system reliability to 0.99351.
As indicated by the reliability logic and the mathematical model, the
subsystem is a combination series/parallel configuration. Functional
component (e.g., battery charger, 2400-cps inverter) reliabilities are,
in general, calculated from the simple exponential form:
R = e-It
Where: = component failure rate
t = component operating time
These calculated values are presented in Table 4.1.1-11 and are inserted
in the subsystem mathematical model to calculate subsystem reliability.
Three components, however, are unique to the subsystem from a reliability
standpoint. A discussion of these areas follows:
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Table 4.1.1-11:
Subsystem Component
PREDICTED COMPONENT RELIABILITY
Symbol Reliability
Battery
Battery Charger
Power Switching and Logic
DC Regulator and Failure
Sensor and Switching Unit
2400-cps Inverter
400-cps Inverter
Booster Converter and
Share Sensor
Power Control Unit
Solar Array Panel
Deployment Mechanisms
Oscillator/Register
Rb
Rbc
Rp
Rr
R2.4
Ri
Rsb
Rsc
Rsd
Ro/r
0.98
0.9919
0.99999
0.99194
0.99796
0.99840
0.99653
0.99996
0.99961
0.99948
l) Solar Array and Power Switching and Logic--Redundancy is provided
within the solar array by providing a lO-percent excess of solar
cells. This allows a solar array output loss up to i0 percent with-
out endangering mission success. The i0 percent is treated as a
degradation factor, and predicted solar array power outputs assume a
lO-percent loss has occurre4. The calculated solar array reliability
is greater than 0.99999999.
Seven percent of the solar array power can be lost as result of the
loss of two isolation diodes located in %he power _=w_+chinQ,_,_ and logic
unit. This probability is less than 1 x 10 -6 , giving the unit an
effective reliability of greater than 0.999999.
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Overall solar array reliability (excluding deployment of the panels)
is 0.999999. Probability that any one of the four fold-out panels
will fail to deploy has been calculated as 0.00039, giving a reliability
of 0.99961, which appears in Table 4.1.i-i1 as the reliability of the
overall solar array panels and deployment mechanism.
2) Oscillator/Register--The oscillator/register is redundant at the
circuit level. Two independent oscillator/frequency divider/power
supply/output amplifier strings provide complete functional redun-
dancy. The standard operational reliability expression is applicable
in this case:
= )2
Ro/r 1 - (1-R s
where Ro/r = overall component reliability (shown in Table 4.1.1-11)
R = reliability of one "string"
s
Failure Modes and Effects Analysis--Table 4.1.1-12 summarizes the fail-
ure modes and their effects for the power subsystem and its components.
Figure 4.1.1-11 is a typical power subsystem fault tree. The preferred
design fault tree will be completed in Phase IB.
Safety--Equipment and personnel safety considerations have not changed
from those in Task A, summarized below:
l) Equipment safety--The power subsystem can be damaged by excessive
input voltages. Therefore, power supplies used during test and
checkout contain limiting devices. Hardline monitor circuits all
have current-limiting resistors in the power subsystem. Appropriate
handling and storage fixtures are provided to protect equipment,
4.1.1-54
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PREFERRED DESIGN SUBSYSTEMS WILL OPERATE WITH VOLTAGE
ON RAW DC BUS EQUAL TO BATTERY VOLTAGE WITHOUT
I_:>SIGNIFICANT PERFORMANCE DEGRADATION. THEREFORE,
CONDITION NOT TRUE AND FAULTS SHOWN DO NOT CAUSE
SYSTEM FAILURE
BUS VOLTAGE
SAME AS BATTERY
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l
SYSTEM PERFORM.
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Figure 4. I. 1-11: Typical Po
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including delicate solar panels. 0nly trained personnel will be
allowed to handle the panels.
2) Personnel safety--Excessive charge or discharge currents or tempera-
tures will cause the batteries to leak or explode. The potassium
hydroxide electrolyte in the battery can cause serious injuries,
so batteries will be used, controlled, and handled with caution.
4.1.1.9 Development Status
As stated in the Task A report, the silver-cadmium battery will require
some developmental testing to establish its design with the overcharge
capability desired. However, if the battery cells remain balanced and
the end-of-charge sensor functions, the overcharge capability is not
required. Sealed silver-cadmium batteries without the high overcharge
capability have been used on the Explorer XII series and the latest
0G0 satellite.
The power conditioning electronics are conventional, and in most cases are
similar to Ranger and Mariner equipment. The primary difference is that
a series-switching d.c. regulator rather than a booster regulator is
used. The series-switching regulator has been used in other space pro-
grams including Discoverer and Gemini. Dissipative current limiters
with non-dissipative shutdown devices are used in the preferred-design
subsystem, and are of conventional design.
The basic solar array uses a corrugated substrate similar to the Mariner
G solar array. The array deployment device is the same type used on
Mariner C.
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During Phase IB development tests will be conducted on the following items:
i) Battery overcharge capability and hazard investigation
2) Breadboard testing of failure sensing and switching
3) Solar panel substrate allowables
4.1.1.10 Trade Study Summary
The preferred design power subsystem for the Task B spacecraft differs
from that for the Task A spacecraft9 primarily because of a new spacecraft
configuration and because power distribution to other subsystems is required
to be a.c.
Trade studies conducted during Task A were reviewed, and the following
studies were found to be equally applicable to Task B.
Trade Study
Battery type
Number of batteries
Type of solar cell
Type of d.c. voltage
regulator
Inverter circuit
Method of battery
charging
Regulated d.c. voltage
Method to prevent
battery sharing
Conclusion
Sealed silver-cadmium battery
Three batteries_ any two of which can
carry the spacecraft load
Silicon, ii percent air-mass zero effi-
ciency at 28°C_ 12 mils thick
Series switching
Conventional push-pull switching inverter
Constant input-current to the charger until
full charge is reached_ then constant-
voltage controlled by battery temperature
35 volts
Booster converter share sense
Additional trade studies were conducted to establish a power subsystem
design for the Task B spacecraft. The most significant trade studies
are listed below, and are summarized in Figures 4.1.i-12 through 4.1.i-17.
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I) Solar Array Substrate Type-(Corrugated versus Honeycomb versus
Fiberglass Net)
Objective was to select the best substrate type for the new Task B
spacecraft configuration and environmental loading conditions. The
corrugated substrate was selected.
2) Solar Array Substrate Corrugation 0rientation-(Tangential versus
Radial).
Effect of orientation of the corrugations on total array weight was
examined. Tangential orientation was selected.
3) Solar Panel Deployment Actuator-(Clockspring versus Torsion Rod
versus Linear Spring versus Electric Motor).
A clockspring was selected.
4) Basic Subsystem Voltage Regulation-(Shunt versus Series)
Series regulation was selected.
5) 2400-cps Bus Arrangement-(Two Bus versus Three Bus)
A three-bus system was selected.
6) Overload Protection-(No Protection versus Several Levels of Protec-
tion).
Overload protection techniques were examined. Overload protection
on the 2400-cps inverters a_,d d.c. regulators was selected.
Some trade studies were conclusive; for example, the selected clockspring
deployment actuator was clearly better than the torsion rod, linear spring,
or electric motor. Other trade studies were not so conclusive. All trade
studies will be reviewed under JPL guidance during Phase IB as the
spacecraft design is developed.
4.1.1-67
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4.1.2 Guidance and Control Subsystem
4.1.2.1 Summary
The Voyager Spacecraft requires full attitude stabilization during all
mission phases to complete the mission successfully. The Sun-Canopus
celestial reference system used on Mariner C is also the prime reference
system for Voyager, and is augmented by an on-board inertial reference
system for maneuvers and for periods of occultation. The combined perfor-
mance of the celestial reference sensors, the autopilot, and the reaction
control system maintains a reference attitude within +0.3 o and attitude
m
rates within 0.0004°/second during cruise and non-occulted orbiting por-
tions of the mission. Auxiliary functions of the guidance and control
subsystem include pointing and control of the high-gain antenna_ measure-
ment of planet approach angles_ and detection of Mars limb/terminator
crossings during early orbital operations.
The preferred subsystem design, as illustrated in Figure 4.1.2-1, weighs
266.4 pounds and has a reliability of .9945 for 5880 hours. Components
of the subsystem are:
i) Redundant JPL/Barnes Canopus trackers, with modified baffling and
cone angle switching, are provided. An Earth sensor is included to
aid and verify initial acquisition.
2) The quadruple element Sun sensor incorporates the Clairex CdS
detectors used on Mariner providing multichannel redundancy.
3) Three Autonetics G6C modified Minuteman free-rotor air-bearing gyros
are used for attitude references during maneuvers and occultation.
With six axes of information, these gyros provide all axis redund-
ancy in a single 3-gyro package. Self contained failure detection
4.1.2-1
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is easily implemented through use of the two-axis characteristics
of the gyros. The proposed gyros have demonstrated a MTBF of
more than one million hours during 7 years of Minuteman opera-
tion. They are operated continuously after launch and provide
immediate emergency control in the event of an attitude disturb-
ance. Position accuracy is maintained through 3.7 hours of
occultation by means of bias update.
A Bell DVM IIIB acce!erometer is used for control of midcourse
correction engine shutoff. Velocity change is measured within
20.5_. Timed backup from the C&S provides a redundant control.
A d.c. analog autopilot is provided. By splitting redundant auto-
pilot circuits into 4 parallel paths (2 to each set of reaction nozzles
and jet vanes) positive control is provided for any single failure_
and degraded control is provided in the presence of two failures.
Normal thrust vector control accuracy is _+0.5° for both midcourse
and orbit inertion.
Two independent cold-gas reaction-control systems (identical in con-
cept to systems used on Mariner and Ranger), with ii pounds of
nitrogen in each of 4 separate tanks, provide high reliability. An
open thruster failure in the reaction control system results in only
2/3 depletion of total nitrogen supply; the remaining 1/3 is adequate
for full mission completion. The reaction control and autopilot
half-systems operate cooperatively in parallel without malfunction
detection circuitry.
4.1.2-3
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7) A Mariner C planet sensor with modified optics is mounted on a small
scan platform. Overall measurement accuracy of the angular direc-
tion to Mars is _0.2 ° during approach.
8) Limb/terminator sensors are implemented with Clairex CdS cells.
9) Hermetically sealed harmonic-drive positioners, digital stepper motors,
and associated electronics are provided for pointing the high-gain
antenna and planet tracker. High gain antenna-pointing error is
(less than) 0.90 relative to true Earth direction. The high gain
antenna pointing is updated in steps. Programming by the computing
and sequencing subsystem is such that pointing errors due to the
guidance and control subsystem do not exceed the step size of .35 ° •
Significant changes from Task A are:
i) Substitution of the G6C gyro for the GIOB gyro to increase confi-
dence in achieving the reliability demonstrated on Minuteman.
2) Elimination of a redundant accelerometer in favor of timed backup
from the C&S.
3) Elimination of Ball Brothers Sun-sensors, in favor of quadruple
Clairex CdS detectors.
4) Addition of planet tracker and limb terminator sensors to meet JPL
requirements.
5) Improved redundancy techniques in autopilot electronics and reaction
control equipment.
The system configuration and equipment selections will be further reviewed
with JPL during Phase IB.
4.1.2.2 Applicable Documents
i) Voyager Spacecraft System Final Technical Report, D2-82709-I to -5
The Boeing Company_ dated July 25, 1965.
2) JPL Interoffice Memo 373-2-17, "Aerodynamic Performance of the Lunar
Orbiter Gas Valve and Associated Nozzles_" by N.L. Fox, June 22, 1965.
4.1.2-4
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3)
4)
JPL Internal Memorandum CP-I, "Simplified Theoretical Estimates of
Thrust Losses in Miniature Nozzles," by Bain Dayman, Jr., April 1961.
JPL Internal Memorandum CP-2, "Estimation of Total Impulse in a Mini-
ature Nozzle Having Non-Steady Thrusts," by Bain Dayman, Jr._ July 1961.
4.1.2.3 Design Constraints and Requirements
In addition to the requirements of Volume A, Part I, Section 2.0, signifi-
cant design constraints and requirements for the guidance and control
subsystem are shown in Table 4.1.2-1. They are derived from requirements
of interfacing subsystems 9 and from the overall requirements and con-
straints of a flight spacecraft capable of reliably performing the long
Voyager interplanetary missions.
4.1.2.4 Preferred Design and Functional Description
The guidance and control subsystem provides command signals for the
various torque-producing equipments controlling the attitude of the
spacecraft. In addition, antenna pointing, measurement of planet approach
geometry, and sensing of planet terminator and limb crossings are functions
of the subsystem. Changes have been made in the preferred design as a
result of the new mission specification and more specific emphasis on mission
success, redundancy tech_ique, simplified interfaces and conservative design.
For example, the autopilot and attitude references are now contained in a
single assembly, and attitude control is accomplished by parallel redundant
systems from sensors to torquers (except for gyro and Canopus sensor inputs
which incorporate malfunction detection and switching). In the following
pages, each possible input command from computer and sequencer, or command
subsystems, is briefly described. A simplified schematic (Figure 4.1.2-2)
shows the mechanization of these functions. System operation for those
4.1.2-5
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Table 4.1.2-I: DESIGN CONSTRAINTS AND REQUIREMENTS
RELIABILITY ALLOCATIONS
ATTITUDE CONTROL
ATTITUDE REFERENCES 0.996
AUTOPILOT 0.999
REACTION CONTROL 0.999
TOTAL 0.994
ANTENNA POINTING CONTROL (FROM RADIO S/S ALLOCATION) 0.980
GUIDANCE SCAN PLATFORM POINTING 0.980
SPACECRAFT ANGULAR RATE (FOLLOWING SEPARATION OP S/C AND BOOSTER) ! I.O°/SEC
ROLL RATE DURING TELEMETRY PHASE LOCK ACQUISITION _0.2°/SEC
MANEUVERS
ACCELHROMETER RANGE
MIDCOURSE
INSERTION
ACCELEROMETER PROPORTIONAL ERROR
V CONTROL--ALLOWABLE NONPROPORTIONAL ERRORS
&V < i METER/SEC
AV > 1 METER/SEC
POINTING ACCURACY ALLOCATIONS
V < i METER/SEC
V > 1METER/SEC
ANGULAR SLEW RATE NOTE: ABOVE REQUIREMENTS
BASED ON 0.I-9 MIDCOURSE
AND 3.5-g INSERTION MANEUVERS
±0.59
± 5.09
<o.5_
<IOZ (3e)
<0.1 M/S (3o)
t.oo (la)
0.5o (1_)
_>0.2°/SEC
LIMIT CYCLE
DEAD BAND (BASED ON ALLOCATION FROM POINTING ACCURACY
REQUIREMENT)
RATE (EASED ON SCIENCE SCAN PLATFORM REQUIREMENTS)
± 0.3 °
< O.O074°/SEC
HIGH-GAIN ANTENNA POINTING
ACCURACY PER AXIS (BASED UPON IDB REQUIREMENT)
SLEW RATE
OPERATING TORQUE
DETENT TORQUE (ORBIT INSERTION)
0.94°(1 0 )
2.0°/SEC
20 LB-IN.
1300 LB-IN.
MAXIMUM LOSS TIME OF CELESTIAL REFERENCES
OCCULATION { SUNCA OPUS
MANEUVERS { SUNCA OPUS
GYRO STABILITY (DRIFT)
3.7 HRS
2.0 HRS
50 MIN
65 MIN
±0.3°/HR (3 O)
ATTITUDE REFERENCE SENSING ACCURACY
SUN
CANOPUS
± 0.15 ° (3 o )
± 0.3 ° (3 o)
REACTION CONTROL PRESSURE VESSEL HAZARD FACTOR (TOUGH DUCTILE MATERIALS
WILL BE USED)
REACTION CONTROL ASSEMBLY INCLUDING NITROGEN GAS MUST BE STERILIZED
1.76
PLANET TRACKING
MEASUREMENT RANGE (FROM MARS)
MEASUREMENT ACCURACY
GUIDANCE SCAN PLATFORM
SCAN RATE (BOTH AXES)
0.8 x 105 to 5 x I05KM
o.i° (3 o )
O. l°/SEC
LIMB-TERMINATOR SENSING ACCURACY i.O °
4.1.2-6
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Figure 4.I.2-2: Guidance And Control
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phases exhibiting significantly different dynamics is described in the
closed-loop operation paragraphs_ followed by the preferred design and
functional descriptions of major system elements.
i) Computer and Sequencer Commands
Power On--Power is applied to: all gyros; Sun sensors; one Canopus
sensor, and the low-level N2jet logic. The Sun shield of each
Canopus sensor is activated through the interstage umbilical before
separation, and by spacecraft power thereafter.
Attitude Stabilize--Using gyro rate information only9 vehicle rates
are reduced.
Rollt Pitcht or Yaw Slew--A precision slew signal of the sign deter-
mined by the maneuver sign command is applied to the appropriate
axis.
Roll Override--Canopus acquisition signal temporarily suppressed.
Roll calibrate and roll inertial commands are reset.
Jet Vane TVC On-Off--Gyro position and rate information is used to
provide commands to jet vane actuators controlling all three vehicle
axes during midcourse engine operate_on.
Insertion TVC On-Off--Gyro position and rate information are used
to provide commands to the secondary injection valves for pitch and
yaw control, and to the high-level reaction control roll jets during
orbit insertion engine operation.
Canopus Cone Angle Update--Any one of five cone angles can be
selected.
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Celestial Reference--First the Sun, and then Canopus, is automatically
acquired. When the vehicle roll axis is within 50 of the Sun line,
the coarse Sun sensor power is removed, leaving the fine Sun sensors
in control of pitch and yaw. After a programmed roll to calibrate
the Canopus sensors and the Magnetometer, Canopus acquisition is
initiated. The vehicle then slews about roll until Canopus acqui-
sition is indicated and verified, after which the vehicle is
switched to the cruise mode, with all three axes controlled to the
celestial references and damped by derived rate. Although the gyros
are not in the control loop, the switches around the integrating
capacitors are opened for drift calibration.
Calibration Roll--When in the celestial reference mode and after Sun
acquisition, the vehicle will slew in roll at a 0.2-degree/second
rate. The Canopus acquisition signal is disabled and power is
applied to both Canopus sensors to allow simultaneous calibration.
Roll Inertial--The Canopus error signal is suppressed, and control
of the roll axis is switched to gyro position plus rate.
Pitch/Yaw Inertial--Gyro position and rate are used to control
pitch and yaw axes.
Inertial Hold--All gyro position-integrating capacitors are tempor-
arily shorted for initialization. Sun sensor power and Canopus
signals are removed. Gyro position and rate are used for control
on all three axes.
Maneuver Plus or Minus--The sign of the next slew maneuver is
selected as either plus or minus.
4.1.9-10
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On-Off Siqnals--Separate power on-and-off signals are provided for
the accelerometer_ Canopus sensors, Earth sensor, and limb/terminator
sensor.
Guidance Scan Platform On-Off--For platform drives and planet
sensor. Step and slew for both gimbals.
Antenna Position--On-off, step and slew commands to both gimbals.
Command Subsystem Commands
The command subsystem is capable of duplicating all commands provided
by the C&S subsystem 9 plus the following:
C&S Disable and Reset--All command lines from the C&S are disabled
or reset.
Failure Detection Override and Reset--All switching of gyros or
Canopus sensors due to the failure detection circuitry is disabled.
Reset restores the switching circuitry.
Select Alternate Canopus Sensor--Except during roll calibration,
only one Canopus sensor receives power at any one time. This
co_and removes power from the sensor currently operating and
applies power to the other sensor.
Disable (Desiqnated) Gyro--Either the P-R, R-Y, or Y-P gyro power
is disabled by removing power.
Roll Increment: Plus or Minus--When roll axis is under gyro control,
a plus-or-minus angular increment can be commanded. The command
would be used, in event of a complete Canopus sensor failure, to
position the vehicle about the roll axis.
4.1.2-11
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Roll Axis Disable and Reset--Power to the low level N 2 roll jets is
removed, to allow free motion about roll, as a means of conserving
fuel.
Gyro Bias Update--A data word and sync signal are used to load the
gyro bias registers to the desired values.
Power-0ff--Guidance and control power is turned off.
Limb/Terminator-0ff--Power to the sensor is turned off.
Star Gate Disable/Reset--Sets or disables high-level and low-level
gates in the acquisition logic.
Closed-Loop Operation
The guidance and control subsystem provides closed-loop control of
the spacecraft during all mission phases. Phases exhibiting signi-
ficantly different dynamics are: pitch-and-yaw acquisition of the
Sun9 roll acquisition of Canopus, cruise limit cycle operation, and
thrust vector control with the jet vanes or secondary injection
valves. For each phase, loop compensation and gains are established
to provide adequate performance in the event of potential failure
modes.
a) Sun Acquisition--During pitch-and-yaw acquisition of the Sun,
roll rate is maintained near zero9 using gyro rate information.
Pitch-and-yaw axes are simultaneously slewed, using Sun position
and gyro rate information until the Sun is acquired. The Sun
sensor output is limited to cause a constant slew rate for
large misalignments. Control actuation is provided by the
4.1.2-12
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reaction control equipment. A block diagram showing the major
components of this loop is presented in Figure 4.1.2-3a.
Canopus Acquisition--The vehicle slews about roll at 0.2 ° per
second until Canopus acquisition is indicated. The Canopus
error signal is introduced into the loop, and the slew signal
removed. If the vehicle is unable to stop before Canopus
passes from view, the sign of the slew is reversed so that
Canopus will be reacquired. This loop is shown in Figure
4.1.2-3b.
Cruise--In this mode, the gyro rate is removed and the lag-around-
the-switching-amplifier form of derived rate provides damping.
The derived rate networks are never switched out, but are
limited in authority. Gyro rates control during other modes of
operation. Gyros are not turned off but are allowed to
indicate a position output to telemetry for drift calibration.
Midcourse or Orbit Trim Thrust Vector Control--Attitude control
during midcourse/orbit trim _V is provided by jet vanes in
the four monopropellant engines. Each engine employs four jet
vanes capable of providing thrust deflection of + 5° . The
autopilot loop is stable for all planned vehicle configurations.
Locations of important poles and zeros of the control loop are
shown in Figure 4.1.2-3c.
Ignition transients are not severe, and structural coupling into
the autopilot loop is not significant. Thrust can terminate at
any time without causing gyro saturation. However, pointing
errors that result from engine-out conditions are large, and a
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subsequent corrective maneuver may be necessary. A block dia-
gram of this loop is shown in Figure 4.1.2-3d.
Orbit Insertion Thrust Vector Control--Pitch and yaw thrust
vector control is provided by fluid injection into the nozzle
of the solid-propellant orbit insertion engine. Pintle valves
controlling the rate of fluid injection are positioned by
hydraulic servos controlled by the autopilot. Roll control to
overcome engine swirl torques is provided by two nitrogen
thrusters on the propulsion module.
A root-locus plot showing the closed-loop poles of the line-
arized system, and a block diagram, are shown in Figures
4.1.2-3e and 4.1.2-3f. Effect of structural coupling into
the autopilot loop is not significant.
4) Autopilot
The autopilot electronics consists of four independent parallel
half-systems. Two identical systems are used to provide on-off
actuation signals for reaction control thrusters, with polarity
splitting of the electronics to isolate failures to half of a
single system. This concept provides control authority in the
event of open-or-closed failures in a jet valve, or any hard or
soft failure in a component in the command line to the valve.
This is described further in Section 4.1.3.10.
The four independent channels also provide proportional signals
for the jet vanes. System failures result in failures of a
single actuator, and are compensated by partial deflection of the
remaining actuators.
4.1.2-17
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Proportional signals are also provided to both coils of the
secondary injection valves of the orbit insertion engine, and on-off
signals are provided to the high-level roll jets during orbit inser-
tion.
A block diagram showing configuration of the autopilot electronics
is shown in Figure 4.1.2-4. The electronics can be divided into
three basic circuits: Nitrogen jet logic, N2J or -N2J (the sign
refers to the polarity of the threshold logic), jet vane logic, JV,
and secondary injection valve logic, SIV.
three circuits is shown in Figure 4.1.2-5.
by removing the power from the amplifiers.
A diagram of these
Circuits are deactivated
The reaction control jets
are left in an activated state at all times.
A trade study performed to identify the optimal redundancy technique
and electronics implementation is shown in Figure 4.1.2-14.
Gyro Subassembly
The gyro subassembly consists of three G6G modified Minuteman gyros
arranged to provide redundancy on each axis. The electronics asso-
ciated with the gyros include the gyro support electronics, torquer
loop electronics_ and failure detection and switching electronics.
A simplified circuit diagram for the gyro subassembly is shown as
a portion of Figure 4.1.2-2. The gyro output axes are arranged
as pitch-roll, roll-yaw, and yaw-pitch. Rather than the GIOB
gyros proposed in Task A, G6C gyros are used to allow direct use
of Minuteman life-and-reliability data.
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The rotor, the only moving part of the G6C gyro, is supported by a
self-induced gas film on a spherical bearing. The gyro rotor is
always caged to the gyro case through a 2-1evel pulse-width modu-
lated torquer loop (4000°/hour high, and lO00°/hour low levels).
No temperature control is required for the gyros.
A rate signal is obtained by filtering the gyro pickoff signal to
remove the jitter caused by pulse width modulation. A position
signal is obtained by integrating the torquer signal as shown in
the gyro Electronics Diagram, Figure 4.1.2-6. A vehicle maneuver is
achieved by providing a precision signal of the correct sign for a
predetermined time to the integrator. The resultant voltage is
hulled by the above-noted torquer signal, as a result of vehicle
rotation. Bias update capability is provided because 13-month drift
stability data is not available. This updating will reduce drift rates
to less than O.05°/hours.
The redundancy mechanization is based upon detecting the presence
of a failed instrument, and automatically removing gyro power.
Catastrophic failures, such as loss of speed control or an exce-
sive pickoff angle, when not eliminated by high torquing current,
will cause a gyro to be switched.
An advantage of the proposed gyro configuration (3 free-rotor
2-axis gyros) is that less obvious failures (such as excessive gyro
drift) can be detected by voting. A gyro failure will affect both
of its output axes, which will be compared with matching axes of
the other two gyros. Therefore, an indicated error between signals
4. i•2-21
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for two spacecraft axes will indicate degradation of a particular
gyro.
Gyro trade summary data is shown in Figure 4.1.2-12.
Accelerometer
The C&S provides shutdown commands from accumulated velocity
pulses. These pulses are provided by a Bell Model DVM IIIB
accelerometer, chosen for its space-proven status. A backup
means of _V control is provided by C&S timing. A minimum time
is set to prevent early engine cutoff, and a maximum time is set
to cut off in event of accelerometer failure. The redundant
accelerometer proposed in Task A has been deleted to reduce cost
and complexity. Circuit diagrams and operation details are
presented in the Task A documentation (D2-82709-I, page 4.6-59).
7) Sun Sensor
Quadruple coarse and fine Sun sensor elements provide isolated
inputs for each of the four parallel half-systems used in the
autopilo% (Figure 4.1.2-7). Sun acquisition is sensed by a quad-
redundant set of photocells which signals acquisition to the C&S
subsystem and disconnects power %0 all coarse sensors when the Sun
is within + 5° of the -Z axis.
m
Photocells are sintered cadmium sulfide cells identical to cells
on Mariner IV. A fine Sun sensor includes 2 pitch and 2 yaw cells.
Two fine Sun sensors are mounted in a single assembly, and two such
assemblies are mounted side-by-side on the attitude reference and
autopilot assembly. Both assemblies have the same field of view.
Coarse photocells are mounted at 4 locations on the spacecraft
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structure and solar panels to provide complete 4_ steradian coverage.
These changes from the Task A configuration were made to incorporate
cooperative multichannel redundancy. Significant redundancy
mechanization trade data is presented in Figure 4.1.2-13.
Canopus Sensor
The Canopus sensor assembly consists of two identical Canopus sen-
sors similar to the sensor used on Mariner C , plus simple failure-
detection and redundancy-switching electronics. Outputs of the
assembly are a roll error signal and a Canopus acquisition signal.
All four autopilot channels connect to each of these outputs.
Sensors will be fitted with modified stray-light shields as required
by the close approach of Mars to the Canopus line of sight.
Each sensor is protected from dangerously high illumination levels
by a solenoid-activated shutter in front of the lens. The normally
open shutters are closed by a Sun presence signal from internal CdS
cells mounted to view the sensor field of view and surrounding area.
An acquisition signal from the Sun sensor is a prerequisite for
Canopus shutter opening.
Redundancy switching is accomplished by monitoring the output signal
of the operating sensor unit. Loss of the acquisition signal_ and
failure to reacquire for a reasonable period of time, will activate
the alternate sensor and the reacquisition modes. Such switching
will also be activated by simultaneous occurrence of an acquisition
signal and a large error signal_ considered to be evidence of
failure. The sensor-switching logic will be inhibited during gyro
hold modes.
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Earth Sensor
Verification of Canopus acquisition during the first days of the
mission will be aided by an Earth sensor similar to the sensor
used on Mariner IV. The sensor is rigidly attached to the structure
in such a position that its field of view will include the Earth
for approximately the first lO days_ if the Canopus sensor has
acquired Canopus. The Earth signal enables Canopus lock during the
first lO days_ and is relayed by telemetry for ground-based verifi-
cation of Canopus acquisition.
Planet Sensor
The planet sensor mounted on the guidance scan platform is used to
determine angular direction to Mars with respect to spacecraft
reference during the approach phase. The sensor will provide an
error signal proportional to the difference between positioning
angle and the centroid of the illumination on Mars. The platform
gimbal angles and the error signal_ are telemetered back to Earth
for ground interpretation9 where phase-angle corrections will be
applied to determine the true planet centroid direction. Sun
sensor and Canopus sensor pointing error signals will also be
telemetered to Earth for determination of spacecraft attitude.
Planet tracker trade study data is shown in Figure 4.1.2-17.
Limb/Terminator Sensor
The limb terminator sensors consist of a sintered cadmium sulfide
cell, stray-light baffle, and simple signal-processing electronics.
Narrow angle Mars sensors as used on Mariner IV will be positioned
to detect limb and terminator crossings during the first few orbits.
4.1.2-30
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Two such sensors are required, one on each side of the spacecraft,
to permit detection of both morning and evening teminators and limb
crossing. Orbit determination data obtained from the DSIF will be
used to obtain these crossing times on later orbits.
Antenna Pointinq Control
Identical electromechanical positioners are used on both gimbals
of the high-gain antenna. The harmonic drive unit (developed by
United Shoe Machinery for hermetic sealed applications) contains
a stepper motor (similar to IMC Magnetics, Model 015-802), a 64-
turn magnetic-type encoder (similar to Librascope, Model 713-ii),
a spur gear assembly, the solid state electronic components, a
heater, and pressure-and-temperature transducers. The harmonic
drive package has a hollow central tube for the RF feed line and
rotary joint.
During transit and orbit, the antenna gimbals are driven in steps
of 0.35 ° in a closed-loop position mode controlled by the C&S
subsystem. Backup for C&S is provided by the command subsystem
which operates the position controller in open-loop step and
slew modes.
High reliability is achieved through selection of simple mechanisms,
and through functional and component redundancy. Functional
redundancy for gimbal angle encoding is provided by count of the
digital motor steps, and by position reference to mechanical stops
limiting gimbal travel. All electronic components or assemblies
have either quad or triple redundancy, with majority voting. The
fixed medium-gain antenna provides backup in event of high-gain
antenna or position controller failure.
4.1.2-31
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Guidance Scan Platform
The guidance scan platform assembly includes gimbal positioners
and planet sensor. Guidance scan platform positioners are nearly
identical to positioners provided for the high-gain antenna. Two
simplifications are incorporated. Control by C&S is open loop
(encoder output goes only to telemetry). Lower torque requirements
(and absence of central RF Feed) permit reduction of overall size,
gear ratio, and motor size. After deployment, the platform drives
will receive step commands from the (]iS to place Mars within the
planet sensor field of view. Additional steps are programmed to
update the gimbal positions in 0.70 increments.
Reaction Control
The selected concept is two parallel cold-gas nitrogen-reaction jet
systems similar to the systems on Ranger and Mariner. Nitrogen is
stored in 4 tanks fabricated from annealed Ti-6AI-4V titanium alloy.
Eight thrusters, each providing 0.125-pounds thrust, control the
pitch and yaw axes. Eight 0.035-pound thrusters control the roll
axis. Since the translational error from coupled jets is negli-
gible, trajectory perturbations are minimized. Each thruster
is mounted to minimize gas impingement on solar panels. A sche-
matic of the subsystem is shown in Figure 4.1.2-8a. Critical
components (thruster, regulator, fill valve) and nitrogen quality
are similar to those described in Task A.
A maneuver rate of 0.2°/second has been selected as a compromise
between conserving fuel versus a capability for reasonably short
maneuver times. The angular acceleration of 0.01°/second 2 (0-0050/
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second 2 for a single system) is also a compromise between limit cycle
fuel consumption and avoiding excessive angular overshoot at end of
maneuver. Considered relationships, including gyro limit, are shown
in Figure 4.1.2-8b.
The attitude control gas is stored in two independent reservoirs
to provide redundancy for reliability. If a valve should fail to
close, one reservoir will be entirely depleted, but only one-third
of the other reservoir will be used to balance the torque from the
failed valve. Total impulse requirements of the reaction control
system are summarized in Table 4.1.2-2. System weights are shown
in Figure 4.1.2-8c. The cold gas reaction control concept can be
seen to be adequate for the 1971 and 1973 missions. For later
missions_ a dual level or hot gas system will be considered.
Nitrogen gas requirements are based on a specific impulse of 68
seconds. This value is a conservative figure for -40°F gas.
References 2,3, and 4 indicate that thruster performance may be
degraded as much as 30 percent during very short pulse operation.
This effect is virtually eliminated by the minimum on time device
(single-shot) proposed in Task A and retained here. Hxact length
of the single-shot time will be established after valve characteristics
are determined. Twenty milliseconds has been used here and in the
autopilot design.
The internal surfaces of the reaction control system will be
determined by the use of HTO to reduce microbial load. In
addition the nitrogen gas will be filtered and loaded asceptically.
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4.1.2.5 Performance Characteristics
Performance characteristics of G&C subsystem components are summarized
in Table 4.1.2-3. Figure 4.1.2-9 presents spacecraft transient response
during propulsion operation. Further details on pointing error analysis
are given in Section 3.8.1 of Volume A.
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TABLE 4.1.2-3: GUIDANCE AND CONTROL SUBSYSTEM PERFORMANCE CHARACTERISTICS
SYSTEM PERFORMANCE
Thrust Vector Pointing Error
Midcourse Maneuver
Orbit Insertion
Orbit Trim
Capsule on
Capsule Off
Gain Margins
Limit Cycle Dead Band
Maneuver Rate
Limit Cycle Rates
(3_)
l.Ofi°
1.13 o
1.02 o
1.23 °
>6 db
±0.3 °
± 0.2°/sec
< O.O004°/sec
AUTOPILOT
Rate gain/position gain
Acquisition 6/1
Midcourse TVC i/i
Orbit Insertion TVC 1/3
Orbit Trim TVC i/I
Derived rate network (cruise)
Linear Gain KDEA i0 Deg
KS
Time Constant Charge 3 sec
Discharge i00 sec
REACTION CONTROL
Thrust Level
Pitch and Yaw
Roll (low level)
0.125 ib
0.035 ib
Total Impulse
Specific l,_pulse
Thruster Leakage
System Leakage
2997 lb-sec.
68 sec.
2.0 SCC/hr
40.0 _CC/hr
Angular Acceleration Transit
Pitch O.Ol°/s 2
Yaw O.Ol°/s_
Roll O.Ol°/s 2
Orbit
0.0376°/s 2
0.0376°/s 2
0_0165°/s 2
G6C GYRO (PER INPUT AXIS)
Non-g-sensitive drift bias * dec
Non-g-sensitive random_rift __ *___de(
/ -I
Input Axis g-sensiSe drift * de{
w_%tive _Tift * de(Cross Axis g
Input-S_%<x_is g-sen%i_t_ive drift * dec
_ensltlve drift de,Cro -Spin-Ax_ " " " *
Spi_n Axis_%_ensif_ty drift * de,
Bias(_ilitx * de
_%) "_sltavat
Tem_eratq%_l%a_h • • • y * de
Max ing Rate
H_ Range
Low Range
Slew signal tolerance
Torquer Linearity 0.01_
Output Integrator drift
16000 de
i000 de
*Classified data, See volume
BELL DVM--IIIB ACCHLEROMETER
Accel Threshold
Linearity
Scale Factor Stab.
Scale Factor Temp
Sensitivity
Bias Temp Sensitivity
Bias Stab. (short term)
Bias Stab.
Input Axis Alignment
(to reference surface)
Scale Factor
1 micro-g
30 micro-g/g t
O.O06Z/mo
30 ppm over te
5 micro-g/°F
1 x lO-6g (pe
50 x lO-6g (3C
i arc-min
0.01 m/se c/pu]
ATTITUDE CONTROL
/hr.
/hr.
/hr/g
/hr/g
/h=/g2
Ihrlg2
Ihr/g 2
/hr rms
/hr rms
Jhr
i/hr
) max range
l_p range
day)
days)
Tracking Accuracy
Time Constant
Field of View
Instantaneous
Total
Gimbaling and Scan.
Scan frequency
Pitch gimbal
CANOPUS SENSOR
0.i deg (lO)
0.5 sec
0.86 ° roll x ii.0 ° pitch
50 roll x 32 ° pitch
i kc
5 positions (4.6 ° step)
ERROR SIGNAL I
_4 ° _
INTENSITY !
Accuracy
Field of View
Scale Factor
Linear Range
Time Constant
SUN SENSOR
Fine Sensor
0.15 deg (3a)
± 5 deg
1 volt/deg
± 5 deg
lOm sec
Coarse Sensor
1.0 deg
4 _ Steradians
10m sec
\
F-
D
D-
F-"
?
RARTH SENSOR
Field of View, - Cone + 60 o
-Clock + 25 °
Acquisition Output - Sufficient to indicate
Earth presence up to i0 days after launch
OUTPUT
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_OR
i I
, /
TIME
Instrument Accuracy
Response Time
Altitude Range
Slew Rate
Tracking Error
Encoder Resolution
PLANE[ SENSORS
Planet Tracker
0.i deg (3a)
0.i sec
8 x 104 to
5 x 105 km
SCAN PLATFORM
1 deg/sec
i 0.i deg 3o
0.088 deg
Limb-Terminator
Detector
1.0 deg (3a)
1 sec
10 3 to 10 4 km
I--
I--
o I PLANET
A I ANGULAR
PLANET TRACKER
ANTENNA POINTING SUBSYSTEM
Torque Output, Running
Torque, Detenting
Torque (de-energlzed)
Slew rate (max)
Back lash (output shaft)
Gimbal angle
Hinge
Swivel
590 ib-in
1450 Ib-in
60 ib-in
2.4 deg/sec
1 min
120 °
355 °
4.1.2-39 & 4.1.2-40
Figure 4. L2-9: Start-Bu
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4.1.2.6 Physical Characteristics
The G&C assemblies and locations are shown in Figure 4.1.2-10.
4.1.2-4 summarizes weights, volumes, and power consumption.
Table
The inertial and optical sensors are aligned to mounting surfaces of the
attitude reference and autopilot assembly within 0.01 °. The assembly
alignment to the spacecraft is 0.050 . Other elements of the spacecraft
(antenna, science capsule, and propulsion engines) will be aligned to
these mount points. The attitude reference and autopilot, separate
assemblies in the Task A design_ are combined to simplify interfaces
and reduce wiring.
Coarse Sun sensors are mounted at two locations on the Sun side, and
two on the dark side, providing 4_ steradians coverage as shown in
Figure 4.1.2-10. A shadow graph showing the field of view of the
Canopus sensor is given in Section 3.10.
The reaction control assembly consists of thrusters, nitrogen tanks,
valves, regulators, and tubing assembled as a single module for removal
from the spacecraft. Tubing from the tanks and regulators is arranged
around the structure periphery and over the fixed solar panels to the
thrusters. Thruster locations provide a moment arm of i0 feet, and are
aligned to the spacecraft to an accruacy of _ 2° .
The Earth sensor is mounted on the side of the spacecraft and is oriented
to Earth cone and clock angles for early days of the missions.
The antenna pointing control actuators are connected to boom and gimbal
mechanism supporting the 6_-foo% high-gain antenna. Antenna gimbals
4.1.2-43
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SHAFT
ENCODER
7IN.
HARMONIC
DRIVE
SPACECRAFTMOUNTINGBRACKETI _ HINGEDRIVE
HINGE-l_ --J-
A_I_--_
GUIDANCE BOOM
PLATFORM &
PLANET SENSOR , SDR/?EL
6" x 2.5" x 2.5"
PLANET J_ -_
SENSOR
REACTION
CONTROL ,,_
ASSEMBLY 4"
TANKS
LIMB &
TERMINATOR
SENSOR
(2 PLACES)
ANTENNA
G I MBAL
ACTUATOR
ATTITUDE
REFERENCE &
AUTOPI LOT
INERTIAL
REFERENCE
UNIT 7 -
( POWER SUPPL"
GYRO AND OPTICS_,.
ELECTRONICS PLANET
AUTOPI LOT
32 IN.
CANOPUS
SENSORS
APPROACH
THRUSTER
ASSEMBLY
GAS
LINES
8.5 IN.
_' FINE
SUN
SENSORS
BELOW
SENSOR ELECTRONICS
Figure4. 1.2-10: Guidance& Control Subsystem
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are so arranged that loss of the outer gimbal causes least degradation
to the antenna gain during latter portions of the mission.
4.1.2.7 Interface Description
Principal interfaces of the guidance and control subsystem are identified
in Table 4.1.2-5. Physical interfaces with the spacecraft can be seen
in Figure 4.1.2-10.
4.1.2.8 Reliability and Safety Analysis
Guidance and control subsystem assessed reliability is shown in following
Table 4.1.2-6.
Table 4.1.2-6: RELIABILITY ASSESSMENT
Mission Critical Equipment
(Including Redundancy)
Canopus Sensor
Sun Sensor
G.yros
Autopilot
Reaction Control
Reliability
.998530
.999985
.998043
.999988
.9981
Total .9945
Non-Critical Equipment
Accelerometer
Earth Sensor
Guidance Scan
Platform and Sensor
Limb Sensor
Antenna Pointing
Control
Reliability
.9494
.999985
.9863
.9988
.9867*
*Mission critical, but reliability included in Radio subsystem
This subsystem reflects the use of a systems approach to redundancy. The
majority of the subsystem employs independent paths from the attitude
sensors through the reaction controls, permitting implementation of
cooperative redundancy, and elimination of failure sensing and switching in
all but a minimum number of necessary cases. In most cases, presence of
4.1.2-46
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a failure in one area is compensated for in the normal course of operation
of the other channels. For example, a failure of one autopilot channel
will be detected by the attitude references in the form of an incorrect
rater and corrected by the remaining autopilot channels. No single failure
mode can cause a catastrophic effect on the mission. Many portions of
the system can tolerate two or more independent failures without adverse
effect. Details of the redundancy mechanization can be found in Section
4.1.2.4.
i) Attitude References--The attitude reference assembly9 because of its
extremely important function_ contains considerable redundancy and
alternate backup modes. Two identical Canopus trackers, one operat-
ing and one standby, are furnished. In this case, dual redundancy
with switching was used in order to take full advantage of the proven
Mariner C design.
Four redundant coarse and fine Sun sensors provide separate inputs
to the four independent autopilot channels for pitch and yaw control.
Single sensor failures are compensated for exactly like autopilot or
reaction control failures in the same channel.
Selection of the G6C free-rotor gyros is supported by more than 20
million operational hours of this gyro in the Minuteman system. Life-
times of over 3 years, and start-stop tests of up to 20_000 cycles per
gyro9 with no measurable degradation_ exceed the Voyager lifetime require-
ments. Another reliability-enhancing feature of the free rotor gyro
lies in the two-axis design_ which not only provides complete 3-axis
redundancy with 3 gyros 9 but permits detection of most failures
4.1.2-48
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without reference to external information. To accomplish this same
function with single-axis gyros would require 3 gyros per axis.
The accelerometer is included for increased accuracy of thrust ter-
mination and for telemetry data. Control of thrust termination is
also provided by a timed gate generated in the C&S so that a degraded
_V control occurs if the accelerometer fails.
Autopilot--The autopilot employs cooperative multipath redundancy.
Each independent channel interfaces separately with sensors and
reaction controls. As in the reaction controls, a single failure will,
in the worst case, result in gas depletion from one system and one-
third loss from the redundant system, leaving a reserve sufficient
for mission completion.
Reaction Control--Reaction control assembly is divided into two
entirely separate systems each having its own gas supply, regulation,
and thrusters. A single failure cannot cause system failure. A
fail-open condition on one valve is the worst single failure mode,
and results in depletion of gas from one system 9 and one-third
depletion of the other system to correct for unwanted thrust. Since
each system has a capacity 50 percent over nominal requirements, the
remaining system can finish the mission.
The reaction control assembly is the only part of the G&C subsystem
which has any appreciable effect on safety. All high-pressure gas-
handling components which are the sources of possible hazards are
designed to a hazard factor of 1.76 on yield stress, and proof-tested
to 1.5 times operating pressure.
4.1.2-49
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Guidance Scan Platform and Approach Sensor--This assembly is a
desirable aid to Mars orbit insertion, but not critical to the
mission. A separate reliability allocation has been made which
assures reasonable probability of successful operation.
Antenna Pointing Control--Accurate antenna pointing is necessary for
data recovery. The mechanical and electromechanical elements are
reliable and space proven. Primary backup for the antenna pointing
assembly is provided by the fixed medium-gain antenna.
A portion of a typical fault tree is shown in Figure 4.1.2-11. Complete
fault trees will be developed during Phase IB.
4.1.2.9 Development Status
The G6B4 free-rotor gyro is presently in production for the Minuteman
program. Reduced speed and higher torquing capability are necessary for
the Voyager application. The only physical change to the Minuteman gyro
is the replacement of the torquer ring with one of ferrite.
Operating the G6B4 gyro at reduced speed for orbital flight application
has been conclusively demonstrated in laboratory tests to reduce gyro
power requirements and gyro random drift by approximately an order of
magnitude. More than 3000 G6B4 gyros have been manufactured for the
Minuteman program. In addition, preliminary testing has been accomplished
during Task A and Task B to determine operating characteristics of the
smaller, but similar G-10B as proposed for Voyager during Task A.
During Phase IB, complete performance and limited environmental tests
will be performed on a G6C gyro.
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Figure 4.1.2-11 : Fault Tree Example
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The details of autopilot mechanization including the derived rate tech-
nique are well known, and in some instances are space proven. However
functional circuits will be fabricated and tested in Phase IB to deter-
mine operating characteristics such as temperature drift, and to verify
or aid in the selection of interface parameters.
The Mariner C planet sensor to be used for approach angle measurement
has been space proven, but will require modification to meet Voyager
accuracy and range requirements. Limited breadboard and test of such
modification will be done in Phase IB in order to start Phase II with
reasonable confidence in the planned costs and schedules.
The Canopus sensor to be used is nearly identical to that flown on the
Mariner C mission. Development of this sensor was accomplished by com-
bined efforts of NASA/JPL and Barnes Engineering Company. Minor modi-
fications have been proposed for the Voyager application. A solid-state
cone-angle switching circuit has also been under development to replace
the relays used on Mariner C, These modifications will be given detailed
evaluation during Phase IB to determine effect on sensor performance
and reliability.
The Bell wv,v_-_........is a _y-_ ..... w.......
plete instruments and over 400 sensors have been built, qualified9 flight
proof tested, and delivered for use on such programs as the Scout Vehicle,
Minuteman Re-entry Vehicle, and the NASA SERT Program. The sensor por-
tion of the DVM-IIIB has been used on many other space programs including
the Ranger, Mariner, and Agena.
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The Sun sensors will use the sintered CdS photoconductive detectors
(Clairex type 605) identical to those used on Ranger and Mariner. No
breadboard and test is planned during Phase IB, however preliminary
designs will be prepared and analyzed.
Components for the antenna positioner are available in the existing
product lines of several suppliers, assuring a wide selection on the
bases of reliability and space experience. Limited breadboard and
test is planned during Phase IB to verify preliminary design.
No large-scale development program is anticipated for the reaction con-
trol assembly. Developmental testing will be conducted on chosen
Ranger and Mariner type components, such as thrusters and regulators,
to verify applicability to Voyager requirements.
4.i.2.10 Trade Study Summary
Trade studies were performed on the G&C subsystem and its elements
where significant alternatives were available. The preferred design
selections were based heavily on considerations for mission success
(reliability), performance, proven capability, cost, and weight. Where-
ever possible, a concerted effort was made to employ a simple, conservative
design approach, and to take advantage of design techniques and exper-
ience gained on Ranger, Mariner and other programs.
Some of the alternates considered were quite competitive. Such selec-
tions will be further reviewed under Phase IB, with JPL guidance_
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at which time any updating in constraints and requirements can be incor-
porated into the selection processes.
The logic of selection, and detailed trades, are discussed in the follow-
ing paragraphs:
i) Gyro Gonfiguration Trade Study--Selection of the preferred gyro con-
figuration involved several interrelated trade studies summarized
in Figure 4.1.2-12. Most significant differences between the
potential configurations were the life and reliability of the gyro_
and the ease of failure detection. The Voyager mission has much
more stringent requirements than the Mariner Mars mission because
of the critical orbit insertion maneuver_ orbit trim maneuvers,
and occultations of the long orbital operation period, during which
the gyros must be available for attitude control and maneuvers.
The free rotor design was selected because its reliability has been
proven by experience on over 3000 instruments_ 20_000,000 operating
hours, and 7 years of operation. It offers a reasonable approach
to failure detection, and has the capability of continuous opera-
tion during the entire mission. The G6G, or modified Minuteman gyro,
was selected to obtain the closest possible relationship to the
life and realiability data of the Minuteman program.
The superior reliability of the free rotor design is derived from
the inherent simplicity of the instrument. The only moving part is
the rotor, supported by a self-induced gas film on a spherical
bearing. The free rotor design avoids the problems associated with
lead-in wires, flotation fluid contamination, flotation fluid
4. i. 2-55
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absorption by the float, pump seizure, and O-ring leakage in the
single axis gas bearing design_ and the problems associated with
rotor bearing wear, mass shifts caused by wear and lubricant motion,
and vibration induced by rolling contact in ball-bearing designs.
2)
3)
4)
Another advantage of the 2-axis free rotor instrument is that 3
gyros provide redundancy and majority voting on all 3 axes_ because
gyro drifts and failures affect both output axes. A minimum of
5 single axis gyros (with considerable comparing and scaling)
is required to give similar capability, although 9 instruments
(3 per axis) are easier to mechanize.
Accelerometer--A number of available accelerometers capable of
meeting the performance requirements of the Voyager system were
investigated during Task A_ (D2-82709-2_ page 4-5-21).
The Bell DVM-IIIB and an Autonetics EMA were proposed in a parallel-
redundant form with a timed signal as further backup. As a result
of a review of these trades, and consideration of the added cost and
complexity due to the use of different accelerometers, the EMA
unit was deleted during Task B. The DVM-IIIB is preferred because of
space-proven status.
Sun Sensors--A tradeoff study of Sun sensor redundancy mechanizations
is presented in Figure 4.1.2-13.
Autopilot Electronics--Development of the preferred design of the
autopilot electronics included circuit trades such as a.c. or d.c.
operation, and subsystem trades such as dual or triple redundancy.
These trades are summarized in Figure 4.1.2-14. Analysis of the
a.c. approach will be continued during Phase IB as an attractive
alternate.
4.1.2-57
BOEING-- SPICE DMSION
D2-82709-6
_m
z
ob
x
I
i
® _ _ I,
i_. _- ,,_
_'._ _ _ _
_ _6 o'_ °
. ._
.L _ ._
:
o_ --o_.
d
o °
o _ ._ _-
z _ . _ g ._
.... •_ o
_ o ® ._ . o
z Z Z_ z o._ _._ _,
_ _ ,,_i_ ®_'_ o=...
u_
_z
®
_._._ _ _
_g._
o
o _ _ _ _ _ _ _
_o
¢ ¢
+,+,
g
o
o _ _
o_ _, _ _ __
o_ m
°_ _
i _ "o _ _
om
i
i i
o _ °_ _.
>_
_ .... "_ _o_
._°" _ _ ._
o_
"_ _
.m
-_-r
__r_
gu
tu_u
!
N
,M
im
4.1.2-58
BOEING-- SPACE DIVISION
D2-82709-6
Z
o
u
5
797
o_ _
IIII _mE oo_ _ _ _®_ _-_
_° _1
_z
8o
_.
_:z
× _
5
i.-
al
z _t
_1 _
_ u _-
__z
J
-- OZ
u.
I
_ _ -_ . ,
® _ o ".I
_ _ __ _1 ........
o
-_ o
_o_
o= _®oo_
_. _: _ _._ _.o
"_ _ _ o_ood_'_ _'_g
_®_._g_g
+_noomn_
..._
_'_@_.
>
,¢
d
==
o
u
× m -_ o
.; d 8 d d
o
mg
"_.
o
o
_o_
o_
.o
o_mo -
o,_ ®
I
_q
om
t_
4.1.2-59
5)
BOEING--SPACE DIVISION
D2-82709-6
Reaction Control Assembly--Significant trades considered in the
selection of the preferred reaction control concept were: separate
versus common tankage (Figure 4.1.2-15); single versus dual thrust
levels (Figure 4.1.2-16); nitrogen versus Freon 14 propellant; and
momentum exchange devices versus reaction jets.
Nitrogen is the preferred reaction control propellant because of
its space-proven status. The use of Freon 14 as the reaction con-
trol propellant was considered because the high density of the gas
permits use of smaller, thinner-walled tanks, and results in a net
weight decrease of about 30 pounds over the nitrogen system. A
disadvantage of the Freon 14 is the need for special servicing and
handling equipment, since it is not used anywhere else on the space-
craft.
Momentum exchange devices were rejected due to added complexity and
a weight penalty of approximately i00 pounds.
Additional trade studies on reaction control concepts utilizing
solar vanes, subliming solids, and combustion-type thruster pro-
pulsion, are discussed in the Task A report D2-82709-2, Section 4.6.
6)
The use of solar pressure balance panels as a means of reducing
reaction control fuel consumption will be investigated in Phase IB
following configuration definition of the spacecraft body and
appendages.
Guidance Scan Platform Assembly--Trade studies on planet sensor
mechanization involved comparing the merits of integrating the
guidance and science platforms versus using a separate pointing
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platform for the planet approach sensor. Integration would save
about 7 pounds of weight, but would add complexity to the systems
and would limit the utility of the science platform, which is GFE,
and which at this time is not completely defined. Therefore, in
order to maintain simplicity of interfaces between systems, separ-
ate pointing platforms will be used. Integration may be recon-
sidered when the science subsystem is defined.
The approach guidance sensors considered, and their relative merits,
are shown in Figure 4.1.2-17. The NASA/JPL Mariner C instrument
was selected on the basis of space-proven status, simplicity, and
weight. Data on progress at JPL on a planet approach sensor is
not available but would be considered during Phase IB.
Limb/Terminator Sensor--The function to be performed by the limb/
terminator sensor is similar to that of the narrow angle Mars gate
used on Mariner C'. Location of these sensors on the guidance scan
platform was considered, and will be reconsidered during Phase IB
for increased flexibility to accommodate various orbit inclina-
tions.
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4.1.3 Telecommunications
4.1.3.1 Summary
Telecommunications is a functional grouping of equipment with perfor-
mance requirements partially determined by the rf link analysis, and
with closely interrelated performance functions. This section precedes
the detailed descriptions of the radio, telemetry, data storage, and
command subsystems to establish the proper perspective on the inter-
dependency of these subsystems and their relationship with ground equip-
ments. To facilitate the discussion, telecommunications is further sub-
categorized into spacecraft telecommunications (data storage, telemetry,
radio and command subsystems), and ground telecommunications (DSIF
counterparts of the spacecraft subsystems). Figure 4.1.3-1 indicates
interface and functional relationships within spacecraft telecommunications.
An integrated approach was used in arriving at the preferred configura-
tions for the subsystems making up Spacecraft Telecommunications. Trades
were made between the various subsystems to assure compatible and op-
timized performance. This approach was also utilized in determining
functional reliability of the spacecraft teiecunm_unications.
4.1.3.2 Functional Description
The Voyager telecommunications is designed to:
i) Transmit a coherent rf carrier signal to be used for tracking of
the relative angular position, radial velocity, and range of the
spacecraft by the DSIF stations with respect to designated
4.1.3-1
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2)
3)
coordinate systems to enable the Space Flight Operations Facility
to compute the parameters of the spacecraft trajectory.
Telemeter certain engineering parameters, capsule and scientific
phenomena from the spacecraft to DSIF stations.
Communicate commands from DSIF stations to the spacecraft.
Successful accomplishments of these functions is critical to the
Voyager mission.
Three DSIF stations provide primary support to the Voyager mission with
one, and possibly two, additional stations providing supplemental support.
Primary stations are Madrid, Spain; Canberra, Australia_ and Goldstone,
California, USA. Supplemental support is required at Cape Kennedy (DSIF
Station #71) for prelaunch and launch activities, and possibly Johannesburg,
South Africa, for initial acquisition after injection of the spacecraft
into the cruise phase. Ascension Island, DSIF #72, may also provide
supplemental boost support.
Prelaunch and launch activities at Cape Kennedy include complete check-
out of spacecraft subsystems and monitoring of performance during launch.
RF transmission from each Planetary Vehicle [F/v# through nose _o_,_
antenna windows provides a capability for open-loop checkout and monitor-
ing. Telemetry data for each P/V is also transmitted over the S-IVB
telemetry link. During launch and parking orbit telemetry data is trans-
mitted from both the S-IVB and the spacecraft. The S-IVB link is,
however, considered prime because of the extensive range support avail-
able at S-IVB radio frequencies. Distance between DSIF stations and the
inability of the 85-foot antennas to slew with the angular rates
4.1.3-5
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required to track an orbiting vehicle at an altitude of 185 km minimizes
the DSIF role during these phases.
DSIF support becomes prime after injection of the spacecraft into cruise
phase. A problem requiring further study is the initial rf acquisition
of the spacecraft radio subsystem by DSIF. This problem requires de-
tailed investigation of the spacecraft trajectory profiles, viewing
geometry to DSIF sites and spacecraft antenna patterns, and may result
in a requirement for special operating procedures such as a "carrier
only" transmission mode.
4.1.3.3 Spacecraft Telecommunications Configuration Study
Purpose of this study is to consider all requirements and constraints
on spacecraft telecommunications and to reflect their consideration by
accomplishing trade studies between radio, telemetry, data storage and
command subsystems required to provide a near optimum design.
l) Study Approach--The study approach, diagrammed in Figure 4.1.3-2,
consists of defining requirements, trading the system alternatives,
and then iterating to determine if the requirements alter the con-
clusions. An attempt was made in all cases to determine the
requirement in terms of mission to be accomplished. To arrive at
a preferred configuration at this point in the program, it is
necessary to make some assumptions relative to the requirements in
order to make design trades. Where this has been done_ the trade
data has been generated parametrically to give visibility on both
sides of the selected approach.
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Study Summary--The determination of the planetary science data re-
quirement is the most important task to be done prior to subsystem
design. It is not only crucial from the mission standpoint, but it
also sizes the telecommunications system. The following customer
requirements were examined:
a) The end-of-mission science data transmission requirement of
5 x i07 bits per Earth day - equivalent to 580 bits per second
(bps), and a design goal of i x 108 bits - equivalent to 1160
bps.
b) The ground system will not be required to handle or process a
combined bit rate greater than 15,000 bps from either or both
spacecraft.
c) Provide not less than 5 x 107 bits of data storage per orbit
with a design goal of 5 x 108 bits.
Transmission capability for science payload during cruise shall
not be less than 2.5 x 106 bits per day - equivalent to 29 bps,
and a design goal of 5 x 106 bits per day - equivalent to 58 bps.
d)
A rationale must be estab!i_hed to assist in determining the plane-
tary science transmission rate. It is assumed that early orbit is
the time period in which it would be the most desirable to accumulate
large quantities of data for the following reasons: the probability
of getting the data is higher, and early evaluation of the data
allows repeats of specific data or changes to the mission. The
planetary science consists primarily of two TV systems. In a 14-
hour orbit, approximately two hours of sunlight are available for
taking pictures. If it is assumed that in this time period the data
4.1.3-9
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automation equipment (DAE) input to the data storage subsystem
averages 50,000 bps, then the data accumulated would be 3.6 x lO8
bits of picture information, or approximately 360 pictures per orbit.
A careful selection of the TV system will allow a complete mapping
of the terrain covered by the spacecraft in approximately 30 days.
Proper sequencing of the data readout allows all of the data accu-
mulated in one orbit to be transmitted if the data rate is at least
7200 bps. A system which satisfies this bit rate for one month will
meet the end-of-mission design goal, as illustrated in Figure 4.1.3-3.
If both spacecraft are identical and operating simultaneously, the system
will not exceed the ground requirement of 15,000 bps maximum, pro-
vided the bit rate of the engineering and cruise science does not
exceed 300 bps. A planetary science rate of 7200 bps will be used
as the basis for performing the trade studies, and to configure the
telecommunications system.
The data modes are selected by relating the data requirements to the
mission phases. The telemetry channel list contained in Paragraph
3.7 details the engineering data requirements which result in a
rate of 9.0 bps. The NASA/JPL cruise science data design require-
ment is 29 bps and the design goal is 58 bps. The requirements can
now be related to the mission phases. The periods requiring dif-
ferent data and data rates to accomplish the Voyager Mission are
shown in Table 4.1.3-1. A detailed description of the data modes
is contained in Paragraph 4.1.5.4.
To communicate over planetary distances, with conservative power levels
at the indicated data rates, requires the use of a high-gain antenna.
4.1.3-10
BOEING--SPACE DIVISION
D2-82709-6
10,000
iii
,<
r_
<
i--
a
1,000
ORBIT x,_._
MODE
I I
_UNTER 1 MO 2 MOi
I i II I
150 200 250
TIME VS RATE
GAIN
I
END-OF-MISSION
MODE
3 4
I I
3OO
RANGE FROM EARTH (106 KM)
©
5
(END OF
MISSION)
350 400
Figure 4. 1.3-3: Orbital Modes vs Range
4.1.3-11
BOEING-- SPACE DIVISION
D2-82709-6
O9
Z
£U
LU
r_
I--4
m
c_
co
z
o
I-,t
<
(D
8
LI.I
I
,--i
<
r0
O9 CO
<
tP
ck
LO
V
LU
t9
Z
LU
[D
O9
LD
CO
t)
<
H
i
Z
U-I
LU
tP
Z
LU
t-4
<D
O9
_d
<
£U
Z
¢/)
09 CO -_- O
_ Cq
_n _n O_ O.O
_D _O
O OX_
L_ L_ 0 O0
V V
m _.m _m
0 -q 0 -q 0 -q 0 _q 0 _q
X Oh X OX X O0 X Ox X 0 x
L_ C_ LC) C_ 0 _C) LO O_ L_ CXl
0
O_
(D
C
0
CZ, _ c_ CZ, C2,
._Q c_ .C_ ._Q ._
0 0 0 0 0
C C C
O O O O
Z Z Z Z
<D
C
O
Z
(n
_n _n CL
P_ P_ _q
.q _q
O0
0 0
• • L_
O_ C_
O
0 0 O. 4D 0
OgCO 0
0_0
D
O3 O
X X "_'_ [-LI
O OO O _0
(:2) ,-"_ ,_ O I:::
CXl X X O4 0
_D_-_ _ Z
u_
CO
<
Z
0
tO
CO
H
_c_ _)
O u)
c_ .4
_D
_n
>- O
q9 4-)
U4 _
0
(D
(n
H
_0
0
(n
>.
qD
0
09
O
4-)
_D
C
D
O
O
C
U_
4-)
O_ C
O _
I
4.1.3-12
BOEING-- SPACE DIVISION
D2-82709-6
Size of the antenna is dependent upon the data rate and the gain achieved
by the radio subsystem electronics design. Therefore, there is a trade-
off between the electronics development and design, and the antenna size
and complexity. A number of systems have been postulated and are sum-
marized in Figure 4.1.3-4.
All of the postulated systems will accomplish the telecommunications task.
Major differences are in reliability_ development effort required (this
relates to cost and schedule)9 and simplicity of design and operation.
The high-gain antenna is a critical item in the decision-making process.
Three configurations for the high-gain antenna were studied.
l)
2)
3)
Both axes fixed
Single axis driven - one axis fixed
Both axes driven
Examination of the anticipated transit and orbital possibilities has indi-
cated that the major or swivel axis of a high-gain antenna must have a
beamwidth of approximately 45 ° in order to remain fixed throughout the
mission. An antenna with this characteristic has a gain limit of approx-
imately 20 db (calculated for a I' x 4' fanned parabolic dish). A gain
of this magnitude limits the data rate to approximately 200 bps. This
is considered an unsatisfactory data rate, and therefore, an unsatisfactory
antenna approach. The next approach is to fix one axis and swivel the
other.
The assumed variation of the trajectory plane to the ecliptic over the
launch period is=2.4 ° . The variation in spacecraft to Earth look angle
normal to the trajectory plane from 90 days out to end-of-mission is
4.1.3-13
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approximately 3° . Accuracies of mechanical tolerances, sensing and
attitude control were included to give in the worst case a total beam width
requirement for the minor axis of = 7.6 °. Figure 4.1.3-5 shows the
antenna gains and sizes for four single-axis antennas.
It can be seen from this figure that antennas of this type with a gain
in excess of 28.5 db have an ellipticity greater than 2:1. This presents
some serious design problems in the area of feed, construction, environ-
ment and storage. Below this value, they are entirely feasible to de-
sign and fabricate.
As shown in the trade study summary, single-axis antenna reliability is
slightly higher than that of the two-axis antenna. A single-axis antenna
cannot provide an adequate transmission link with the ground during the
orbit-insertion burn period. Also, the physical design limitations of
the single-axis antenna noted above results in limited bit rate growth
capability. On this basis, a single-axis design as an approach for the
prime high-gain antenna was eliminated.
A two-axis antenna provides maximum gain for the minimum size and weight,
provides the most operational flexibility and allows maximum performance
growth. It is also the most complex, requiring two drive mechanisms and
associated electronics.
Table 4.1.3-2 compares the reliability of various sizes of antennas.
significant variance is in the reaction control equipment. The limit
cycle required for maneuvers is _ 0.3 ° and the design at present does
not include a switched limit cycle. With maneuver as the controlling
The
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factor, the antenna size does not have any affect on reliability up to
approximately eight feet in diameter. The vehicle, from an installation
standpoint, can accept antennas up to 8 x 12 feet without redesign.
To select a system configuration, it is necessary to examine the gain
achievable in the electronics area. Configuration (2) (Figure 4.1.3-4)
employs biorthogonal block encoding, and represents a system gain of
approximately 2 db. The block coding scheme is a development item.
Boeing is conducting laboratory development work on the biorthogonal
block encoding approach. The work that has been done by JPL (Report:
SPS#37-24, Vol. III_ pp 81-86) and by Dr. A. Viterbi (Report: _NDL
TR2531 Mars Mission Communication Analysis), plus Boeing/Philco analy-
tical studies indicate that_ although a development item9 it can be
designed9 tested_ and flight-accepted in the Voyager time scale.
Figure 4.1.3-6 is a plot of the system performance achievable for a
practical range of high-gain antenna sizes, with and without block
encoding.
Configuration (3) (Figure 4.1.3-4) uses a data compression system for
the planetary science data. The following systems have been considered:
1)
2)
3)
Delta modulation
Roberts modulation
Zero order predictor
Significant reductions in transmission bandwidth may be achieved with
data compression techniques. All such techniques modify data in some
manner and the choice of a particular one requires prior knowledge of
the data characteristics, to minimize degradation or distortion, and
4.1.3-18
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to produce a significant reduction in transmission bandwidth. For this
reason, data compression is recommended as a growth item for later missions.
Results of the equipment trade are contained in Figure 4.1.3-7. Config-
uration (2), incorporating biorthogonal encoding for planetary science
data and a 6-1/2-foot antenna with two-axis drive, was selected because of
excellent performance margins, low risk and maximum growth capability.
The backup configuration was selected to give greatest reliability with
maximum data. As noted in the antenna study, a small fixed fan-shaped
dish was the most reliable antenna. The obvious approach is to use the
Mariner C, a 2 x 4 foot dish as a backup. A plot of its associated data rate
is shown in Figure 4.1.3-6. It can be seen that the end-of-mission design
goal data rate can be received for approximately 3.5 months after encounter.
4.1.3.4 Spacecraft Telecommunications Reliability
A reliability model for the radio, command, data storage, and telemetry
subsystems is presented in Figure 4.1.3-8. The overall telecommunica-
tions functional flow model is presented across the top of the figure
for subsystem functional interface identification. Bottom part of the
figure identifies the parts of the configuration required to perform
specific telecommunications functions for each mission phase. The relia-
bilities of the telecommunication functions are shown for a nominal
mission profile to encounter plus six months. The choice of antennas
for prime or backup operations is a function of link margins, and is
indicated for purposes of reliability assessment. Following is a sum-
mary of functional reliabilities at the encounter plus 1-month point:
4.1.3-20
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Command:
Ranging:
Telemetry Mode i:
Telemetry Mode 2:
Telemetry Mode 3:
Telemetry Mode 4:
(Early and Late
Cruise Data)
(Early Orbit
Science Data)
(Backup Late Cruise
and Early Orbit)
(Emergency Space-
craft Engineering)
R - 0.9948
R - 0.9818
R - 0.9658
R - 0.9292
R - 0.9292
R - 0.9858
Failure Modes and Effects--To support a functional reliability assess-
ment, a preliminary faults tree was established. Shown in Figure
4.1.3-99 this tree is representative of a failure analysis technique
to be applied during preliminary design.
4.1.3-21
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4.1.4 Data Storage Subsystem
4.1.4.1 Summary
The Voyager data storage subsystem records spacecraft engineering and
cruise science information for delayed transmission to Earth, and
records wideband planetary science data acquired from the data
automation equipment (DAE) for delayed playback and transmission at
communication link compatible rates.
The preferred design consists of seve:_ magnetic tape recorder/reproducers
(and interface equipment) with a total data storage capacity of 3.82 x
8
I0 bits. The recorders include:
i) A "flare" recorder which can store 106 bits
2) A maneuver data recorder with 106 bit capacity and with secondary
capability to record flare data
3) Two identical recorders with 10 7 bit capacity_ each of which can store
either IR scanner data or IR-UV spectrometer data
4) Two identical TV recorders, each with 1.2 x 10 8 bit capacity
5) A capsule relay recorder (GFE) with 1.2 x 108 bit capacity9 and
secondary capability to record TV data
Complete flexibility is provided in controlling tape unit operating modes
via DAE, by Earth command, or by the computing and sequencing subsystem.
Logic circuitry is included in each recorder to interface with external
control sources for recorder operation and status indication. Record
mode data rates for each science recorder were selected on the basis
4.1.4-1
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of conservative values which might be provided by the DAE. Total
science data bit storage capacity is approximately equal to the amount
of information which can be played back and transmitted to Earth at
7200 bits per-second during a 14-hour orbit. Higher science data rates
and durations can be accommodated, without significant changes in
the proposed design, by selection of suitable combinations of tape
speed9 quantity, and parallel track record mode.
The proposed subsystem weighs an estimated 107.7 pounds. Nominal peak
power consumption is 48 watts. Volume of all components is 1.59 cubic
feet.
Estimated subsystem reliability, based on a single-thread configuration
and limited redundancy is 0.949. Functional reliabilities during orbit
are: 0.998 for TV data, 0.982 for IR scanner, maneuver and IR-UV spec-
trometer data, and 0.999 for flare data.
4.1.4.2 Applicable Documents
i) "Voyager 1971 Preliminary Mission Description," dated October 15,
1965 (JPL).
2) "Performance and Design Requirements for the Voyager 1971 Spacecraft
System, General Specification for, (Preliminary)," dated September 17,
1965. (JPL)
4.1.4.3 Design Constraints and Requirements
In addition to the requirements of Section 2.0, the following apply:
i) Record digital data from the science subsystem the telemetry sub-
system, and the radio subsystem.
4.1.4-2
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2) Play back digital data synchronously to the telemetry subsystem.
3) Provide for external control of tape speed, data mode, record and
playback functions for each recorder.
4) Each recorder will provide status signals indicating: "tape fully
loaded (end of tape)," "start of tape," "recording data,"
"reproducing data," or "recorder malfunction." Each recorder will
provide conditioned signals to telemetry for case temperature,
internal pressure, and operating status.
5) Recorders will have bit s_orage capacities, and record and reproduce
bit rate capabilities as follows: (Table 4.1.4-1)
Storage
Unit
2
3
4
Maneuver
Data
Table 4.1.4-i: STORAGE REQUIREMENTS
5
6
7
Data
Capacity
(Bits)
lO 6
10 6
Data Rate (Bits per Second)
Mode i Mode 2 Mode 3
(Cruise) (Early Orbit) (Late Orbit)
Record Playbac_
15.4
Record
288
Playback
55.4
Record
6O8O
Flare (i) 825 15.4 825 55.4 825
IR Scanner (i)i07 4,800 7,200 4,800
Playback
11.5
11.5
1,200
1,200
1,200
i_200
IR-UV Spec-
trometer (1)
TV Unit @2
Capsule Rela'
(GFE)
107
1.2xlO _
1.2xlO 6
1.2xlO 8
4_800
66,700
66;700
(2)
7,200
7,200
7_200
7,200
4,800
66,700
66_700
(i) Science data record bit rates are derived based on estimated DAE
capabilities
(2) Reference: Paragraph 4.1.4.3.13
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6) The subsystem bit error rate will be less than 1 in 105 bits.
7) Subsystem components will be hard mounted.
8) Probability of successful operation of the data storage subsystem
through the first month of orbital operation will be 3.940.
Probability of successful completion of each function will be as
indicated in Paragraph 4.1.4.8.
g) Component weights installed will total not more than 107.7 pounds.
i0) The subsystem will operate from 2400-cps power.
ii) The IR scanner and IR-UV spectrometer recorders will be identical.
12) The TV recorders will be identical.
13) The capsule relay recorder will be capable of recording TV data.
Following capsule impact, it will function as a TV recorder. The
capsule relay received bit rate will be in the range of 50,000 to
200,000 bits per second.
14) The spacecraft data (maneuver) recorder will be capable of recording
fields and particles (flare) data and will function as a standby
flare recorder during orbit.
4.1.4.4 Preferred Design and Functional Description
The preferred data storage subsystem is illustrated in Figure 4.1.4-i.
A single magnetic tape recorder of 106 bits capacity records and
reproduces spacecraft data from the telemeLry multiplexer during maneuvers
and is controlled by the computer and sequencer.
Planetary science data from the data automation equipment is recorded
on five separate recorders. A sixth recorder stores digital data relayed
from the capsule. Non-real time data from either the maneuver data or
4.1.4-4
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flare recorder is played back to a small (approximately lO-word)
telemetry buffer_ and is read out synchronously in 5-word groups for
multiplexing and transmission to Earth on the low subcarrier. Planetary
science and relayed capsule data is transmitted via the upper sub-
carrier. Each science recorder reproduces data in sequence as pro-
grammed by the DAE. Onboard detection of the most probable recorder
failure modes may be accomplished by (i) sensing of tape motion_ or (2)
comparing playback amplifier data with input data while recording.
Further study will be required to assess these techniques and recorder
failure modes. A malfunction signal from any recorder to the DAE
enables limited recorder redundancy (recorder assignments can be changed
with some degradation of total capability). Recorder speeds are
selected as a function of mission phase and telemetry data mode. Each
recorder is identified by a signal sent to the sync and ID generator.
Backup control of recorder operations is accomplished by the command
subsystem. All control lines between the subsystems are d.c. isolated;
each control command is an a.c. signal converted to a d.c. level signal
at the controlled location. Power buses A and B are redundant. Isolation
is Provided at each _ecorder. If one bus fails_ the other is selected.
A malfunction within a recorder unit is not reflected back into the line.
The preferred recorder design is implemented with magnetic tape recorders_
each recorder consisting of a continuous motion reel-to-reel tape transport
and associated electronics. Each recorder is fitted with 1-mil heavy-duty
Mylar-backed instrumentation tape. The transports use a single record/
playback head stack and no more than two motors to cover the various record
and playback tape speeds9 each speed being determined primarily by the
4.1.4-7
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input data rates and the selected output rates for telemetry to Earth.
Two basic transport mechanisms cover requirements for data storage,
differing mainly in size and power. Speed change of the 2-phase
hysteresis synchronous motor is effected by power supply frequency
division and attenuation of the voltage supplied. On the basis of a
survey of wide motor speed changes_ a maximum ratio of 25 to 1 for a
single 12-pole motor was used. The selected transport uses flangeless
reels and a peripheral reel-to-reel belt-drlven configuration. A
single seamless Mylar belt, approximately the same width as the tape,
encircles the periphery of the two tape packs and is driven by a
differential capstan system. This system is inherently symmetrical,
and the tape pack is under positive control of the pressure belt at all
times. This provides smooth tape handling during operatlon_ and prevents
tape spillage when not operating. The absence of reel flanges permits
a substantial reduction in the overall length normally required by a
side-to-side, reel-to-reel configuration. Tape edge deformation caused
by possible flange riding is thus eliminated.
The data is recorded in one complete unidirectional tape pass. The tape
length and width is thus selected according to the number of required
record tracks in parallel, consistent with input data bit rates, required
storage capacity, and practical combinations of tape speed, driving
power and transport dimensions. Data is reproduced with the tape driven
in the opposite direction from record.
Television (photo-lmagery) data is recorded on 14 parallel data tracks_
thus permitting a 14:1 reduction in tape speed over a serial record mode.
1.2 x 108 blts are stored on 750 feet of 1-inch-wide tape. The data clock
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for synchronization during playback is recorded on a track located mid-
way between the 14 record tracks. Parallel track operation permits
the addition of higher record speeds to the basic YV recorder. Data
recording rates up to 250,000 bits per second can be accommodated with
only two drive motors, and without requiring excessive tape speed.
IR scanner and IR-UV spectrometer data rates have been adjusted to
identical values. At i000 bits per inch, 107 bits can be recorded
continuously on four parallel tracks on 210 feet of half-inch-wide tape.
A fifth track records the reference clock.
During maneuvers, spacecraft data is recorded on a single track at a bit
packing density of only 230 bits per inch. This constraint is necessary
to obtain a playback speed above 0.05 inch per second and to provide
data to telemetry at compatible bit rates. With this density, 106 bits
can be recorded continuously on 365 feet of ¼-inch-wide tape. A separate
track is used to record the reference clock.
Similarly, 106 bits of flare data are recorded on 365 feet of ¼-inch-wide
tape, with a minimum packing density of 230 bits per inch.
A typical block diagram for the 14-track recorder is shown in £igure
4.1.4-2. The 4-track recorder is similar. The single-track unit
requires no serial-parallel conversion circuitry. A phase-locked loop
motor drive, similar to that used with Mariner B and C tape recorders,
provides output data in synchronism with telemetry. The playback motor
speed is constantly controlled by phase comparison of the reproduced
clock signal with the telemetry clock. An output shift register
enables triggering of the data in exact synchronism with the telemetry
4.1.4-9
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clock, thereby providing "jitter-free" output. It is estimated that the
playback servo system may require up to 6 seconds to achieve phase-lock.
This is a small fraction of the total reproduce time, particularly
during the playback of bursts of television data.
During each operating sequence, data is recorded and reproduced for
transmission to Earth at rates determined by the telemetry data mode.
Assumed cumulative record, playback, and non-operate times from launch
through the first 30 days of orbit are shown in Table 4.1.4-2 for each
recorder• Indicated values are based on a total time of 255 days, a
14-hour orbit, and on sequential playback of science data almost con-
tinuously at 7200 bits per second.
Record
Playback
Non-operate
Table 4•I•4-2: RECORDER OPERATING TIME (HOURS)
THROUGH FIRST MONTH OF ORBIT
Maneuver Flare
7•6
39.6
6073
I
For capsule data only.
2•7
125
5992
TV #1
TV #2(each)
3O
240
5850
IR
Scanner
30
20
6070
IR-UV
Spectro-
meter
3O
20
6070
Capsule
Relay
•67*
4.6*
6115*
See Column 3 for use as IV recorder•
4.1.4.5 Performance Characteristics
The operating performance characteristics are tabulated as shown by
Table 4.1.4-3. This table indicates the number of parallel tracks, and
the consequent tape speeds, during record and reproduce. Duplicate record
and playback speeds have been included for backup. An additional record
speed is also included for the relayed capsule data recorder (GFE),
extending the input capability to at least 200,000 bits per second. From
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the total number of tape passes, tape belt life and head wear are calcu-
lated. This life data is included in Paragraph 4.1.4.9. Measurement re-
quirements for data storage are included in the telemetry measurement
summary9 Volume A9 Part I, paragraph 3.7.
4.1.4.6 Physical Characteristics
Significant characteristics are shown in Table 4.1.4-4.
Recorder
|
Table 4.1.4-4:
Capacity
(bits)
TV-I*
13/-2"
IR Scanner*
IR-UV Spec-
trometer*
Flare *
Maneuver *
Capsule
Relay*(GFE)
Interface
Unit
Chassis Assy
Totals
1.2xlO 8
1.2xlO 8
107
lO7
106
106
ix2xlO
3.82xi08
PHYSICAL CHARACTERISTICS
Dimensionsl Volume
(inches) (cu. in) Weight(ibs.) Power (Watts)
lOxlOx5½
lOxlOxS½
6xSxS½
6x8xS_
6x8x5_
6x8xs½
lOxlOxS_
lOxl½x2
550
550
264
264
264
264
55O
3O
2736
18
18
12
12
12
12
Ref(18)±
3
20.7
Record
12
12
6
12
i07.7 6O
Playback
6
6
6
6
6
6
6
42
t
-< .... _ +_ c_pmlle systemWeight is _i_a_ ........
Transport case is pressurized to one atmosphere with dry nitrogen plus
helium trace for leak check.
4.1.4.7 Interface Definition
Table 4.1.4-5 defines data storage subsystem _,,_.._._._-*_=n_.
4.1.4.8 Reliability and Safety Analysis
The preferred centerline for the data storage subsystem is a limited re-
dundancy configuration as shown by Table 4.1.4-6. This centerline achieves
the required overall allocated probability of success (Ps=0.940) consistent
with the weight and volume restrictions implicit in the spacecraft design.
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The primary failure of the recorders is wearout, with drive belt, head or tape
life being most critical. The recorder design for Voyager will provide life
characteristics of parts exhibiting wearout so that the -S sigma points of the
estimated wearout distribution will exceed the required mission time. Random
failures of the electronics then become the predominant failure mode. Figure
4.1.4-3 is a representative faults tree for the data storage subsystem depicting
the failure analysis to be applied during preliminary design.
Reliability estimation of the centerline shows probability of success of each
subfunction to be 0.98, except for TV. By utilizing the capsule relay data
recorder for TV backup rather than as a prime TV recorder after capsule data
has been relayed to Earth, the probability of successful operation of two TV
recorders increases to 0.998 from 0.93 for three without a spare. A failure
of either IR scanner or IR-UV spectrometer recorders will result in a sub-
stantial loss of capability. However, significant quantities of these data
can be transmitted in real time providing a degraded but useful alternate.
After all spacecraft maneuvers have been accomplished, the maneuver recorder
serves as a backup for the flare recorder. This system provides an overall
reliability of 0.95.
Further trades are possible by assigning different priorities to the maneuver
and flare recorder requirements, especially during the cruise phase. Estimates
have yielded reliability factors as high as 0.96. This and possibly additional
backup for the IR scanner and IR-UV spectrometer recorders will also be
considered during the Phase IB study.
Safety analysis of the data storage subsystem indicates no problem areas.
radiation hazard is present.
square wave rms a.c. power.
No
The only personnel hazard is the use of 50-volt
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4.1.4.9 Development Status
The noteworthy developments directly applicable to the Voyager program
are listed below.
i) Raymond Engineering Labs and Kinelogic Corporation have each developed
a 108-bit recorder for JPL for the Mariner project. These units can
be modified to meet Voyager requirements. Currently, Raymond Engineer-
ing Labs is also manufacturing an auxiliary 108-bit recorder memory
for the Gemini program.
2) Recorders with tape speeds to 0.01 inch per second have been
developed for Mariner C and with speeds to 0.02 inch per second for
Mariner B. There is a well-established trade between the number of
tracks per inch of tape width and low tape playback speeds. This
trade is directly applicable to either separate or combined record/
reproduce head stacks.
3) Integrated logic circuitry for parallel-serial conversion is well
developed.
4) The phase-lock loop technology was well developed for Mariner B
and C, Gemini, and Apollo recorders.
5) Ampex Corporation is presently developing an incremental drive system
under JPL Contract 951289 (NAST-100). Progress of this study will be
evaluated during Phase IB with the objective of reconsideration of
incremental drive for very low playback data rates.
6) Combined reproduce/playback heads are well developed for commercial,
Gemini, and Apollo recorders.
7) The proposed 12-pole hysteresis-synchronous motors are basically as
used for Mariner_ but modified to provide improved cogging and
hunting characteristics_ at low playback speed, for 25:1 ratios.
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8) Quality control of vital components such as bearings, heads, motors,
tapes, and fabrication will be equal to that imposed for the Mariner
and Gemini programs.
9) The Mariner B 108-bit recorder operated continuously in excess of
2000 hours in simulated spacecraft thermal environments.
i0) Gaskets for hermetic sealing and pressurization are well developed.
Ii) Magnetic tape with Mylar backing is well developed for computer
facilities. For example, production quantities of Memorex Types
42, 62, and Sigma 26 have error rates of less than 1 in 106 bits,
after i00 passes, at speeds up to 120 inches per second.
12) Record/reproduce head life is satisfactory to 2000 hours at 120
inches per second, and proportionately longer at lower speeds.
13) Life tests of tape belts have been undertaken. The test life is
between 108 and 109 cycles. For a belt 3 feet long, subject to the
maximum estimated number of operating cycles, only about 1.5 percent of
belt life is expended in the assumed Voyager mission.
14) Raymond Engineering Labs is conducting tests to develop a 24-pole
motor. Results are expected by July 1966_ and may permit speed
ratios up to 50:1 for a single motor drive system.
The technology for magnetic recorder tape is constantly being improved.
This area of development will be followed closely with the intent of
selecting an optimum tape to meet the Voyager mission requirements.
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A cursory analysis indicates that present development effort on 10 8 bit
recorders can be extended to provide 2.4 x lO8 bit capacity on one machine.
Such a development would permit achievement of the 5 x 108 bit design goal
for science data storage without adding recorders.
If storage beyond 2.4 x 108 bits is desired on a single recorder, then
an almost completely new development would be necessary.
The literature has given evidence that presently available analog record-
ing technology permits increasing the binary recording densities to i0,000
bits per inch. This would extend the capacity for video information to
109 bits for longer record times and/or enhanced resolution of TV data
for future Voyager missions.
4.1.4.10 Trade Study Summary
Two trade studies I) Data Storage Method for 1.2 x 108 Bit Capacity Magnetic
Tape Recorder and 2) Data Storage Subsystem Reliability are summarized in
Figures 4.1.4-4 and 4.1.4-5, respectively. The data model and storage
requirements derived in paragraph 4.1.3.3 have been imposed upon the
data storage subsystem design.
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Telemetry Subsystem
4.1.5.1 Summary
The telemetry subsystem provides acquisition, limited conditioning and
formatting of science and engineering data; generation, modulation, and
mixing of subcarriers; and presentation of this data to the radio sub-
system for transmission to Earth.
The telemetry subsystem consists of analog and digital multiplexers;
analog-to-digital converters_ clock count-down circuits; programmers,
buffers,synchronization generators, biorthogonal block encoders, bi-
phase modulators, summing circuits, selected signal conditioners and
a.c./d.c, power supplies.
The design provides efficient acquisition and formatting of data
while permitting flexibility to accommodate changing data requirements.
This flexibility is attained by acquiring and processing the data from
each major source, independent of any other data source, and varying
the content of the master data frame to accommodate the mission phase
data requirements. Specifically, the telemetry subsystem operates in
five basic modes, providing an optimum data content for each mission
phase, as follows:
i) Mode 1 -Launch and Interplanetary Cruise Phase--covering launch
to orbit insertion at a data rate of 80 bps.
2) Mode 2 -Early Orbit Phase--covering orbit insertion, capsule
separation and entry, and the first 80 days of Mars orbit at a data
rate of 7,488 bps.
4.1.5-1
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3)
4)
5)
Mode 3 - Late Orbit Phase and Early Orbit Backup--covering a mini-
mum of i00 days after Mode 2 at a data rate of 1260 bps. This
mode is also operable over the medium gain antenna for the first
i00 days after encounter for early orbit backup.
Mode 4 - Emergency--covering any mission phase at a data rate of
1.64 bps.
Mode 5 - Acquisition--expedites acquisition of R£ carrier at
Johannesburg. No data is transmitted.
Over 400 channels of spacecraft engineering data can be accommodated at
sampling rates, as a function of mode_ varying from one sample per
10,200 seconds to one sample per 2.3 seconds. Planetary science data
is handled at rates of 7200 or 1200 data bits per second. The addition
of another mode would allow a data rate of 15,000 bits per second during
the first month of orbit.
The reliability of the telemetry subsystem, performing in the primary
modes (1, 2, and 3), is 0.9978. In addition, the reliability of the
telemetry subsystem operating in emergency mode 4, at any time during the
mission, is 0.9985. The preferred design is an extension of that pro-
posed during Task A, with the necessary modifications to accommodate the
revised spacecraft and capsule design and science data requirements.
The design incorporates time and frequency multiplexing, bi-phase modu-
lation, biorthogonal block coding of science data, and synchronization
techniques as selected during Task A. The proposed design is sized at
900 cubic inches and 57.3 pounds, and requires 13.9 watts of 2.4 kc
prime power.
4.1.5- 2
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Applicable Documents
Boeing Task A report, D2-82709-1, Spacecraft System, Final Techni-
cal Report, dated July 1965.
Voyager 1971 Preliminary Mission Description, October 15, 1965,
Jet Propulsion Laboratory.
Preliminary Performance and Design Requirements for the Voyager
1971 Spacecraft System, General Specifications for, September 17,
1965, Jet Propulsion Laboratory.
Boeing Task A report, D2-82709-2, "Alternate Designs Considered
for Flight Spacecraft and Hardware Subsystems," dated July 1965.
4.1.5.3 Design Constraints and Requirements
In addition to the requirements of Section 2.0, the design of the tele-
metry subsystem is bounded by the following constraints and requirements,
derived from references 2) and 3), and a Boeing-generated data model
(see Section 4.1.3):
l) Provide that a minimum of 2.5 x 106 bits per day of cruise science
data be transmitted to Earth, with the design goal being 5 x 106
bits per day.
2) Provide that a minimum of 5 x 107 bits per day of science payload
data be transmitted to Earth at the end of the 6-month orbit about
Mars, with the design goal being lO8 bits per day.
3) The information bit error rate will not exceed 5 in lO3.
4) Capsule data will be relayed to Earth after capsule-spacecraft
separation.
4.1.5-3
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12)
13)
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Spacecraft engineering data will be acquired and transmitted to
Earth.
Real-time spacecraft engineering data will be transmitted in all
modes.
Provision will be made for reduced (degraded) modes of operation
in event of failure of the prime mode(s).
Reduced-rate mode(s) will be provided to permit acquisition of
planetary science data through the first and second month of orbit,
if the high-gain antenna fails.
One or more all-engineering data modes will be provided.
An emergency mode will be provided for spacecraft engineering data
for diagnostic purposes.
Each data frame will contain a sequential count or spacecraft time.
The count will be independent of a change in mode.
Telemetry components will not interfere with the phase tracking of
the RF carrier or DSN plans for automatic RF acquisition.
The spacecraft telemetry data rate will not exceed 15,000 bits per
second.
The telemetry subsystem will provide an adequate number of different
bit rates to cover the flight phases properly.
The probability of survival of the telemetry subsystem in the pri-
mary mode will not be less than 0.99.
4.1.5.4 Preferred Design and Functional Description
l) Preferred Design--The preferred telemetry subsystem is shown in the
functional block diagram of Figure 4.1.5-1. The major functional
components of the subsystem are a master digital programmer, biphase
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Figure 4. 1.5-I: Telemetry Subsystem
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modulafors, countdown circuits for bit rate and subcarrier frequencies,
master digital multiplexer, engineering multiplexer including A to D
converters, and the block coder.
The master programmer contains a matrix which is basically 26 by 5.
Any of the five major data sources (see Table 4.1.5-1 ) can be given
any portion of the master data frame by adjusting the matrix. The
specific matrix selected for the preferred design results in the
master frame identified in Table 4.i.5-.1 and Figure 4.!.5-2.
Timing signals, including bit rates, and subcarrier frequencies, are
obtained from a countdown matrix which is synchronized with the
master clock in the power subsystem.
D
2)
The data switches will be field-effect transistors arranged in
parallel-series quad configuration. The analog-to-digital converter
is a successive approximation 7-bit binary encoder. The digital
multiplexer is a switch array with the timing accomplished exter-
nally. Word and bit sequencing are controlled internally so the
bit train may be stopped and started at any time by stopping and
starting the load pulses. Signal conditioning is limited to pro-
viding precision isolated excitation voltages. Separate telemetry
processor and conditioning/junction box packaging provides access
to the telemetry subsystem during checkout and malfunction isolation.
Functional Description
a) Mode i - Launch and Interplanetary Cruise Phase--Mode I provides
acquisition and generation of flight spacecraft and capsule
engineering data, cruise science data, and playback of recorded
Mode I data or solar flare data. The master frame for Mode I,
4.1.5-7
BOEING-- SPACE DIVISION
D2-82709-6
LOWER CHANNEL
Bit-
MOD[ Rate
(bps)
1 8O
2 288
3 60
1.64
4
5
SCO
Freq.
(cp )
1440
1440
240
120
240
MODULATION
upper channel
lower channel
Coherent PSK/PM
Coded PSK/PM
Coherent PSK/PM
Coded PSK/PM
Coherent PSK/PM
Two-channel
Coherent PSK/PM
Carrier Only
TABLE 4.1.5-3:
UPPER CHANNEL
Bit- Rate
data xmt' d
(bps (bps)
7200 23040
1200 3840
SCO
Freq.(cps)
92,160
92,160
MISSION PHASE(s)
Launch
Cruise
_ Acquisition
Encounter
Early orbit
Late orbit (early
orbit back-up)
Emergency during
cruise and orbit
Telemetry Modulation as a Function of Operating Mode
DATA TYPE X MODE
Spacecraft engineering
Capsule engineering
Cruise science
Tape reproduce #
Sync and identification
TOTAL WORDS PER FRAME
TABLE 4.1.5-2:
WORDS PER MASTER FRAME
1 2 3 4
12
3
26
4
lO
4
5
26
13
5
3
26
23
26
Master Frame Composition as a Function of Operating Mode
MODE
DATA TYPE
Spacecraft engineering
Capsule enqineerin 9
Cruise science
Tape reproduce #
Sync and identification
:TOTAL OF LOWER CHANNEL
Planetary Science
(uDDer channel)
2 3 4
xlO 6 xlO 6 ×106
per per per per per per
sec. day sec. day sec. day
12.3 1.1 44.3 3.8 11.5 1.0
6.2 0.5 110.8 9.6 - -
36.9 3.2 44.3 3.8 30.0 2.6
15.4 1.3 55.4 4.8 ii.5 1.0
9.2 0.8 33.2 2.9 6.9 0.6
80 6.9 288 24.9 60 5 • 2
- - 7200 662.1 1200 103.7
xlO 6
_er per
sec. day
1.45 0.13
0.19 0.02
1.64 0.14
TABLE 4.1.5-1: Average Data Rate (in bits) as a Function of Operating Mode
#allocated to cruise science except during tape-recorder playback.
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Figure 4. 1.5-3: Spacecraft Engineering Major Frame
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shown in Figure 4.1.5-2, illustrates the allocation of words to
the data sources.
(i) The master frame for Mode I consists of 26 7-bit words. The
frame contains a 7-bit Barker word and a 7-bit frame-count
word. Ambiguity in frame count is resolved by a time word
in the spacecraft engineering frame. A third 7-bit word
identifies the mode of telemetry subsystem operation and
_he source of playback data.
The master programmer generates the master frame by gating
the bit-rate pulses delivered to each data source. Data
derived from the sources are "OR'd" to form a serial PCM
data train at 80 bits per second (bps). This data train
is simultaneously presented to the lower subcarrier modu-
lator and data storage subsystem to facilitate recording
during spacecraft maneuvers.
(2)
A 1440 cps subcarrier is coherently bl-phase modulated by
the formatted PCM train, and provided to the radio subsystem
for transmission. The unmodulated PCM data train and the
PCM bit rate are delivered to the Planetary Vehicle
umbilical connector during prelaunch, and to the launch
vehicle instrumentation unit during launch for modulation
on an FM subcarrier.
Spacecraft engineering data consists of those measurements
required to determine and verify vehicle and subsystem
performance and occurrence of spacecraft events. This data
is derived by sequentially sampling analog transducers and
4.1.5-i0
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digital data sources. Analog data is digitized to 7 bits,
and multiplexed with the digital data, to form an inter-
mittent serial POM data train. The representative spacecraft
engineering measurement list summary (paragraph 3.7) identi-
fies the types of data and sampling rates currently
anticipated for the Flight Spacecraft. Table 4.1.5-4 is a
more condensed measurement summary indicating sampling rate
versus quantity. Figure 4.1.5-3 illustrates the proposed
engineering major frame sampling sequence and rates. This
engineering major frame is multiplexed into the master frame
as identified in Figure 4.1.5-2.
Table 4.1.5-4: MEASUREMENTS SUMMARY
Word Type
Bits/Word _
Nominal
Samples
Per Sec
Ana_oq Discrete Diqital1 2 _4 1__0 12 15 28 41
Spacecraft
Engineering
Totals Bits/Sec
Spacecraft
Science
Engineering
i/i0 2 2
1/60 21 25 2 I i 3 53*
1/120 3 2 5
1/600 64 25 4 2 95
±/zLv_ I_A 94 4 232
"F 4-1o_als
1/1200 38 38
95
1.400
4.783
0.858
0.848
0.893
0.222
I
i 262 144 2 4 6 i ii 3 2 425* 9.005
I 1 I I 'i , ,
These totals include frame time, sync word and vehicle I.D.
(3) Capsule engineering data provides status information. The
spacecraft will supply power and bit-rate to the capsule
information system, and, in turn, receive a synchronous PCM
4.1.5-11
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data train suitable for insertion in the master frame. An
average bit rate of 6.2 bits per second is proposed for
Mode I capsule status data.
(4) Cruise science data is derived from the science experiment,
and is assumed to be digitized and formatted with the
necessary synchronization and identification. The tele-
metry subsystem provides bit-rate, gated as necessary, and
in return receives synchronous PCM data for real-time
inclusion in the master frame. Non-real-time cruise science
data is available from the data storage subsystem at a
constant bit-rate for inclusion in the master frame in the
words allocated to tape recorder playback. The priority
of stored maneuver data, which provides that it be trans-
mitted firsi_ does not impair recovery of cruise science
data, since the occurrence of stored maneuver data during
cruise is relatively infrequent.
(5) Non-real-time data from the data storage subsystem is
buffered at the reproduce rate, and then read out in
5-word groups in response to the gated bit-rate pulses pro-
vided by the master programmer. The decision as to the
source of stored data to be played back (maneuver or cruise
science) is made by the data storage subsystem. The data
identity bit in the mode identification word is provided
by the data storage subsystem.
Mode 2 - Early Orbit Phase--Mode 2 provides for all of the Mode
I data (described in 4.1.5.4a) at a rate of 288 bps on the lower
subcarrier, and provides planetary science data at a rate of
7200 bps on the upper subcarrier described in this section.
4.1.5-12
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(i) Figure 4.1 5_2 illustrates the composition of the Mode2
master frame. The increase in lower subcarrier data rate
is designed to accommodateincreases in spacecraft activity,
capsule subsystem checkout prior to release, and relay of
capsule data during deorbit. Prior to capsule separation,
the increased average data rate for checkout is achieved by
increasing the bit-rate and word allocation. After capsule
separation, data and derived bit-rate are received from the
radio subsystem. Post-separation capsule data is buffered
and shifted out in blocks of I0 words for incorporation in
the master frame. It is proposed that the post-separation
data rate be less than or equal to the average capsule
checkout rate of 110.8 bps, and that synchronization be
maintained by inserting a preselected word into the data
train whenever the data slips behind the telemetry rate.
This artificial word is then identified and discarded on
the ground.
(2) The upper frequency subcarrier accommodates photo-imagery
data from each of the two photo-imagery recorders, data
from the IR scanner recorder, data from the IR/UV spectro-
meter recorder, and data from the capsule entry da%a
recorder. Data from any one source is biorthogonally
block-coded and then bi-phase modulated on a subcarrier
at 7200 data bps. Data bit-rate is provided to the data
storage subsystem by the telemetry subsystem to synchronize
the reproduced data.
4.1.5-13
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The modulated upper and lower subcarriers are linearly
mixed and their composite is presented to the radio sub-
system for transmission. No synchronization or identity
information is added to the upper subcarrier data_ rather,
the mode identification word in the lower subcarrier master
frame contains the identity of the planetary science data.
c) Mode 3 - Late Orbit Phase--Mode 3 is similar to Mode 2. The
format of the lower subcarrier is shown in Figure 4.1.5-2. The
allocation for capsule engineering data is now divided between
spacecraft and cruise science data. The upper subcarrier is
identical to Mode 2 except that the bit-rate is 1290 bps.
d) Mode 4 - Emergency--Mode 4, available on command from Earth, or
automatically after loss of attitude stabilization, provides
that only spacecraft engineering data be transmitted. The data
is bi-phase modulated on a 240-cps subcarrier at a data rate of
1.64 bps. A separate channel modulated by a 511 bit PN (pseudo
noise) cycle at 120 bps is coherently generated to provide
synchronization information for the master frame. The 511 bit
PN sequence, providing 73 PN bits per data bit, can be modulated
on 120 cps subcarrier and thus be outside the DSN doppler
tracking loop.
e) Mode 5 - Acquisition--Mode 5 removes all data subcarriers so
an unmodulated carrier is available for acquisition by the DSIF
at Johannesburg. During Mode 59 Mode 1 data is stored on the
data storage subsystem maneuver recorder until restoration of a
normal mode of operation.
4.1.5-14
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Design Description
a) Channel capacity assigned to each of the major data sources is
identified in Table 4.1.5-3. The allocation to capsule
engineering in Mode 2 is available for use by the DAH (as
additional cruise science data capacity) after the capsule
impacts Mars.
b)
The low data rate (1.64 bps) of Mode 4 (less than 150,000 bits
per day) was selected to provide adequate link margins during
maneuvers, and to provide an emergency capability far into the
orbital phase of the mission.
Synchronization information content is identified by the pro-
babilities associated with acquiring and losing synchronization.
(i) Recovery of the PCM data on the lower data subcarrier in
all modes requires detection of the 7-bit sync word in the
182-bit master data frame. Using the development of Task A
D2-82709-I, Section 4.1, the probability Pf of false
lock while the recognizer is searching is 0.76, the
probability Pt of acquiring true sync in one frame is 0.23,
and the number of frames required to give a 99_ .... _-_i_÷,,
of sync acquisition is 16. The probability of losing sync
due to the 5 x 10-3 bit error rate is 1.5 x 10 -6 .
A i5-bit sync word is proposed for the spacecraft engineering
data frame of 714 bits. If the probability of bit error is
5 x 10-39 and if one error is permitted in the sync pattern,
the probability Pt of acquiring true sync in one frame is
0.72.
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c)
BOEING--SPACE DIVISION
D2-82709-6
(2) As in the Task A study, the telemetry demodulator for
Mode 4 is proposed to be a 2-channel PN synchronized
detector as developed by JPL. The length of the pro-
posed PN sequence is 511 bits. Following the development
in the Task A D2-82709-I Section 4.19 a sync channel
operating threshold of 9 db, a bandwidth of 2BL0 of
0.5 cps, and a limiter suppression factor of 0.0987
results in a phase error in the loop of 0.354 radians.
The probability of losing bit and word sync is then
6 x 10 -6.
Elementary adaptive programming is proposed to permit additional
use of channel capacity allocated to tape recorder playback and
to capsule engineering.
4.1.5.5 Performance Characteristics
Table 4.1.5-3 identifies the telemetry modes, data bit-rate, subcarrier
frequency, modulation technique, and mission phase for which the mode was
designed. Table 4.1.5-2 supplements Figure 4.1.5-2 in identifying the
allocation of the lower frequency channel as a function of data source
and telemetry operating mode. Table 4.1.5-I contains the average data
rate allocated to each major data source as a function of telemetry
operating mode.
4.1.5.6 Physical Characteristics
Physical characteristics of the telemetry subsystem are shown in Table
4.1.5-5.
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Assembly
Table 4.1.5-5: TELEMETRY PHYSICAL
Power
Input Diss.
Thermal
TAT
OF
Non-
OF
T/M
Process 1
H Frame
Misc. 1
Condition
and
J-Box 1
Total
2.4kc 11.4
I
2.4kc 2.5
14.4'11.4i14.41 -4
4.1.5.7 Interface Definition
Table 4.1.5-6 contains a tabulation of telemetry subsystem interfaces.
Telemetry subsystem performance and status measurements are shown in
Volume A_ Part I, paragraph 3.7.
4.1.5.8 Reliability and Safety Analysis
The preferred telemetry subsystem has a reliability of 0.9978 for 5880
hours_ which represents a reduction in failure rate by a factor of
approximately 61.4 times that from a single thread (no redundancy) con-
figuration. The functional reliability model is shown in Figure 4.1.5-4.
i) Functional Capability--The design provides that no single failure
will cause complete loss of subsystem capability. A representative
fault tree (Figure 4.1.5-5) has been generated for the proposed
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design to demonstrate the failure analysis to be applied during
preliminary design. The preferred design has the following features:
a) The upper channel is fully redundant.
b) The lower channel has active redundancy to assure that no single
malfulction will cause channel failure. The types of redundancy
proposed are quad gates, 2/3 majority voting, triplicated
majority voting, and parallel active. These techniques do not
require sensing and switching, and will be fully evaluated and
demonstrated for the applicable subfunction in failure simulation
breadboard testing.
c) Propagation of a single catastrophic failure in the spacecraft
engineering data processor has been reduced to an insignificant
probability by the use of quad gates.
d) The loss of master synchronization from the power subsystem, caus-
ing complete failure of the subsystem, has been obviated by use of
an oscillator which will free run if master synchronization is lost.
e) Loss of one power input bus, causing complete subsystem failure,
has been obviated by dual a.c./d.c, converters, which run off
independent power busses.
Functional Assessment--Reliability of the centerline design has been
assessed for the various functional modes as summarized in Figure
4.1.5-4.
4.1.5.9 Development Status
The telemetry requirements of the Voyager mission cannot be satisfied by
existing space-qualified equipment, and thus necessitate a limited amount
of development prior to Phase II. To minimize Phase IB development and
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program risk, design and implementation techniques developed and proven
for the NASA/3PL Lunar Orbiter and Mariner programs are incorporated in
the proposed telemetry subsystem design.
A single-thread breadboard of the telemetry subsystem will be constructed
to verify end-to-end performance in all operating modes and formats. In
support of this test, the following ground elements will be breadboarded:
l)
2)
3)
Dual channel demodulator and bit synchronizer detector,
Coherent PSK-PCM demodulator and bit synchronizer detector,
Coherent PSK-PCM block encoded PCM demodulator and bit detector.
4.1.5.10 Trade Study Summary
The fundamental design trades performed in Task A D2-82709-2 resulting
in time and frequency multiplexing, bi-phase modulation_ blorthogonal
block coding of science data, and the proposed synchronization techniques,
are applicable to the proposed design presented here. In addition, the
telecommunications configuration study contained in paragraph 4.1.3.3
has resulted in a specific data model, modes, and formats which are
imposed upon the telemetry subsystem. The proposed design reflects a
specific implementation which satisfies these trades and the results of
the link analysis of paragraph 4.1.8.
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Radio Subsystem
4.1.6.1 Summary
The radio subsystem proposed for Voyager is a fully redundant conven-
tional S-band system with the following design features and performance
characteristics:
i) Redundant 50-watt TWT power amplifiers, driven by redundant
exciters, are provided.
2) The 6.5-foot-diameter high-gain antenna is gimballed about 2 axes.
This antenna, coupled with the 50-watt power amplifier and the
DSIF 210-foot ground antennas9 provides a data rate of 7488 bits
per second for 80 days after encounter and 1260 bps until end of
mission in the worst case.
3) The Mariner C 2-foot by 4-foot antenna is incorporated as a medium-
gain backup in event of high-gain antenna failure and provides 1200
bits per second for up to i00 days after encounter.
4) Dual low-gain antennas are provided which are connected via diplexers
to dual S-band receivers for maximum reliability in the command
channel. Low-noise tunnel diode preamplifiers in each receiver
channel allow reception of commands through _ i_,^,_=_n antennas
for the entire mission using the 100 kw DSIF transmitters.
5) A planetary ranging unit, operating in conjunction with the DSIF,
provides a range measurement.
6) Predicted reliability for 5880 hours is 0.982 and subsystem weight
is 162.5 pounds.
This system represents an extrapolation of the techniques used on Ranger
and Mariner.
4.1.6-1
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The Task B design reflects some changes from the Task A radio subsystem.
JPL specifications have incorporated the relay radio and antenna sub-
systems into the radio subsystem. The size of the high-gain antenna (HGA)
is reduced, while the Mariner C antenna and a redundant low-gain antenna
have been added as noted above. The ranging unit is also new. Growth
capability in the radio subsystem range and/or bandwidth can be realized
by increasing the HGA size to an 8 foot x 12 foot paraboloid. This
increase can be accommodated within the present spacecraft configuration.
4.1.6.2 Applicable Documents
I) JPL Document, "Voyager 1971 Preliminary Mission Description,"
dated October 159 1965.
2) JPL Specification, "Performance and Design Requirements for the
Voyager 1971 Spacecraft System, General Specification for,"
(Preliminary) dated September 17, 1965.
3) Boeing Task A Report_ D2-82709-I, Spacecraft System Final Technical
Report, dated July, 1965.
4) Boeing Task A Report, D2-82709-2, Spacecraft System Final Technical
Report, dated July, 1965.
5) Boeing Document D2-82731-I, "Mars Mission Antenna Studies."
4.1.6.3 Design Constraints and Requirements
In addition to the requirements of Section 2.0_ the following design
constraints and requirements will be satisfied by the radio subsystem
design:
i) Provide uplink communications with the Flight Spacecraft from
prelaunch to end-of-mission by a low-gain_ non-steerable antenna
configuration.
4.1.6-2
2)
3)
4)
5)
6)
7)
8)
9)
i0)
ll)
12)
13)
14)
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Provide capability for downlink communications with the Flight
Spacecraft from prelaunch through end-of-mission.
Receive and track in a phase lock loop a 2115 Mhz phase modulated
RF signal transmitted by DSN stations.
Coherently convert the received carrier phase and frequency by a
240/221 ratio, and retransmit as an RF carrier frequency at 2295
Mhz.
Provide an auxiliary oscillator for generating RF carrier fre-
quency in absence of a received signal for coherent drive.
Detect the command subcarrier received from DSN stations, and
provide subcarrier output to the command subsystem.
Demodulate a received PN range code and ranging clock signals,
regenerate the range signal with a correlated code, modulate
the RF carrier with the range signal, and retransmit.
Phase-modulate the carrier with telemetry baseband, and transmit
telemetry data to DSN stations.
Receive and demodulate the post-separation RF signal from capsule,
and provide the resulting serial data bit stream to data storage
(50-200 Kbps) and telemetry (115 bps) subsystems.
Radiate a nominal RF power output of 50 watts.
Support a telemetry subsystem bit error rate requirement of no more
than 5 in 103 .
Meet a reliability allocation of 0.97 for a 5880-hour mission.
Provide right-hand circularly polarized antennas with ellipticity
not exceeding 0.5 db.
Transmission of spacecraft RF signal prior to nose-fairing separa-
tion will not require a mechanical connection between spacecraft
and nose fairing.
4.1.6-3
L
BOEING-- SPACE DIVISION
D2-82709-6
4.1.6.4 Preferred Design and Functional Description
i) Preferred Subsystem Configuration--The preferred design config-
uration shown in Figure 4.1.6-1 provides high reliability in
performing required functions through use of redundancy and auto-
matic switching, backed up by real-time commands. The design uses
proven or generically related Mariner C components wherever
possible. Trade studies which led to the preferred configuration
described below are summarized in Section 4.1.6.10. The preferred
configuration includes the following design features to meet
mission requirements:
a)
b)
c)
d)
e)
Two RF transmission power levels are used during the mission.
The launch transmitter, 1-watt RF power output, is used for
launch and early flight phases. A 50-watt TWT transmitter is
used from first 3 days to end-of-mission.
A redundant low-gain omnidirectional antenna is provided.
Dual exciters and dual power amplifiers are used, with
excitation of either power amplifier by either exciter
through a hybrid.
RF transmission is from either high-power transmitter over
either low-gain antenna during the early mission cruise
phase and during maneuvers, and over the prime high-gain
steerable antenna or a backup fixed position medium-gain
antenna, during latter mission phases.
Reception of the DSN carrier on either redundant low-gain
antenna preamplifier/receiver ranging unit combination.
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Figure 4.I.6-I: Radio Subsystem Diagram
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f)
g)
Both receivers are at the same frequency, with different
frequencies used for the two Planetary Vehicles.
Planetary ranging capability.
Accommodation for the GFH relay receiver.
Subsystem Functional Operation--Description of functional opera-
tion of the radio subsystem of both Planetary Vehicles during the
sequential mission phases is as follows:
a)
b)
c)
Prelaunch Phase--During prelaunch phase, checkout is per-
formed by receiving the DSN carrier signal over the space-
craft low-gain antenna through the RF window in the nose
fairing. The launch transmitter RF signal is received
through the umbilical by the launch pad checkout equipment
via a directional coupler in the low-gain antenna B RF line_
or through RF open-loop through the nose fairing windows.
Launch Through Acquisition Phase--At liftoff, through boost,
injection and acquisition_ the radio subsystem operates in
the standard receive mode and the low power transmit mode.
The telemetry PCM data is provided to the S-IVB telemetry
system which furnishes the prime link for YLM data during
launch, boost, and parking orbit phases. After transfer
orbit injection, DSN acquisition of the down-link unmodulated
carrier signal is achieved, and 2-way phase lock is estab-
lished with the radio subsystem.
Interplanetary Cruise Phase--Prior to first midcourse
maneuver, the launch transmitter chain is turned off, and
4.1.6-7
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e)
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the 50-watt transmitter is activated for cruise phase opera-
tion. Prime receiver A is activated throughout the mission9
with receiver B switched on in the event of receiver A
failure.
A ranging unit is provided with capability for planetary
ranges, as an aid in transfer trajectory and Mars orbit
determination.
The power amplifier RF output is radiated over the low-gain
antenna for approximately 120 days. The steerable high-gain
antenna is then employed for the late mission cruise and
orbiting phases.
Trajectory Correction Maneuver Phase--During maneuvers in
the late cruise phase, the radio subsystem is switched to
the low-gain antenna to minimize loss of signal.
Orbital Insertion Phase--The RF link with DSN is desired
during orbit insertion to obtain engineering telemetry data.
Marginal link performance at this time by the LGA necessi-
tates the following procedure:
(i) Switch from HGA to MGA.
(2) After signal acquisition on the MGA, the HGA is pointed
for the post-maneuver attitude.
(3) Switch from MGA to HGA for use after the maneuver
attitude is performed. During and after motor burn,
transmission remains on the HCf. RF down-link is
4.1.6-8
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interrupted during the time when the spacecraft is being
reoriented to celestial references, and the HGA
re-pointed.
f)
g)
Orbital Phase--The subsystem operation is identical to
cruise mode, except that P_ transmission is on the HGA. If
high-gain pointing capability is lost, P_ output can be
switched to the fixed MGA, which is pre-set to optimize
pointing for the earth look angle existing at time of
encounter and early orbit.
Mars Entry Phase -- Just prior to the entry phase, relay
receivers are activated for the capsule spacecraft link, and
the spacecraft is maneuvered to the proper orientation for
capsule separation. The capsule-relay link is established
prior to separation. During the spacecraft maneuver for cap-
sule separation, the spacecraft-DSN link will go out of phase-
lock. Data received from the capsule is stored for transmission
after reacquisition of celestial references and subsequent re-
establishment of down-link communications. Capsule data is
received to impact.
Design Description
a) Subsystem Design Considerations - The following paragraphs
describe technical considerations that affect the subsystem
design.
(i) Malfunction detection and automatic redundancy switch-
ing is accomplished by the redundant RF power sensors
4.1.6-9
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in the on-line equipments. These sensors actuate con-
trol signal outputs, which gate the malfunctioning
on-line equipment power supply off and turn the redun-
dant equipment on. Redundancy switching is established
with the following priority:
(a) 0n-board sensing
(b) C&$ periodic cycling pulse for receiver switching.
(c) Ground-initiated commands.
The logic for failure switching of the redundant exci-
ters and power amplifiers is indicated in Figure
4.1.6-2(a). The prime switching function is performed
by sensing a degradation in RF power output level or
excessive primary current. Command backup is provided
for possible failures which could occur and be unde-
tected by the power monitor. (Loss of exciter modula-
torj exciter or power amplifier phase instability, etc.)
Provision is also made for ground command to reactivate
the launch transmitter if both exciters and/or power
amplifiers fail. A time delay is included in the power
monitor logic circuits to preclude power amplifier
switching when exciter switching occurs, and exciter
switching when receiver switching occurs.
The receiver and low gain antenna failure switching
logic is shown in Figures 4.1.6-2(b) and -2(c). The
diagrams are separated into internally sensed or
partial failures, and complete failures which would
4.1.6-10
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prevent reception of ground-initiated commands. Figure
4.1.6-2(d) presents failure switching logic for the
high-gain antennas. A failure in the HGA can be com-
pensated via command and switch to the MGA or LGA.
Subsystem regulated a.c. primary power input at 2400
cps is supplied from either a.c. power bus to both the
prime and backup receiver and exciter, to permit con-
tinued subsystem operation in the event of primary
power source malfunction. The redundant power ampli-
fiers are supplied with unregulated 37-100 v.d.c.
primary power from the solar array.
Adequate isolation between the receivers and trans-
mitters is provided by the use of filters in the
transmitter line to suppress spurious noise/RFl genera-
ted by the exciter or power amplifier in the bandpass
of the receiver. Diplexer isolation of i00 db at the
transmitter frequency is sufficient to eliminate
receiver interference at the transmitter frequency.
The circulators suppress signal leakage through the
HGA or MGA when transmission is over the LGA. (Trans-
mitter leakage through the HGA when in the prime power
amplifier A/low-gain antenna A configuration is down
15 db relative to the LGA. This is sufficient to
decrease phase interference between two signals to
2 db gain reduction.)
Operation of the high-power/high-voltage transmitter
portions of the radio subsystem in the spacecraft
4.1.6-12
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(6)
environment requires consideration of ionization in
pressures above i0-2 mm Hg, and multipactor RF break-
down in vacuum at 10 -4 mm Hg or less. Operation of the
50-watt CW power amplifier is delayed for sufficient
time after launch to permit ambient pressure due to
initial spacecraft outgassing to reduce to a point
below the critical pressure region. The power ampli-
fier9 power converter, and output feed elements,
including antennas, will be designed and tested to
confirm performance in the Voyager environment. Areas
of investigation regarding multipactor breakdown will
include electric field intensity, gap boundary/surface
conditions_ and circulator and isolator magnetic field
effects at 2295 Mhz. Evaluation is required of the
optimum power amplifier fabrication techniques to avoid
critical pressure breakdown.
Most elements of the radio subsystem have low thermal
dissipation relative to volume. The operating power
amplifier is an exception, having 112 watts (maximum)
dissipation. An 0.25-inch thick radiator plate will
assist in limiting the flight operating temperature to
+270 C9 providing increased reliability.
Radio subsystem magnetic moment requirements are de-
pendent upon distance between the subsystem and the
magnetometer, approximately 30 feet.
I
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It is estimated that the isolators and circulator
switches in the radio subsystem will have a combined
field of less than 27 gamma at 8 feet, in any combined
switching mode.
Previous experience will be applied to minimize stray
fields of the 50-watt power amplifier, and contribu-
tions by soft magnetic components (transformers and
chokes) in the power converters. Critical emphasis in
the design and fabrication phase will be given to the
application of proven materials, parts selection,
shielding, packaging, handling, and assembly orienta-
tion techniques, and is anticipated to result in a
total radio subsystem field at the magnetometer of 0.2
gamma or less.
Subsystem Component Description--The following paragraphs
describe major elements of the radio subsystem.
(I) Preamplifier--A Germanium tunnel diode preamplifier
with a 4.5 db nominal noise figure at 2115 Mhz is used
to improve the noise figure of the overall receiver.
Low noise transistor preamplifiers with 3.8 db noise
figures are currently under developmental testing, and
will be considered as alternates if tests continue
favorably.
(2) Receiver--The configuration is identical to the
Mariner C S-band Transponder narrowband double super-
heterodyne automatic-phase tracking receiver, described
in the Task A report, D2-82709-I.
4.1.6-14
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(3) Ranging Unit--The planetary ranging unit is shown in
Figure 4.1.6-3. Initially, the spacecraft receiver
achieves phaselock with the DSN. when ranging is re-
quired, a command enables the output of the clock VCO.
The receiver inlock signal switches the transmitter
code generator output to clock plus acquisition code
and modulates the exciter. When the DSN acquires the
acquisition code, it transmits a PN ranging code and
clock. This signal is received by the spacecraft and
mixed in the ranging unit IF phase detector with the
modulated reference code PN generator output, resulting
in detected clock signal when the PN codes match. When
the 498 kc clock loop is in lock, the correlation de-
tector output switches the transmitter code generator
to the spacecraft PN ranging code. This signal modu-
lates the exciter, and is phase-compared by DSN with
the ground PN ranging code for the range measurement.
A C&S, or command input signal, will gate the 498 kc
VCO on/off to enable the ranging link.
(4) Hxciter--The exciter, similar to the exciter portion
of the Mariner C S-band Transponder, is described in
Task A report, D2-82709-I.
(5) Launch Transmitter-- The launch transmitter is similar
to the exciter, with a power amplifier output stage to
produce the l-watt output. The launch transmitter is
described in the Task A report, D2-82709-I.
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(6) RF Power Amplifier and Power Supply--The preferred
power amplifier device, a traveling wave tube, operates
at a nominal 50 watts with a saturated gain of 30 db.
A minimum overall efficiency of 34 percent under
nominal conditions will be required for this applica-
tion. The effect of RF load mismatch (0.18 db at
1.5.1VSWR)_ RF output variation caused by drive and
temperature variation (0.7 db) and life degradation
(0.2 db at 5800 hours) results in a worst-case value
of 39 watts at the TWT output over the mission dura-
tion. Estimates based upon related current development
efforts indicate the required efficiency can be
achieved. The power amplifier is described in
the Task A report, D2-82709-2.
(7) Power Supplies--There are two types of power supplies
used in the radio subsystem:
(a) AC power supplies are used with the 2400 cps 50 V
rms source for most subsystem equipments, trans-
forming the primary voltage to appropriate supply
voltages for the solid-state equipments (typically
in the _ 20 V range). Magamp and pulse-width-
modulator techniques are used to regulate output
voltages within _ 2_.
(b) The TWTA power amplifier converter is a conven-
tional dc/dc pulse width-modulated converter,
operating from the 87 to i00 vdc unregulated
bus. Configuration is shown in the Task A report,
D2-82709-I, Section 4.1.
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(s) Redundancy Control--A functional block diagram of the
redundancy control unit is shown in Figure 4.1.6-4.
Areas of control are classified as:
(a) Receiver control
(b) Transmitter exciter/antenna selection control
(c) Ranging
(d) Relay receiver
In each area, two types of input signals are involved;
i00 ms 4.8-kc pulse trains from the C&S and command sub-
systems, and analog inputs from failure sensors internal
to the radio subsystem. Dual or triple-redundant cir-
cuitry is used within the redundancy control unit for
increased reliability.
(a) Receiver Control-- Sensor inputs are the in-lock
signal and local oscillator output level. The
analog levels are sent to threshold detectors,
combined through gates, and sampled once per
minute to allow for momentary, self-clearing
failure indication. The combined output drives a
modulo 4 counter. The circuits described above
are redundant and are combined in majority voting
logic. A receiver may also be cutoff independently
by overcurrent sensors employed in the receiver
power supply primary lines. C&S periodic switching
inputs and commands are combined with sensor in-
puts to furnish power supply gating signals.
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Figure 4.I.6-4: Redundancy Control Unit
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(b) Transmitter/Exciter/Antenna Selection Control--
Sensor inputs are the power amplifier and exciter
power outputs. Exciter output will be monitored
simultaneously with the power amplifier to ensure
that a malfunction indication is correct. Redun-
dancy is employed and overcurrent sensors provide
an override cutoff function as described above.
Return to prime power amplifier/exciter A from
backup power amplifier/exciter B (backup) is by
ground command only. Redundancy control logic
switches appropriate RF circulators simultaneously
with application of primary power to the redundant
power amplifier to route RF output from the re-
dundant TWT to the antenna. Antenna selection is
implemented by circulator switching in response to
C&S or command signals. The circulator switch
has no moving parts, and represents the most
reliable method of providing the required multiple-
(c) Ranging Control--The redundancy control unit
accepts C&S and command inputs to enable/disable
ranging, and provides gated output signals to the
ranging unit.
(d) Relay Receiver Control--C&S command inputs are pro-
vided to gate relay receiver power supplies on prior
to capsule separation, and off after impact.
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(9) Low-Gain Antenna--The modified LGA is similar to the
Lunar Orbiter biconical antenna shown in Section 4.1
Task A report, D2-82709-I. A small additional element on
the outer flange of the antenna can be used to alter the
pattern in the vicinity of the null, thus minimizing
effects of vehicle shadowing.
The optimum antenna orientation and boom lengths will be
determined by an experimental antenna pattern range study
carried out on a scale model of the spacecraft. The
experimental pattern data will be evaluated, using techniques
developed by Boeing on digital computer processing of
antenna pattern data. These techniques are suitable for
the development of antenna systems providing broad cover-
age about the spacecraft, a problem which must be attacked
experimentally because of the complex vehicle shapes involved.
Contour plots of gain over the sphere about the vehicle model
are plotted automatically. Earth trajectories relative to
the spacecraft are also mapped on the sphere, and the evalu-
ation of antenna patterns is made by a direct comparison
between available gain and required gain.
This general procedure will be used to optimize the effec-
tive gain, including polarization losses, for the low-gain
antennas. The design requirement for 0.5 db ellipticity
is interpreted as applying to the high-gain and
medium-gain antennas, and not to the field of low-
gain antennas.
4.1.6-22
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High Gain Antenna-- The HGA is a paraboloid of revolu-
tion, having a circular aperture 78" (6 1/2 feet) in
diameter, with gain of 30.5 + i.i, -0 db and half-power
beam of width 4.6 ° . The focal length-to-diameter ratio_
f/D 9 will be between 0.35 and 0.50. An experimental
gain optimization for the feed-reflector assembly is
required to finalize the f/D value within the range
allowable by space constraints.
The feed selected for illuminating the circular parab-
oloid is a cup-mounted turnstile located at the focus_
and supported by a central column which is also the
outer conductor of a rigid, open, coaxial transmission
line. The reflector is a honeycomb sandwich shell,
attached to a tubular support arm by means of a
central fitting and starshaped local reinforcement of
the shell. The edge of the shell is stiffened suffi-
ciently to prevent local thermal distortion or buckling.
The thermal distortion of a HGA9 subjected to a typical
temperature distribution for a honeycomb sandwich
shell9 was conservatively estimated to be within mis-
alignment tolerances.
The shape of the inner surface of the shell is subject
to electrical requirements for gain and pointing
accuracy. Tolerable errors in the shape of this sur-
face after orbit insertion are expressed as random and
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systematic deviations from true parabolic contour. The
design goal for these errors is 0.07 inches for system-
atic edge deflections, and 0.32 inches peak-to-peak for
random deviations. The tolerable errors in fabrication
should be held to significantly smaller values, generally
below the level of accuracy available in gain measure-
ments.
The antenna is mounted on an articulated deployment and
pointing mechanism with integral transmission lines
and rotary joints. The pointing mechanism will maintain
the gain of the antenna toward Earth within the -i db con-
tour (approximately 0.94 degrees in each of 2 ortho-
gonal axes). The design of the pointing controls is
described in Section 4.1.2, Guidance and Control
Subsystem.
The rotation axes are oriented to minimize second-axis
motion in orbit. To allow for a range of transit
trajectories the antenna-axis orientation is optimized
for the range of Earth look angles during orbit_ using
a somewhat greater range of second axis rotations dur-
ing transit. Figure 4.1.6-5 illustrates the range of
o
Earth look angles during orbit. A rotation of 28
in the principal axis is required. The shaded region
corresponds to a communication distance of 45-50
million km, the point at which HGA use is initiated.
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A second axis rotation of _ 5° covers the entire
envelope of possible Earth look angles corresponding
to this distance.
The orientation of the rotation axes are:
(a) Principal Axis: Parallel to a line at a cone
angle of 9909 clock angle of 2010
(b) Secondary Axis: Parallel to a line at a cone
angle of 9009 clock angle of 291 ° .
Polarization losses for the HGA are calculated on the
basis of the following axial-ratio estimates, and for a
DSIF axial ratio of 1.084 (0.7 db ellipticity).
Beam Axis -i db Point
-3 db Point
Axial Ratio, R 1.06 1.15 1.59
Ellipticity, E 0.5 db 1.21 db 4.0 db
(design
requirement)
Polarization
Loss,
Min 0 db 0 db 0.14 db
Max 0.02 db 0.4 db 0.3 db
The same estimates are approximately applicable at the
corresponding points on the major axes of the medium-
gain pattern.
Medium-Gain Antenna-- The MGA is identical to the Mari-
ner C HGA: Aperture 46" x 21"_ focal length 15.18".
The present requirement for an ellipticity not to
exceed 0.5 db is interpreted as referring to the
4.1.6-26
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ellipticity on axis, where the ellipticity of the
Mariner C antenna is 1.0 + 1.0 db at 2295 Mhz and
m
4.0 _ 3.0 db at 2113 Mhz (MC-4-320-A, 5.7.2). The
present requirements, for a maximum ellipticity of one-
fourth the maximum 2295 Mhz Mariner C value, will
probably require some additional control of feed-
system parameters.
The plane containing the minor axis of the antenna will
be oriented on the Earth trajectory during Mars orbit,
i.e._ midway between the 1° contours in Figure 4.1.5-5.
In order to optimize coverage for the early part of
the orbit trajectory_ the peak of the beam is pointed
toward the approximate 90-day position (cone angle 32
1/2 ° , clock angle 277 1/2°).
Relay Link Antenna - A 400 Mhz antenna system is
required for reception of capsule transmissions, from
capsule separation until impact upon Mars. This link
appears to require at least 2 antennas in order to
provide continuous recepiion -- a helix for coverage
of the latter portion of the trajectory_ and a broad
beam low-gain type (such as a unipole) for the early
portion.
Immediately following separation, look angles will vary,
both because of capsule motions_ and because of space-
craft maneuvers. A separate low-gain wide-coverage
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antenna may be required for this initial phase. Since
the capsule trajectory is dependent on requirements
dictated by experiments, the orientation of the capsule
trajectory relative to the spacecraft is not entirely
predictable at this time. Consequently9 antennas
suitable for mounting in a range of orientations (and
vehicle locations) are required. As a result, the
minimum antenna volume, consistent with gain require-
ments, is a desirable design goal.
Gain requirements have been stated in JPL Memo,
"Additional Capsule Data--Capsule Relay Link,"
November 22, 1965. A typical trajectory for deorbit
occurring at apoapsis leads to a gain requirement of
about 9 db. The half-power beamwidth needed is about
400 . These figures are typical parameters for short
helices. For example9 a three turn helix about 9 1/2"
in diameter should provide a gain of at least 9 db on
axis, when mounted on a ground plane approximately 24"
in diameter. Total length above the ground plane is
20-24 inches.
The beamwidth between half-power points is about 60 °
somewhat more than is required for the example trajec-
tory. Depending upon allowable polarization losses
and the application not requiring exploitation of the
maximum bandwidth capabilities of the helix, some
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adjustment of helix parameters (such as pitch angle
and number of turns) to optimize axial ratio should be
feasible.
Other types of antennas which might be employed include
the conical log-spiral, the cavity-mounted helix, the
turnstile array (crossed Yagi), or a simple unipole.
As the range of possible trajectories becomes better
defined, scale-model pattern measurements will enable
selection of optimum locations and orientations.
4.1.6.5 Performance Characteristic
Table 4.1.6-1 presents performance characteristics of major elements of
the radio subsystem.
4.1.6.6 Physical Characteristics
Physical characteristics of radio subsystem components are presented
in Table 4.1.6-2.
4.1.6.7 Interface Definition
Table 4.1.6-3 contains radio subsystem interfaces with other space-
craft subsystems. Telemetry monitor measurements of radio subsystem
equipments are included in Paragraph 3.7.
4.1.6.8 Reliability and Safety
i) Reliability--Radio subsystem reliability is achieved through
functional redundancy and alternate path-switching capability.
The reliability functional flow and detailed analysis is shown
in Figure 4.1.6-6. The preferred design provides a predicted
reliability of R = 0.982 ( At = 0.018) in comparison with an
4.1.6-29
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PREAMPLIFIER
Center Frequency: 2115 Mhz
Bandwidth (3 db): 50 Mhz
Noise Figure: 4.5 db
Gain: 15 + idb
Gain Compression: 2db; -65dbm
Failure Rate: 0.0951%/1000 hours
RHCEIVER
RF Frequency 2115 Mhz Nominal
Frequency Tracking Range: _60 Khz
Noise Figure: i0, +0, -2 db
Threshold: -151 dbm,+2, -idb
Dynamic Range: -70dbm to threshold
APC Loop Bandwidth: 20 cps threshold
267 cps Strong signal
AGC Noise Bandwidth: 1.0 cps threshold
2.0 cps at -70 dbm
Modulation Frequency Response: -1.5 db from
i00 hz to 2.0 Khz
Residual Phase Modulation: 3o peak at -70 dbm
Failure Rate: 1.285%/1000 hours
H XCI THR
RF Frequency: 2295 Mhz Nominal
Power Output: 250 mw
Power Variation: + 1.5 db
m
Phase Control: Auxiliary Oscillator or
Receiver VCO
Aux. OSC Frequency Stability: +lO-7short term
ilO-61ong term
Phase Deviation Capability: +4 radians
-^_,,1_+_n Frequency Response (+3db): 1 8 N_z
Spurious RF Outputs: 40 db below unmoduiated
carrier
Failure Rate: 0.2782%/1000 hours
LAUNCH TRANSMITTER
Same as exciter except:
Power Output: 1.4 watt
Failure Rate: 0.2919%/1000 hours
POWER AMPLIFIER
Power Output:
Saturated Gain:
Failure Rate:
50 watts
30 db
2.092%/1000 hours
DIPLEXHR
Insertion
Isolation:
Failure R_
PRHSELECTOR
Bandwith (
Rejection_
Failure R_
BAND REJECT FILTEF
Center Fr_
Rejection:
Insertion
Failure R6
BANDPASS FILTER
Insertion
Bandwidth:
Isolation:
Failure R_
RANGING UNIT
Input Frec
Input Dat6
Output:
Failure R6
CIRCULATOR SWITCH
Insertion
Isolation:
Switching
Failure R6
CIRCULATOR SWITCH
Insertion
Isolation:
Switching
Failure R_
.oss: 0.5 +0.i Receiver
0.3 + i0.i Transmit
i00 db xmtr to Receiver
40 db Receiver to xmtr
be: 0.010%/i000 hours
3db): 40 Mhz
40 db at +94 Mhz
m
i00 db at +182 Mhz
te: 0.007%71000 hours
bquency: 2115 Mhz Nominal
i00 db over -i0 Mhz
Loss: 0.3 db at 2295 Mhz
te: 0.010%/1000 hours
Loss: 1.O db
30 Mhz
i00 db at +182 Mhz
re: 0.010%/_000 hours
ency: 9.56 Mhz
PN code + clock (received)
code + clock (regenerated)
te: o.26O%/lOOO .......
[3 port)
Loss: 0.2, +0.2, -0.0 db
20 db minimum
Power: 30 mw
re: 0.0211%/1000 hours
14 port)
.oss: 0.3, -0 db
20 db minimum
)ower: 60 mw
:e: 0.0422%/1000 hours
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TABLE 4.1 •6-i COMPONENT PERFORMANCE PARAMETERS
POWER SUPPLIES
Input Voltage: 50V RMS+3, -5%; 2.4 kc ! 0.01%
Regulation: + 2%
Efficiency: _0-85%
Failure Rate:O.085%/lO00 hours
POWER SUPPLY (POWER AMPLIFIER)
Input Voltage: 37-100 VDC
Regulation: +0.5%
Efficiency: 80°% min.
Failure Rate: 0.085%/1000 hours
LOW GAIN ANTENNA (TOROIDAL PATTERN)
Gain: 2 db peak, -6db over 95% sphere
Reamwidth (3 db) Omnidirectional (toroidal)
Axial Ratio: 1.6 (typical, equatorial plane)
VSWR: 1.7:1
Feed Loss: 0.9 db maximum
Failure Rate: 0.130%.1000 hours
HIGH GAIN ANTENNA (PRIME)
Gain: 30.5, +i.i,-0 db
Beamwidth (3 db): 4.6 °
Axial Ratio: 1.6 @-3db, 1.2 on axis
VSWR: 1.5:1
Feed Loss: -0.9, tO, -0.i db
Failure Rate: 0.044%/1,000 hours
MEDIUM GAIN ANTENNA (BACK-UP)
Gain: 23.5, +0.25, -0.5 db
. _0
Beamwidth (3 db): 7.5 x ±I
Axial Ratio: 1.26 on axis
VSWR: 1.5:1
Feed Loss: -0.6, +0, -0.i db
Failure Rate: 0.036%/1000 hours
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Figure 4. 1.6-6: RadioSIS Reliability Functional Flow
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Table 4.1.6-2: PHYSICAL CHARACTERISTICS--RADIO SUBSYSTEM
ASSEMBLY QUANT. _ WGT PWR
PER S/C (LBS) (WATTS)
S-BAND RECEIVERS 2
EXCITERS 2
LAUNCH TRANSMITTER 1
POWER AMPLIFIERS 2
REDUNDANCY CONTROL AND CONVERTOR 1
RELAY RECEIVERS 2
MISC. (RF COMPONENTS, H-FRAME, ETC.)
LOW GAIN ANTENNAS (INCLUDING BOOM) 2
MEDIUM GAIN ANTENNA (INCLUDING BOOM) 1
HIGH GAIN ANTENNA 1
RELAY ANTENNA 1
TOTAL WEIGHT
32.6
13.4
8.3
21.6
11.0
(14.2)*
48.6
8.0
5.0
12.5
1.5
162.5
13.0
7.2
34.0
150.0
3.1
13.0
0.2
TOTAL LAUNCH 50.3 AC 0 DC
POWER CRUISE 23.5 AC 150 DC
ORBIT 36.5 AC 150 DC
_Weight charged to Capsule System
2)
allocated requirement of R = 0.97 (At = 0.030). The Launch Trans-
mitter-Low-Gain Antenna A mode is single thread for the brief 70-hour
period between separation and activation of the power amplifier. The
short time requirement provides adequate reliability (R = 0.999) during
this phase as early activation of the power amplifier is a potential
backup. All other basic functions have reliability estimates of 0.98
or better. Each antenna is estimated to have a deployment of 0.99986,
based on use of a Vinson actuator. This "one-shot" probability does
not significantly degrade the individual antenna R. Malfunction modes
and failure sensing are described in paragraph 4.1.6.4(3) a).
Safety--Safety analysis indicates that RF radiation at the near-field
boundary of the HGA, using the 50-watt CW power amplifier, is 0.008
watts/cm 2, less than the 0.010 watts/cm 2 allowable maximum. This
situation will occur when the power amplifier inhibit circuit is
4.1.6-35
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disabled for integrated system checkout. Procedural safeguards
will be implemented to restrict approach distances during testing.
No problem is anticipated in receiver pre-amplifier damage due to
the diplexer isolation at the transmitter frequency. Evaluation
of potential squib actuation at this power level will be required.
4.1.6.9 Development Status
Significant development effort will be required to provide a 50-watt
traveling wave tube power amplifier for this application. The overall
34_ efficiency requirement represents reasonable extrapolation of exist-
ing 20-watt T_Ff designs by qualified suppliers, noted in Section 4.1
of Task A report, D2-82709-I. Due to the task efforts involved in
development and qualification of the 50-watt tube, this development
program should be initiated early in Phase IB.
Development tests will be conducted during Phase IB on the high-gain
antenna to verify the design's capability to withstand the thermal and
vibration environment of a typical Voyager mission. The thermal and
vibration effects will be evaluated to determine effects on the
electrical performance of the antenna.
4.1.6.10 Trade Study Summary
l) S-band Configuration Trade--The attached trade summary sheet
(Figure 4.1.6-7) describes studies that led to the preferred sub-
system configuration shown in Figure 4.1.6-1. Additional evalua-
tion of the optimum configuration will be conducted in Phase IB
under JPL guidance.
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Receiver Control Consideration--The attached summary (Figure
4.1.6-8) describes the evaluation of various receiver operational
configurations.
Structural Configuration of High Gain Antenna-- Figure 4.1.6-9
presents trade summary results for honeycomb versus wire mesh
construction.
Antennas, Electrical--Antenna trade studies, still largely
applicable for this task9 are contained in Boeing Document
D2-82731-i_ "Mars Mission Antenna Studies."
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Command Subsystem
4.1.7.1 Summary
The command subsystem, with the radio subsystem and the DSIF ground
equipment, provides a means of controlling spacecraft functions from
Earth by radio command.
The command subsystem consists of redundant command detectors and detec-
tor selection logic, redundant command decoders operating in a parallel
multi-channel manner, and a command output combiner. It has the capa-
bility to supply command words to the C&S or to the DAE, to provide
commands to elements for malfunction correction, and to backup all C&S
commands independently of the C&S. A capacity to execute 200 commands
is provided in the basic design with growth capability by expanding the
command output combiner.
The command detectors detect the command subcarrier from the radio sub-
system receivers. The operating aetector output is selected by the
detector selection logic for decoding by the command decoders. Real
time commands from the redundant decoders are combined in a passive
command output combiner; cor_nand words are sent to update the C&S or to
the DAE. No single failure in the command subsystem can cause the
execution of a false command or command word.
The Task B design reflects some changes from the Task A design. The
major change is the transfer of the command detector from the radio
subsystem, and the addition of decoders to provide the command subsystem
with the capability to decode and execute commands independently of the
C&S.
4.1.7-i
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The commandsubsystemdesign provides:
i) An overall reliability of 0.9847 over the mission period of 5880 hours.
2) The capability to provide command words to the C&S and DAE with reli-
ability of 0.9999 over the mission period of 5880 hours, and to verify
their correctness via telemetry.
3) Probability of 10 -20 of executing a false command with a command bit
error rate of 10-5 •
The system weighs 31.4 pounds; occupies a volume of 1496 cubic inches, and
requires 15.8 watts of prime spacecraft power.
4.1.7.2 Applicable Documents
I) JPL Document, "Voyager 1971 Preliminary Mission Description," dated
October 15, 1965.
2) JPL Specification, "Performance and Design Requirements for the
Voyager 1971 Spacecraft System, General Specification for,"
(Preliminary) dated September 17, 1965.
3) Boeing Task A Report, D2-82709-I, Voyager Spacecraft System Final
Technical Report, Volume A, dated July 1965.
4.1.7.3 Design Constraints and Requirements
In addition to the requirements of Volume A, Part I, Section 2.0, the
following constraints and requirements apply:
i) The command subsystem will demodulate command signals from the output
of the flight spacecraft radio subsystem, and will decode the
digital commands, providing outputs as required to the recipient
flight spacecraft subsystems.
4.1.7-2
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The command decode and execution function will be independent of the C&S.
Synchronization acquisition time will be minimized.
The probability of command rejection in the command subsystem because
of false out-of-lock indications and/or bit errors will be less than
10-4 for each command transmission.
The bit error probability for the command link at threshold will be
less than 10 -5 .
The probability of a word error will be less than 10 -8 .
Updates, through the C&S, initiate times of all events.
Provides all maneuver command words to the C&S for storage.
Provides ground commands backup for events initiated by the C&S.
Provides the selecting of alternate modes of operation.
Provides updating directly, or via the C&S, of the steerable antenna
and star tracker.
Provides command words to the DAE to turn on or off various science
instruments and recorders.
Approximate number of commands
Electrical signal output
Data word length to C&S and DAE
Data rate to C&S
Data rate to DAE
Command bit rate
Data rate to telemetry
123 burst square wave
60 square wave (on-off)
Square wave--either a continuous
pulse train for holding commands,
or a i00 MS burst of pulses for
switching, k_ulse .... -- ......
27 bits
6.4 kc
4.8 kc
1 bit per second
Mode dependent
4.1.7.4 Preferred Design and Functional Description
Figure 4.1.7-1 is the command subsystem functional block diagram.
4.1.7-3
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outputs are combined in passive analog gates, which provide input to
redundant command detectors. As only one receiver is on at a time, the
analog gate provides a highly reliable method of combining the receiver
outputs without switching.
Each command detector is a coherent matched filter detector for a pseudo
noise subcarrier, modulated by command data. The outputs of each command
detector are demodulated command data, bit sync or clock and an "in-lock"
signal that indicates proper detector operation. The in-lock signals pro-
vide the only criteria necessary to enable each detector selection logic to
gate the outputs from a working command detector to one or both command
decoders• If both command detectors are in lock, Detector A is selected for
Decoder A and Detector B for Decoder B, whereas if only one detector is in
lock, its output is paralleled to both decoders. Section 4.1.7.8 shows that
the addition of the detector selection logic results in a significant in-
crease to the overall command subsystem reliability, while a negligible
weight or power penalty is incurred. The selection of this redundancy
implementation is described in Section 4.1.7.109 Trade Study Summary.
Each command decoder decodes the received commands and provides independent
command word outputs %o the C&S and DAE subsystems Redur,dant _-1_m_n+_
tions with dual outputs are provided to avoid a single thread path for
critical C&S update functions, such as trajectory corrections.
Each command decoder also provides a real-time backup decoding and executing
capability independently of the C&S subsystem. The redundant decoder out-
puts are combined in a command output combiner to reduce interface complex-
ity and cable weight. A single-thread interface with the other spacecraft
subsystems is permitted because the command decoding function of the
4.1.7-5
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command decoders is primarily backup for commands which will normally be
executed by the C&S subsystem. A dual-thread interface for critical func-
tions can be implemented for a penalty in command output combiner weight
and external wiring weight. Refer to C&S Section 4.1.9.7 for a description
of electrical interface signal types and to Figure 4.1.9-11 for C&S/command
interface.
A separate power conditioner is provided for each channel to prevent a single
power supply failure from causing subsystem failure. However, each power
conditioner has the capability to operate from either power bus so that a
power bus failure does not remove subsystem redundancy. This function is
accomplished by the bus selection logic and power switch contained in each
power conditioner. The inputs to the power switch are current limited by
series redundant current limiters. The power switch logic operates in such
a way that a given power supply switches from its primary associated bus to
the alternate bus only if the power supply output fails (short transients
are ignored) and the primary bus input (as sensed before the series-redun-
dant current limiters) has also failed. The switching logic is powered from
the alternate bus and is designed so that an alternate bus power failure
prevents switching.
Command Detector--The command detector shown in Figure 4.1.7-2 detects PCM
data and bit synchronization signals from a received pseudo noise subcarrier
that is modulated by the command data. A frequency counter controlled by
the telemetry subsystem is included for the purpose of determining VCO
frequency for telemetry transmission. This information will aid the mini-
mization of lock acquisition time. The configuration is similar to the
command detector supplied by Philco to NASA/JPL under Contract 950416 and
is described fully in Task A documentation.
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Command Decoder--Figure 4.1.7-3 (Confidential)_ is a description of the com-
mand word format. Hach command starts with the transmission of a 30-bit sync
word consisting of normal and inverted 15-bit Barker code. (The selection
of the sync word length is stated in Section 4.1.7.10, Trade Study Summary.)
Following the sync word are _ bits of data which will be routed to the
C&S or DAH, or which define a real-time command to be executed by the
command decoder. This data is followed by _ bits defining the subsystem;
viz., C&S_ DAE, or command subsystem, which is to act upon the preceding
bits of command data. These _ bits are used to permit error-detecting
capability in that a _ bit code and its complement are transmitted. A
similar form of data redundancy is used to code _ bits of spacecraft
address following subsystem address. The spacecraft address capability
permits four different spacecraft to be selected for execution of the
command, e bits of parity code follow the spacecraft address. Signifi-
cance of the parity bits is indicated in Figure 4.1.7-3. This parity
code allows the detection of all single and double errors. Although this
code is not the most efficient error-detection code possible, it permits
a very simple reliable spacecraft implementation. Following parity is a
single bit which defines whether or not 30 bits of sync must precede the
next command word. This bit permits a significant reduction in sequential
command transmission time_ if several commands are to be sent. The 30-bit
sync code maintains protection against false in-lock signal is continuously
generated, and noise is continuously shifted through the command decoder.
Figure 4.1.7-4 is a block diagram of the preferred command decoder
design. Signals from a command detector enter the detector selection
See D2-82709-9 (Confidential) for classified information.
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FIGURE 4.1.7-3 (CONFIDENTIAL)
SEE D2-82709-9 CONFIDENTIAL
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logic° Detector Selection Logic A is shown in Figure 4.1.7-5 to illus-
trate its simplicity. Detector Selection Logic B is identical except
for input labeling ("A" is substituted for "B" and vice versa).
Figure 4.1.7-6 is a timing diagram of a command decoder. When an inlock
signal is presented to the decoder, the control logic permits data
to enter the command register (unless internal command processing or
execution is occurring). The use of this in-lock command data gate
thereby inhibits command processing if command modulation is lost. As
input data is shifted through the command register, the 30-bit AND gate
continuously looks for the presence of word sync in the input data. Upon
detection of word sync by this gate the control logic resets the command
register to all zeros except for the input stage. During the remainder
of the command verify and execute period, word sync signals are ignored
by the control logic. * bits of command data enter the command register
and overflows. The control logic detects this overflow and inhibits
further input data until verification and execution (if verified) are
accomplished. In this manner, the command register is time shared and
used as a ring counter during the data fill mode. This eliminates the
need for a Modulo * counter in the control logic- Parity is checked on
the actual contents of the command register rather than on its input, to
prevent a partially failed register from receiving correct data but
sorting and executing it falsely. Register-contents-parity-checking is
performed by circulating the command register data twice through the
control logic, while at the same time the parity check logic operates on
the serial data. The contents are also loaded into the telemetry buffer
during the second circulation. An execute signal is generated by the
* See D2-82709-9 (Confidential) for classified information.
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control logic for real-time commands if the data passes the parity check,
and the address check logic verifies that the command was intended for
the subject spacecraft, and an additional check for real time commands
passes. Alternatively, if parity and spacecraft address check, "data-
ready signals" are generated if the data is intended for the C&S or DAH
subsystems. The control logic performs these functions, using inputs
from the subsystem data select logic.
For data that is to be decoded by subsystems other than the command sub-
system, the data-ready signal causes the DAH or C&S to transmit clock
pulses to the interface buffer. When appropriate, the control logic
uses these clock pulses to shift bits 1-27 from the command register
through the interface buffer to the appropriate subsystem. The data
transfer operation occurs in less than one second (a bit time), so that
no forced time-gap constraint exists between successive commands.
The implementation of the decode matrix and the selection of command
word coding makes use of the large command register (27 bits) necessary
to hold data for the C&S and DAH. The selected command coding requires
that 2, and only 2, bits of the first 13 bits of command data, and 2 and
only 2 bits of the last 14 bits of command data are ones. The possible
number of commands, even with this selected format, is thus 12 factorial,
which is several orders of magnitude greater than present or anticipated
requirements. In addition to parity checking, the control logic will
issue a real-time execute signal only if the correct number of "ONES"
are present in both halves of the command register. This checking capa-
bility, combined with parity checking, results in a probability of false
command of less than 10-20 when the command detector error rate is 10 -5 .
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Figure 4.1.7-7 is a diagram of the implementation of a single "square-
wave (ON-OFF)" command with commanded set and reset capabilities and a
single "burst square wave" command. Four 3-input "AND" gates are used
in the decode matrix for each "square wave (ON-OFF)" command. Each half
of the command register is capable of setting and resetting a flip-flop
to record the desired discrete level. In the event of a power transient,
both flip-flops are reset to a safe position. The output of the flip-
flops is fed to an "AND" gate in the pulse gate matrix where, if both
are set, the 4.8 kc clock will be transmitted to the command output
combiner. No single failure in the logic implementation of Figure
4.1.7-7 can cause a command to be incorrectly issued. A single input
failure of the "AND" gate in the pulse gate matrix is equivalent to a
decode matrix or storage flip-flop failure and blocks the execute signal.
An input failure in this gate cannot, therefore, cause a command to be
incorrectly executed.
Any other single failure in the pulse gate matrix results in the trans-
mission of a discrete d.c. level, rather than a clock burst execute
signal, and, therefore, also cannot execute an incorrect command.
"Burst square wave" commands are also protected from single failure false
execution by a similar logic without the flip-flops. For these commands,
two 2-input "AND" gates in the decode matrix are combined with a clock
burst execute signal in a 3-input "AND" gate in the decode matrix. This
is the equivalent function performed by the pulse gate matrix for square
wave (ON-OFF) commands.
Nominal 4.8 kc internal clock for the command subsystem is provided
from the C&S subsystem to permit coherent pulse mixing by recipient
4.1.7-16
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Figure 4. 1.7-7: Single-Command Implementations
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subsystems. To meet the requirement of command subsystem independence
from the C&S, a backup internal clock is provided to be used only in the
event of C_S clock failure.
A power saving is obtained by switching power off to those portions of
a command decoder not requiring permanent outputs. The only portions
requiring constant power are the detector selection logic, dual flip-
flop storage, command decoder clock, and the pulse gate matrix. Power
is switched to the remainder of a command decoder when an in-lock signal
is received.
See Section 3.7 for command subsystem measurements.
4.1.7.5 Performance Characteristics
Approximate Number of Commands
Command Word Length
Sync Word Length
Number of Addressable Spacecraft
Error Detection
Subsystem Reliability
Backup CA_S Commands Reliability
C&S or DAE Command Word Reliability
Probability of False Command per
Command (executed by Command
Subsystem) with Bit Error Rate
of 10 -4
Probability of Command Word Error
to C&S or DAH with Bit Error
Rate of 10-4
Growth Capability
123 burst squarewave outputs
60 squarewave (ON-OFF)
See Figure 4.1.7-3
30 bits
4
Parity, plus special coding for
real-time commands
0.9847
0.993
0.9999
10-20
lO-16
12 Factorial Commands
4.1.7-18
CommandBit Rate
DAEand C&SWordLength
Output Interfaces
Failure Modes
CommandDetector
CommandSubcarrier
CommandDetector Error Rate
Internal Clocking Rate
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i bit per second
27 bits
4.8 KC clock trains
(none discrete level)
6.4 KC clocking rate to C&S
No single failure can cause a
false command
Single channel
Pseudo noise subcarrier
i0-5
4.8 kbps
4.1.7.6 Physical Characteristics
ASSEMBLY
COMMAND
DETECTOR
(AorB)
COMMAND
DECODER
(AorB)
COMMAND OUT-
PUT COMBINER
POWER
CONDITIONER
(AorB)
STRUCTURE,
CONN., ETC.
TOTAL
QTY.
PER
s/c
(ibs)
i0.0
7.6
1.0
4.4
8.4
31.4
PARTS COUNT
POWER (Watts)
VOL. INPUT
(IN3) FREQ.
(KC)
THERMAL (F °)
NON-
DISSIP- TYPE APPROVAL OPERATING
ATION TEST
AVE
MAX
PK AVE PK IMIN IMAX °F MIN MAX
TEMP TEMP PER TEMP TEMP
MIN
524 13.0 3.0 -4 152 1.8 -27 187
708
88
176
3
2.4 15.8
11.219.8 -4 152 1.8 -27 187
1496
0 0 0
25.4 1.6 2.6
i
115.8 25.4 15.8 25.4 t
I
DISCRETE
INTEGRATED CIRCUITS
-4 [52 1.8 -27
-4 152 1.8 -27
187
187
1902
1302
4.1.7-19
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Interface Definition
For electrical interfaces other than measurements, refer to Figure
4.1.7-8.
For measurements, refer to Volume A, Part I, Section 3.7.
4.1.7.8 Reliability and Safety Analysis
l) Summary--The preferred design has an assessed value of 0.9999
reliability to update the C_S by command words.
are shown below:
RELIABILITY SUMMARY
CONFIGURATION
I Single Thread
II Parallel Path
III Preferred
l)
BURST
SQUARE WAVE
R
0.9578
0.9933
0.9937
SQ. WAVE
(ON-OFF)
R
0.9643
0.9929
0.9935
CAS OR
DAEWORD
R
0.9753
0.9994
0.9999
Other reliabilities
T/M TOTAL
OUTPUT FUNCTIONS
R R
0.9965 0.9436
0.9965 0.9842
0.9965 0.9847
This high reliability has been achieved by using cooperative multi-
channel, alternate path, and block redundancy.
Cooperative multichannel is implemented by the capability of the
C&S or the command subsystem to actuate a given command independ-
ently.
Alternate path is implemented in that the command subsystem has
the capability to gain access through either of two identical paths:
low-gain antenna to receiver to command detector to command decoder
to the command actuation device.
Block redundancy is implemented by allowing either decoder to
accept outputs from either detector, resulting in an additional
4.1.7-20
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Figure 4. I. 7-8: Command SIS Electrical Interface Diagram
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reliability gain of 3. The logic to implement this redundancy is
straightforward based on in-lock status.
Failure Modes and Effects--Predominate failure modes in the digital
logic result in logic hang-up, usually at the high level. The no
command failure mode is adequately covered by the redundancy
mechanization, which assures a high probability of command access.
3)
4)
5)
6)
False command actuation by spurious signals and transients is easily
obviated by standard design techniques. False command as a result
of combinatorial failure modes is the major problem. The preferred
design in the individual command channel actuation logic and
drivers addresses this problem by failure modes and effects analysis,
forced shift in failure mode pattern, and the use of false-command
exclusion techniques. These techniques will be verified in bread-
board failure mode simulation testing.
Life Limiting Characteristics--With the proposed reliability pro-
gram, no life-limiting failure mechanisms are expected in any parts
or materials used in the command subsystem for at least three times
the total mission duration.
Faults Tree--A representative faults tree (Figure 4.1.7-9) for the
centeriine design has been prepared to demonstrate the failure
analysis to be applied during the preliminary design phase.
Functional Reliability Mode!--A model based on i00 burst square
wave commands and i00 square wave (on-off) commands is shown in
Figure 4.1.7-10.
Safety--The command subsystem is a critical subsystem in the safety
program due to its latent capability by false command to actuate
functions that are hazardous to personnel and mission success.
4.1.7-23
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Figure 4. ]. 7-9: Command Subsystem Failure Modes & Effects Tree
4.1.7-25 & 4.1.7-26
J.
SINGLE-THREAD CONFIGURATION
CMD S/S = COMMAND SUBSYSTEM
TM S/S = TELEMETRY SUBSYSTEM
CD = COMMAND DECODER
J'_ 100 CD TRANSFORMER
__ sINF_E-'_"I _ H _._TEH f____h ON-OFF
A RECEIVER_,n I ICHANNELI IC-°-....... I I _ N I _ _-
B RECEIVER vj_ .,_ _COMMAND _-UMMUN t_l I_l'-_U__l _ I I )" •
IDETECTI_,_C/J_-I II _ _ I IGA'EI _1I_.____1_-_
- IAC,'DC O I OUTPUT COMMAN_ 100 TRAN- _
/ gFFERI "
GATE FF GATE TRANSFORMER GATE TRAh
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(C&S) (PULSE) (ON-OFF)(TELEMETRY) = R = 0.9436
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SFORMER
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[ 1
100
ON-OFF
COMMANDS
I00
BURST
COMMANDS
! x 10-5
_.t = 48.5 x 10 -5
I
:OMMANDS
H COMMAND
S/S
ON-OFF
COMMAND
;URST &
)N-OFF
;OMMAND R = 0,999+
150
COMMANDS
NOTE: RELIABILITY FIGURES BASED ON
I00 BURST ÷ I00 ON-OFF COMMANDS.
FUNCTIONAL APPROXIMATION
OF C&S DIRECT COMMANDS
THAT HAVE CMD S/S BACKUP
R = 0.99988+FOR 150 COMMANDS
FUNCTIONS
C&S COMMAND WORDS R = 0.9999
ON-OFF COMMANDS R =0.9935
BURST COMMANDS R = 0.9937
Jl COMMAND VERIFICATION R = 0.9965
(C&S)(BURST)(ON -OFF)(TELEM ETRY) R -0.9847
L C&S COMMAND
WORDS
OR DAE
--'P" COMMAND WORDS
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C&S COMMAND WORD
FUNCTION IS PRIME
FUNCTION
Figure 4. 1.7-10: Command Subsystem Functional Reliability Model
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4.1.7.9 Development Status
The command detector is an existing design supplied to NASA/JPL by
Philco under Contract 950416.
The large number of commands required for the Voyager mission result in
an inability of existing Mariner command decoder hardware to meet these
requirements. As a result_ the Voyager command decoder must be a new
design. The centerline design provides an extension of the Mariner
conservative design philosophy and provides increased protection from
the issuance of false commands.
The command subsystem is implemented entirely with existing techniques
and circuit elements (primarily digital integrated circuits) and no
critical development or testing areas exist. The required development
items thereby consist of conventional logic and circuit design and
testing exercises.
4.1.7.10 Trade Studies Summary
The command subsystem trade study summaries are shown in Figures 4.1.7-11
and 4.1.7-12.
4.1.7-29
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4.1.8 Telecommunications Link Analysis
4.1.8.1 Summary
The telemetry, command, and ranging performance capabilities of the
telecommunications Task B preferred design are established in this
section. This performance is established through the use of design
control tables, described in JPL Specification 3393-19-65, and from
supporting analysis for the input parameters, as detailed in JPL
Specification 339-25-65.
Design control tables are used not only to establish link performance,
but also as a prime design control for production equipment performance.
It will be mandatory that telecommunications subsystems components
demonstrate adherence to the established design control table values
and tolerances on a line-by-line basis.
The applicable portions of the Task A llnk analysis are identified, and
the new analysis presented as required. Relationships of command,
ranging, and telemetry data modes to flight phase, as well as to
spacecraft and DSIF configurations, are given. Specific performance
of the data links is developed after establishing basic input parameters
and threshold values required for each mission period.
Applicability of Task A Analysis--A detailed link analysis and modu-
lation selection was submitted to JPL with the Task A study report
(D2-82709-I, -2, Section 4.1).
4.1.8-1
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The basic analysis of the command and telemetry systems in Task A is
valid for Task B after review of the new mission requirements, environ-
ment 9 and flight profile. A review was made of receiver performance
for the different doppler environments resulting from both the Saturn V
and the larger orbit insertion engine. Revised data channel power
:allocations are found for the new data modes established to satisfy
the Task B data return requirements. Use is made of the optimization
technique for carrier and data channel power allocation developed in
Task A. Other quantities such as intermodulation levels and acquisition
times are revised as required.
There is no change to the basic modulation technique selected in Task
A. Previous modulation studies apply to the Task B preferred design,
and will not be repeated.
A planetary ranging system is included in the present design in place
of the lunar ranging system proposed in Task A. A detailed analysis
has been made of the capabilities of both a lunar (turn-around) system
and a planetary (bit reconstltution) system to provide ranging during
the Mars orbit phase. Analysis in Volume A9 Part 1 9 Section 3.2 shows
that the orbit solution based on range measurements only, for a precision
of 5 meters (one sigma)_ converges at approximately the same rate as the
solution based on hlgh-preclslon doppler measurements only. The
ranging capability, therefore, will contribute to earlier orbit
determination when it is available before hlgh-precislon doppler is
established. Also, in the final hours of the approach phase prior to
the insertion sequence, the range data in conjunction with doppler
4.1.8-2
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data produces an earlier correction for Mars ephemeris error. This
capability will produce a better set of injection conditions.
Flight Sequence and Data Mode Usaqe--The proposed flight sequence has
been reviewed to establish optimum usage of command_ ranging_ and
telemetry mode configurations provided by the flexibility of the
preferred design (Table 4.1.8-1). The more critical links are designa-
ted prime links and are subjected to detailed analysis_ with the per-
formance of the other links established through appropriate scaling
factors.
Spacecraft and DSIF Link Parameters--Figure 4.1.8-1 shows the pertinent
spacecraft RF parameters used in the link analyses. The parameters have
been developed in the course of the radio subsystem design presented
in Section 4.1.6. The DSIF parameters used in the link analyses are
given in Table 4.1.8-2 and are primarily the same as used in Task A,
The only exceptions per referenced EPD-283 are the DSIF antenna galns_
which are now diplexed worst-case values including circuit losses.
Performance--A summary graph (Figure 4.1.8-2) presents launch to
end-of-mlsslon command and telemetry performance for selected prime
links. The capability indicated shows that under worst-case margins
the selected links provide adequate performance at specified bit rates
and operating periods. The graph is based on the results of the link
analyses presented in the following paragraphs. Additional performance
capability exists through use of backup modes.
4.1.8-3
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Figure 4. 1.8-I: Spacecraft RF Circt
BOEING-- SPACE DIVISION
D2-82709-6
0.1
I LOW GAIN A
+1.0 +1.0 DB
-0
I-V2 FTHIGH GAIN
_21x 46 IN. MEDIUM
GAIN (MARINER C)
+0 2
+23.5 -015 DB
0.1
-0
/'1
LOW GAIN B
+1.0 DB
+1.0 -0
F
l, HGA
!
_.5
_, HGA
3.5
ER,- HGA J
PA.'_g, IHT&'_
Transmitter Power
85-foot sites
210-foot sites ,1) &
stations 72 & 51
Station 71
Antenna Gain 2)
.. -el 0
210-foot or.o_0:6
+i.i
85-foot 52.8.0.5
30-foot 4 0 +I.04"_1. 0
2' x 2' Johannes- 22 0 +1"3
"-I.0
burg
o_ _+i•0
4' Station 71 .... -0.5
Antenna Pointing Loss
210-foot -O.IZO.I
85-foot n n+O•O
"_'_-O.l
30-foot
4-foot
2- x 2-foot
System Noise Tmp.
210-foot--Maser
85-foot--Maser
30-foot--Paramp
4-foot--Mixer
2- x 2-foot--
Paramp
Polarization Loss
S/C HGA--DSIP
-i db point
-3 db point
S/C MGA--DSIP
-3 db point
S/C LGA--_IE
RECEIVE
2295 Mc
db
db
db
db
db
db
db
-q 0 +3.0 db
_• -i •4
-0. O-tO.0 db
35_i _ OK
45_i_ OK
27o:  oK
--^+358 oK
04z_609
oK
00%o:0db
-0 0 +0"0 db
" -O.1
o.2+°:° db
0 2 _<)'0
- " -0. i db
TRANSMIT
2115 Mc
100/400_ +0.5 db
-0.0
I0 KW +0•5 db
-0.0
5W +0.5 db
-0•0
n =+I.0
v.v 0 7 db
50 7 +1"1 db
• -0.6
43 0 +I'0 db
• -i.0
] 9 +2.2
"'--2.2 db
2._ n+l.O
_'_-i.0 db
-0.i+0.i db
-0 0 +0-0 db
" -O.1
-0.5_+0.5 db
-3 0 +3.0 db
" -1.4
-0.0_+0.0 db
n o+0.i db
-_'_-0.2
REFERENCE
EPD-283
EPD-283
EPD-283
EPD-283
EPD-283
EPD-283
EPD-283
EPD-283
Computed from
Angle Error of:
0.02 °
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i) Higher power capability may jeopardize low noise reception•
2) Per EPD-283, dated 15 September 1965, antenna gains include line
losses,
it Parameters Table4. I.8-2: Voyager DSIF Parameters
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Ground Trackin 9 and Data Reception from Two Planetary Vehicles--A
review has been made of performance requirements and capabilities for
the Ground Tracking and Data System given in the Mission Description
and EPD-283. Based on these capabilities, it is recommended
that each planetary vehicle be assigned a discrete telemetry and command
frequency channel. The Task B preferred design has incorporated the
separate frequency concept and is compatible with the DSIF equipment.
A given DSIF site will then be able to receive simultaneously 7,500 BPS
from each planetary vehicle (15,000 BPS total) while performing doppler
tracking and command on a time-shared basis.
4.1.8.2 Spacecraft-to-Earth Telemetry Links
The modulation technique and data modes recommended for the Task B tele-
metry links are similar to the Task A design. The method of modulation
consists of PCM data phase-shift-keyed on sinusoidal subcarriers, which
in turn phase-modulate the RF carrier. A single low data rate sub-
carrier is used during launch and cruise (Mode i), and during emergency
backup (Mode 4). During orbital operations, an upper subcarrier using
biorthogonal block coding is added to transmit the high data rate
planetary science and capsule data (Modes 2 and 3). The biorthogonal
block coding concept is the subject of an in-house laboratory simulation
to establish experimentally the indicated theoretical improvement over
an uncoded system. Table 4.1.8-3 gives the specific link characteris-
tics of each telemetry mode in terms of bit rate, subcarrier frequency,
tracking bandwidths9 threshold signal-to-noise densities, phase
deviations, and channel modulation losses.
4.1.8-8
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Analysis of Critical Link Parameters--The new telemetry data mode charac-
teristics mentioned in the previous paragraph, as well as the revised
doppler profile, required updating certain critical link parameters.
These parameters are: tracking receiver requirements; data channel
thresholds; optimized carrier and data channel power division; inter-
modulation levels; sync acquisition times, and probability of loss of
bit sync.
Tracking Receiver Requirements--Ground-tracking receiver performance is
evaluated with the same technique used in Task A to determine the optimum
(1)
set of carrier loop 2BLO,s. The technique determines the total phase
error caused by thermal and oscillator noise as well as modulation,
doppler, and doppler-rate phase error.
Table 4.1.8-4 presents carrier-tracking loop performance, recommended
DSN receiver carrier loop 2BLo, and worst-case probability of loss-of-
lock, derived from communications link analysis of worst-case conditions
for each mode of operation. These calnulations were made at representative
flight phases, using the appropriate doppler, range, telemetry mode param-
eters, carrier loop signal-to-noise ratios, and DSIF receiver character-
(2)istics.
(i) JPL TR No. 32-215 , B. D. Martin, 15 March 1962 for list of symbols
used throughout this section.
(2) Functional Specification DFR-IOOI-PNC, JPL, 9 June 1965
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During launch and prior to Saturn S-IC-SII staging, the large doppler
rate requires use of the 48-cps carrier tracking loop. Doppler rate, in
conjunction with weak signal conditions just prior to nose fairing
separation, also requires the 48-cps loop for minimum phase error opera-
tions at the DSS-71 receiver.
Because time of injection into trans-Mars orbit depends upon launch date,
the doppler, doppler rate and range during Johannesburg acquisition have
not been completely defined. However, a sample trajectory and doppler
profile for Johannesburg have been developed and used for link calcula-
tion. Results indicate that acquisition with the 2' x 2' antenna must
be accomplished within 2 hours. Mode 5 (carrier only) has been provided
as an option, so an additional 5 db of carrier power is available to aid
acquisition.
Total loop phase error, and probability of loss of lock, are calculated
as follows. Total loop phase error @t is approximated by the sum
where x = number of standard deviations
° n = rms phase noise jitter (thermal and oscillator)
8m = phase error caused by modulation
8_ = phase error due to doppler rate
8f = phase error due to doppler
4.1.8-12
BOEING--SPACE DIVISION
D2-82709-6
This expression is solved for x in terms of the various phase error com-
ponents and the resultant probability of loss of lock given in Table 4.1.8-4.
The worst-case probability of loss of lock in the DSN carrier tracking loop
is less than 10-4 in all cases, except Mode 4 at encounter range, which
has a Ploss = 2 x 10 -4 . These worst-case carrier-loop performances meet
lock
all operational criteria of the carrier tracking requirements.
Data and Sync Channel Threshold Requirements--Data and sync channel thresh-
olds are defined as the signal power to noise spectral density (S/No)
required in the first-order sideband of the appropriate channel in order to
meet desired bit error rate requirements. Threshold requirements are
defined at the input to the carrier demodulator to include the effect
of hardware degradation of the $/N in the data and sync channels• Table
4.1.8-5 summarizes these hardware losses, and lists the resulting S/N o
requirements for each mode.
The theoretical ST/N/B's, as presented, are the same as derived in Task
A (_ oovn__1 naae 4.1-201) for both coded and uncoded channels
To refer ST/N/B to the input of the carrier demodulator, signal degradation
due to intervening hardware must be included. Source of this degradation
is shown in Figure 4.1.8-3.
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TABLE 4.1.8-5: Data and Sync Channel Threshold Signal-to-Noise Densities
T£LEMETRY MODE
_ CHANNEL
LOSS ALLO_
Bit Error Rate, P{
Theoretical ST/(N/B), (db)
Theoretical
(S/N) in 2BLo,(db )
Bit Detector (db)
PN_f Detector(db)
e
Subcarrier Demodulator(db)
Limiter Suppression(db)
Bandpass Filter(db)
Carrier Demodulation
LOSS, LC, (db)
Intermodulation
Dietortion(db)
Required ST/(N/B)
Total(db)
Required (S/N) in 2BLo
Total(db)
2BLo(db - cpe)
Bit Rate(db)
(bps)
Required S/N o in a
reference 1 cps
bandwidth(db)
DATA
5xlO -3
5.3
0.5
0.6
0.i
0.2
1.2
7.9
19.0
(80)
+26.9
LOWER
s/c
5xlO -3
5.3
0.5
0.6
0.i
0.2
0.5
7.2
I 24.6
( 288 )
+31.8
UPPER
s/c
5x10 -3
3.3
0.3
0.6
0.3
0.2
0.5
5.2
38.6
(7200)
+43.8
3 4
LOWER
s/c
5xlO -3
5.3
0.5
0.6
0.i
0.2
0.6
7.3
17.8
(60)
+25.1
UPPHR
sic
5xlO -3
3.3
0.3
0.6
0.3
0.2
0.6
0.i
5.4
(12oo)
/ +36.2
SYNC
9.0
0.8
0.2
0.7
0.5
1.3
+12.5
-3.0
+9.5
DATA
5x]0-3
5.3
0.2
0.8
-i .0
0.2
1.3
6.8
2.2
1.64
+9.0
CARRIER
ONLY
+9.0
i0.8
+19.8
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LOSS(e) LOSS(d) LOSS(c) LOSS(b)
REQUIRED
INPUT ,_ mPASSF ILTER
/ CARRIER
/ REPERENCE
/
Z CARRIER
DHMODULATOR
LIMITER
&
,/SUBCARRIER
/ R_ERENCE
/
/ SUBCARRIER
DEMODULATOR
LOSS(a)
PCM
BIT ITHHORHTI CAL
DETECTOR ST/(N/B)
/
Figure 4.1.8-3: SOURCE OF DEMODULATION LOSSHS
These losses are:
Loss (a) - bit detector loss caused by imperfect bit synchronization;
Loss (b) - subcarrier demodulation loss caused by phase noise (@t) in the
limiter output. This loss is calculated using (i) Ldemod" =
i0 log e t = 4.34@_ (db);
Loss (c) - limiter suppression loss, which is dependent upon the SNR in the
bandpass fiIter output bandwidth and is plotted by Martin (2);
Loss _oj_'_- b_napass_.... filter loss is a result of higher order sidebands of
the subcarrier spectrum being rejected by the fil _--b_¢. Th_.... S lOSS
is typically 0.2 db for rejection of sidebands of order greater
than one;
Loss (e) - carrier demodulation loss is determined from carrier loop phase
noise at threshold, in a manner similar to the subcarrier loss
calculation above. In Modes 1 and 4, threshold (S/N) in 2BLo
is +15 db and +9 db, respectively, as a result of optimum power
(i) C. E. Gilchriest, JPL SPS 37-16, Vol. IV, 31 August 1962
(2) B. D. Martin, JPL TR No. 32-215, 15 March 1962
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division. In Modes 2 and 3, however, the transmitted signal
is largely data power, resulting in a large margin in the
carrier tracking loop. For this reason, carrier loop threshold
is defined as _20 db, resulting in a smaller carrier demodula-
tion loss than in other modes_
Loss (f) - intermodulation distortion.
In the case of the sync channel, theoretical 8/N in 2BLO was derived in
Task A (D2-82709-I, page 4.1-167) for the condition of optimum power dis-
tribution between sync and data channels.
Optimized Carrier and Data Channel Power Division--To assure maximum range
from each telemetry mode, the unique channel optimization techniques de-
veloped and detailed in Task A are employed to select phase deviations of
subcarriers. In Task B, however, these techniques are extended to provide
optimization under worst-case conditions, rather than under nominal con-
ditions as in Task A. When these subcarriers are made to threshold simul-
taneously at worst-case, an effective margin of several db is added to the
link.
Intermodulation Distortion Considerations--Preceding sections have estab-
lished link parameters for achieving optimum distribution of power between
the carrier and subcarriers. The subcarrier power of interest lies in
the first order sidebands, and the cross-modulation products which arise
in the carrier demodulation operation appear as distortion components,
and can degrade the data channels if they lie within the input bandwidth
of the subcarrier demodulators. The subcarrier frequencies have been
selected so as to minimize this effect. Table 4.1.8-6 presents the power
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in the subcarriers, distortion products, and the ratio of the two. Only
those components found to be greater than -50 db below the data signals
are included.
TABLE 4.1.8-6: INTERMODULATION PRODUCT LEVELS
CHANNEL
i
Psc/pt
db
PIMD/pt dbMODE
1 Data .........
2 Lower -15.6 ......
Upper - 3.6 -31.9 -28.3
3 Lower -14.9 ......
Upper - 3.8 -29.9 -26.1
4 Sync - 8.6 -31.5 -22.9
Data - 9.5 ......
PIMD/ps c db
Where Psc = subcarrier power
Pt = total power
PIMD = intermodulation power
For Modes 2 and 3, it was found that the only distortion components of
any significant magnitude are those lying on either side of the upper
subcarrier offset in frequency an amount equal to twice the lower sub-
carrier _q,]enc¥..__ The worst effect of these signals would occur if the
distortion products were nearly equal in frequency to upper subcarrier
frequency. This worst-case degradation has been calculated and appears
in Table 4.1.8-5 as part of the data degradation effects.
For Mode 4, it was found that the data channel is undisturbed, whereas
in the PN sync channel there are four disturbing signals: the data signal,
and three distortion components at W d _ 2W s and W s - 2Wd, where W d is the
data subcarrier frequency and W s is the sync subcarrier frequency. The
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data signal is the strongest component, but its effect is reduced by band-
width compression which takes place when the PN code is demodulated. The
resultant distortion signal is 22.9 db below desired sync signal. Since
the required (S/N)2BLo within the loop is +9 db, the distorted signal
will be 13.9 db below the noise level. Preliminary analysis shows that
the distortion signal in the sync channel does not produce any significant
increase in phase error.
Sync Acquisition Times and Probability of Loss of Sync--In all telemetry
modes, subcarrier sync and bit sync are achieved simultaneously. There-
fore, the subcarrier and bit acquisition time and probability of loss-of-
sync will be equal.
l) Acquisition Time - Mode 4 utilizes the two-channel PN synchronization
techniques developed by JPL. A derivation for the acquisition time
for this link is presented in Task A documentation. (I) Figure
4.1.8-4 presents the acquisition characteristics for Mode 4 teleme-
try, based on a PN code length of 511 bits. This code was selected
because it provides bit sync and word sync, and does not have an
excessive acquisition time (480 seconds).
In Modes i, 2, and 3, bit sync is derived directly from the data
subcarrier. In determining these acquisition times, actual test
data on a Costas loop biphase demodulator and bit synchronizer is
used (Telemetrics, Inc. Model #6233). This test data has been pre-
sented in Task A documentation. (I)
(1)
The mean acquisition characteristics for all modes are presented as
Table 4.1.8-7.
D2-82709-1, Volume A, p. 4.1-190
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MODE
4
TABL]
CHANNEL
Data
Lower
Upper
Lower
Upper
PN Sync
Data
4.1.8-7: _IEAN ACQUISITION TItlE FOR TELEMETRY MODES
SUBCARRIER-TO-
BIT-RATE RATIO
18/1
4,/1
24/1
1/1
146/i
SYNC
DETECTOR
Costas Loop
Costas Loop
Costas Loop
Double
Channel PN
Sync Code
Loop
SYNC
THRESHOLDS
ST
"m-,_ _ 0.0 db at
detector input
ST
-_0.0 db at
N/_
detector input
ST
--0.0 db at
N,_
detector input
MEAN SYNC
ACQUISITION
TIME (SECONDS)
45
45
45
S
0 db = +9.0 db
2 BLo 480
in the phase-
locked loop
v
O
_.1
O4
_lz
3O
2O
10
2BLo= 0.5 cps
= O. 0987
o
PN CODE LENGTH -511 BITS
A[ = FREQUENCY DIFFERENCE BETWEEN
RECEIVED & LOCAL OSCILLATOR
SIGNAL
=0.1 cps
=0
0
200 400 600
ACQUISITION TIME (SECONDS)
8OO
Figure 4. h 8-4: Mode4 Sync Acquisition Time
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2) Probability of Loss of Lock - The Costas demodulator to be used in
Modes i, 2, and 3 was shown, in the Task A document, to have a pro-
bability of loss-of-lock of less than 5 x 10 -3 .
The evaluation of probability of loss-of-lock for Mode 4 considers
a threshold (S/N)2BLo of +9 db within the loop for the PN sync
channel. Characteristics for this loop have been established as
2BLo = 0.5 cps, and s o 0.0987.
The value of 2BLo was reached as a compromise between the require-
ments to broaden the loop to reduce acquisition time, and to narrow
the loop to minimize sync channel power requirements. The value of
_o was established by selecting a 40-cps bandpass limiter, which
accommodates the signal, and provides an improvement in S/N ratio
in the limiter at operating threshold conditions.
For the parameters defined above, the phase error in the loop at
operating threshold is defined as
On =%/_(N)_ 2BL = 0.354 radians,where 2BL = 2BLo_7 (1 + 2____) o
In  oop
lock, the noise must cause the loop error to exceed _r/2 radians.
Because --_ = 4.31, the probability of losing lock is 6 x 10 -6 •
2%
Telemetry Link Performance Analysis--The specific design control tables
developed for the telemetry link modes are discussed in this section.
The tables presented were chosen to show the maximum capability of each
telemetry data mode identified in Table 4.1.8-1, operating with the
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various anticipated spacecraft-DSIF component combinations. Telemetry
link performance for all links has been determined, although only prime-
link design control tables are presented here. For links where design
control tables are not presented, performance capability is summarized.
For each design control table, a performance graph shows the limiting
channel and indicates relative margins of the other channels. A limiting
channel is defined as the channel which first enters "greyout", where the
greyout period starts at the point where nominal margins become equal to
worst-case tolerances.
Performance and Design Control Tables for Primary Links--The flexibility
of the Task B preferred design allows many combinations of spacecraft
components and telemetry data modes. In addition, as the flight progresses
from launch through acquisition, cruise, encounter and orbit phases, sev-
eral different DSIF capabilities are available.
i) Telemetry Mode 1--Mode 1 is the primary data mode used during all
flight phases prior to Mars encounter. This mode transmits cruise
science data9 capsule data, tape recorder playback data, and space-
craft engineering data at the rste of 80 bits per second.
Table 4.1.8-1 gives the various spacecraft and ground equipment con-
figurations used with Mode 1 at different flight phases. A detailed
analysis is made of Mode 1 performance to Cape Kennedy during launch,
with the nose fairing in place.
Table 4.1.8-8 is the detailed design control table used to estab-
lish the performance of this link with the 1-watt launch transmitter.
4.1.8-21
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Blank
4.1.8-22
TABLE 4.1.8-8- DESlCN CONTROL TABLE - MODE 1 (LAUNCH)
PROJECT: VOYAGER - PHASE IA I TASK B DATE-
CHANNEL: SPACECRAFT - EARTH TELEMETRY LINK, MODE 1 (80 bps)
MODF" _ _ SP_R--_-_ i W_; SHROUD_ D--_F _ 4 FT., MIXER
NO. PARAMETER VAWF TOLERANCE SOURCE
il Total Transmitter Power
Transmitting Circuit Loss
Transmitting Antenna Gain
Transmitting Antenna Pointing Loss
5pa:e Loss ( 2295 mc, 200 km)
P l rization Loss
Receiving Antenna Gain
Receiving Antenna Pointing Loss
il Receiving Circuit Lossl N t C rcuit Loss
iii Total Received Power
121 Receiver Noise Spectral Density
(N/B) (T System = 2642 +_ OK)
13 Carrier Modulation Loss -vv.
14 Received Carrier Power
15 Carrier APC Noise Bw (2BLO= 48 cps )
+30.0 dbm
-1.9 db
-i0.0 db
Included
-145.7 db
Included
+25.5 db
-3.0 db
Included
-135.1 db
-105.1 dbm
-164.4 dbm
-3.9 db
-109.0 dbm
+16.8 db
4-0.3, -0.0 db
+0.5, -0.6 db
+0.0,-19.0 db
in (3)
in (3)
+i.0, -0.5 db
+3.0, -1.4 db
(7)
+4.5,-21.5 db
+4.8,-21.5 db
+0.6, -I.i db
+0.8, -i.0 db
+5.6,-22.5 db
+0.0, -0.5 db
Fig. 4.1.8-1
Fig. 4.1.8-i
Sec. 4.1.8.2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-3
Table 4.1.8-3
CARRIER PERFORMANCE -- TRACKING (ONE-WAY)
i6 I Threshold SNR in 2BLo
IVJ Threshold Carrier PoweriS Pe formance Margin
+9.0 db
-138.6 dbm
+29.6 db I
+0.6, -1.6 db
+7.2,-23.1 db
Table 4.1.8-3
CARRIER PERFORMANCE -- TRACKING (TWO-WAY)
igJ Theshold SNR in 2BLo
21120Threshold Carrier PowerPe formance Margin
Not Applicable
i
CARRIER PERFORMANCE - DATA
2zIThreshold SNR in 2BLo
23 I Threshold Carrier Power4 Pe formance Margin +15.0 db
-132.6 dbm
+23.6 db J
+0.6, -1.6 db
+7.2,-23.1 db Table 4.1.8-3
DATA CHANNEL
2b[ _,ioduldtion Loss
26 Received Data Subcarrier Power
27 Bit Rate (i/T) 80 bps
29 Required ST/N/B
29 Threshold Subcarrier Power
30 Performance Margin
-2.8 db
-107.9 dbm
+19.0 db
+7.9 db
-137.5 dbm
+29.6 db
+0.5, -0.5 db
+5.3, _22.0 db
+0.5, -0.5 db
+i.i, -1.6 db
+6.9,-23.1 db
Table 4.1.8-3
Table 4.1.8-3
Table 4.1.8-5
DATA CHANNEL
32
33
34
35
36
Modulation Loss
Received Data Subcarrier Power
Bit Rate (I/T)
Required ST/N/B
Threshold Subcarrier Power
Performance Margin
Not Appl i cabi e
I
COMMENTS: After shroud separation, antenna gain improves to -6.0 db worst case.
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TABLE 4.1.8-9" DESIGN CONTROL TABLE - NDDE i (ACQUISITION)
PROJECT:
CHANNEl.
MODE:
NO.
VOYAGER - PHASE IA; TASK B
SPACECRAFT - EARTH TEL_ETRY LINK, MODE I (80 bps)
DAT F-
ACQUISITION: SPACECRAFT - i WATT, LOW GAIN; DSIF -2' x 2' HORN, PARAMP
PARAMETER VALUE TOLERANCE SOURCE
1 Total Transmitter Power
2 Transmitting Circuit Loss
3 Transmitting Antenna Gain
4 Transmitting Antenna Pointin# Loss
5 Space Loss ( 2295 mc, 10 _ km)
6 Polarization Loss
T Receiviqg Antenna Gain
9 Receiving Antenna Pointing Loss
9 Receiving Circuit Loss
IO Net Circuit Loss
ii Total Received Power
12 Receiver Noise Spectral Density
(N/B) (T System = 270 +30 OK)
13 Carrier Modulation Loss -50
14 Received Carrier Power
15 Carrier APC Noise Bw (2BLO= 48 ops
+30.0 dbm
-1.9 db
+i.0 db
0.0 db
-179.7 db
-0.2 db
+22.0 db
0.0 db
Included
-158.8 db
-128.8 dbm
-174.3 dbm
-3.9 db
-132.7 dbm
+16.8 db
+0.3, -0.0 db
+0.5, -0.6 db
+i.0, -0.0 db
+0.0, -0.0 db
+0.0, -0.i db
+1.3, -i.0 db
+0.0, -0.0 db
in (7)
+2.8, -1.7 db
+3.1, -1.7 db
+0.5, -0.9 db
+0.8, -I.0 db
+3.9, -2.7 db
+0.0, -0.5 db
Fig. 4.1.8-1
Fig. 4.1.8-1
Fig. 4.1.8-1
Sec. 4.1.6.4
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-3
Table 4.1.8-3
i9
20
2!
CARRIER PERFORMANCE -- TRACKING (ONE-WAY)
16 Threshold SNR in 2BLo +9.0 db
17 Threshold Carrier Power -148.5 dbm
l_ Performance Margin +15.8 db
CARRIER PERFORMANCE -- TRACKING (TWO-WAY)
- Table 4.1.8-3
+0.5, -1.4 db
+5.3, -3.2 db
Theshold SNR in 2BLo +9.0 db - Table 4.1.8-3
Threshold Carrier Power -148.5 dbm +0.5, -1.4 db -
Performance Margin +15.8 db +5.39 -3.2 db -
CARRIER PERFORMANCE- DATA
Threshold SNR in 2BLo +15.0 db - Table 4.1.8-3
Threshold Carrier Power -142.5 dbm +0.5, -1.4 db -
Performance Margin +9.8 db +5.3, -3.2 db -
DA_A
_,_ CHANNEL
22
23
24
25 Modulation Loss
26 Received Data Subcarrier Power
27 Bit Rate (l/T) 80 bps
29 Required ST/N/B
29 Threshold Subcarrier Power
30 Performance Margin| ;
DATA CHANNEL
31 Modulation Loss
32 Received Data Subcarrier Power
33 Bit Rate (i/T)
34 Required ST/N/B
35 Ihreshold Subcarrier Power
136 Performance Margin
COMMENTS:
-2.8 -"
-131.6 dbm
+19.0 db
+7.9 db
-147.4 dbm
+15.8 db
+0.5, -0.5 db
+3.6, -2.2 db
+0.5, -0.5 db
+i.0, -1.4 db
+5.0, -3.2 db
Table 4.1.8-3
Table 4.1.8-3
Table 4.1.8-5
Not Appl i cable
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The most significant factor determining performance during this
period is the radiation characteristics of the nose fairing slot
antenna used to re-radiate the low-gain antenna signal. The gain of
this antenna was conservatively estimated as -29 db worst-case
(aft along the booster axis). The performance graph given in
Figure 4.1.8-5 shows that the link under worst-case margins operates
to within 25 km of the forward planetary vehicle nose fairing sepa-
ration point. With the nose fairing gone, the link recovers, and
provides +11.5 db margin worst-case at the line-of-sight limit.
Post-injection acquisition is the second flight phase for which
Mode 1 performance is analyzed. The design control table is pre-
sented in Table 4.1.8-9 and the performance graph in Figure 4.1.8-6.
This link performance is presented as an example of post-injection
acquisition telemetry performance with the DSIF acquisition-aid
antenna. The example taken is the case of injection prior to
Johannesburg. A comprehensive estimate of performance for all
parking orbit times cannot be established, because the range of
possible geometries between the spacecraft and DSIF sites, with
respect to the injection point, has not been completely determined.
Mode 5 (carrier only) has been implemented as an option to enhance
the signal margins in the carrier tracking loop during acquisition,
because of the variable nature of several degrading factors. These
factors, in addition to the uncertainty of the injection point men-
tioned above, include: reqdired use of the low-gain 2' x 2' DSIE
antenna; antenna pattern variation caused by spacecraft roll rate
4.1.8-25
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after Sun acquisition, but prior to Canopus acquisition; and the
use of the 1-watt transmitter in the spacecraft prior to outgass-
ing. Analysis has shown that a requirement to receive telemetry
immediately after injection will reduce the probability of achiev-
ing signal acquisition and tracking. With the conflicting require-
ments of telemetry and tracking, it is recommended that carrier
only (Mode 5) be used during the post-injection acquisition
sequence. The performance graph shows Mode _using 2BLO =48 cps
and then switching to 2BLo = 12 cps, extends the time available to
achieve two-way acquisition %0 9 hours, compared to the 2 hours
Mode 1 provides. Once signal lockup and angle tracking with the
2-foot by 2-foot acquisition antenna are established, the downlink
can be transferred to the 85-foot antenna and telemetry data trans-
mission initiated by activating Mode i.
The last flight phase where Mode i capability is evaluated by
detailed analysis is during normal cruise. Since this phase is the
prime transmission period for Mode i, the mode parameters and
low-gain antenna patterns are optimized for the cruise geometry
and data requirements.
Table 4.1.8-i0 gives the detailed design control table for this mode,
and the resultant performance graph is shown in Figure 4.1.8-7.
The performance evaluation is made using the 85-foot ground
antennas to determine how far into the mission the network can be
used. The capability of Mode 1 with the 210-foot network has been
evaluated, and the performance graph shows that, under worst-case
conditions, switchover to the 210-foot network should occur at
about 80 days. 4.1.8-27
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Mode i with the low-gain spacecraft antenna and the 210-foot ground
network provides capability to 150 days under worst-case conditions.
The use of the spacecraft high-gain antenna is not required until well
into the mission, thus reducing command and antenna controller
requirements.
Transfer of Mode 1 to the spacecraft high-gain antenna will provide
adequate performance margins to end of mission.
Telemetry Mode 2 - Mode 2 is the primary early orbit phase data
mode, transmitting 7200 bps of planetary science data on an upper
subcarrier, and 288 bps of combined engineering and cruise science
data on a lower subcarrier. Design Control Table 4.1.8-11 presents
the link parameters and calculations used for evaluation. The per-
formance graph (Figure 4.1.8-8) shows that the link performs for
80 days before greyout and that the spacecraft completes the 6-month
mission prior to link blackout.
Telemetry Mode 3 - Mode 3 is the primary late orbit data mode,
providing 1200 bps of planetary science data and 60 bps of combined
engineering and cruise science data. Table 4.1.8-12 evaluates
Mode 3 for the primary link through the high-gain antenna. The per-
formance graph (Figure 4.1.8-9) shows that Mode 3 will have +4.6 db
of margin under worst-case conditions at end of mission. Thus the
mission requirements for a design goal of 1200 bps (108 bits/day)
data return capability have been adequately implemented.
Telemetry Mode 4 - Mode 4 is a cruise and early-orbit emergency
mode providing 1.64 bps. The mode has an all-engineering data
4. i. 8-28
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TABLE 4.1.8-10; DESIGN CONTROL TABLE - MODE 1 (CRUISE)
PROJECT" VOYAGER - PHASE IA, TASK B
CHANNEL: SPACECRAFT - EARTH TELEMETRY LINK, MODE i (80 bps)
DATF-
MODE: CRUISE: SPACECRAFT - 50 WATTS, LOW GAIN; DSIF - 85 FT., MASER
N O. PARAMETER VALUE TO LERAN CE SOURCE
i Total Transmitter Power
2 Transmitting Circuit Loss
3 Transmitting Antenna Gain
4 Transmitting Antenna Pointing Loss
5 Space Loss ( 2295 mo, 3 x 107km)
6 Polarization Loss
7 Receiving Antenna Gain
_ Receiving Antenna ,o_ntina__ Loss
9 Receiving Circuit Loss
lO Het Circuit Loss
ii Total Received Power
12 Receiver Noise Spectral Density
(N/B) (T System = 45 +i0 OK)
- 5
13 Carrier Modulation Loss
14 Received Carrier Power
15 i Carrier APC Noise Bw (2BLO= 12 cps)
L
+47.0 dbm
-2.5 db
+I.0 db
0.0 db
-249.2 db
-0.2 db
+52.8 db
0.0 db
Included
-198.1 db
-151.1 dbm
-182.1 dbm
-3.9 db
-155.0 db
+10.8 db
+0.3, -i.i db
+0.7, -i.0 db
+i.0, -0.0 db
+0.0, -0.0 db
+0.0, -0.i db
+i.i, -0.5 db
+0.0, -0.i db
in (7)
+2.8, -1.7 db
+3.1, -2.8 db
+0.9, -0.5 db
+0.8, -i.0 db
+3.9, -3.8 db
+0.0, -0.5 db
Fig. 4.1.8-1
Fig. 4.1.8-1
Fig. 4.1.8-1
Sec. 4.1.6.4
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-3
Table 4.1.8-3
;
CARRIER PERFORMANCE -- TRACKING (ONE-WAY)
Threshold SNR in 2BLo +9.0 db - I Table 4.1.8-3
Threshold Carrier Power -162.3 dbm +0.9, -i.0 db i -Performance Margin +7.3 db +4.9, -4.7 db -
CARRIER PERFORMANCE -- TRACKING (TWO-WAY)
i6
17
19
ii9 I Theshold SNR in 2BLo
1201 Threshold Carrier Power1 Pe formance Margin
i+godbI ITable4183-162.3 dbm +0.9, -i.0 db
+7.3 db +4.9, -4.7 db
CARRIER PERFORMANCE - DATA
2± I Threshold SNR in 2BLo
23 Threshold Carrier Power
24 Performance Margin
+15.0 db I
-156.3 dbm ] +0.9, -i.0 db+1.3 4 4 7
Table 4.1.8-3
_" "" ,"UAlx IXFI
12_
ILl
12c
I ,-_ _L
13_
I_
Modulation Loss
Received Data Subcarrier Power
Bit Rate (i/T) 80 bps
Required ST/N/B
Threshold Suboarrier Power
Performance Margin
-2.8 db
-153.9 dbm
+19.0 db
+7.9 db
-155.2 dbm
+1.3 db
+0.5, -0.5 db
+3.6, -3.3 db
+0.5, -0.5 db
+1.4, -i.0 db
+4.6, -4.7 db
DATA CHANNEL
Not ApplicableModulation Loss
Received Data Subcarrier Power
Bit Rate (i/T)
Required ST/N/B
Threshold Subcarrier Power
Performance Margin
Table 4.1.8-3
Table 4.1.8-3
Table 4.1.8-5
PROJECT:
CHANNEl..
TABLE 4.1.8-11:
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DESIGN CONTROL TABLE - MODE 2
VOYAGER - PHASE IA_ TASK B DATF-
SPACECRAFT - EARTH TELEMETRY LINK, NDDE 2 (288/7200 bps)
MODE:
NO
EARLY ORBIT: Spacecraft - 50 Watts, Hi@h Gain_ DSIF - 210 Ft., MASER
PARAMETER VALUE TOLERANCE SOURCE
i
2
3
4
5
6
7
8
9
10
11
12
13
14
19
Total Transmitter Power
Transmitting Circuit Loss
Transmitting Antenna Gain
Transmittino Antenna Pointing L_ss
Space Loss i 2295 mc, 1.6xl0_km)
Polarization Loss
Receiving Antenna Gain
Receiving Antenna Pointing Loss
Receiving Circuit Loss
Het Circuit Loss
Iotal Received Power
R÷ceiver Noise Spectral Den "
(H/B) (T System = 35 +0 sltYoK)
-i0
Carrier Modulation Loss
Received Carrier Power
Carrier ARC Noise Bw (2BLo= 12 cps
+47.0 dbm
-2.2 db
+30.5 db
-0.5 db
-263.7 db
0.0 db
+61.5 db
-0.1 db
Included
-174.5 db
-127.5 dbm
-183.2 dbm
-6.0 db
-133.5 dbm
+10.8 db
+0.3, -i.i db
+0.5, -0.9 db
+i.i, -0.0 db
+0.5, -0.5 db
+0.0, -0.i db
+i.0, -0.6 db
+0.I, -0.I db
in (7)
+3.2, -2.2 db
+3.5, -3.3 db
+0.0, -1.4 db
+1.2, -1.7 db
+4.7, -5.0 db
+0.0, -0.5 db
Fig. 4.1.8-1
Fig. 4.1.8-1
Fig. 4.1.8-1
Sec. 4.1.6.4
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-3
Table 4.1.8-3
CARRIER PERFORMANCE -- TRACKING (ONE-WAY)
i6 Threshold SNR in 2BLo
17 Threshold Carrier Power
i6 Performance Margin i+odbI labe4831-163.4 dbm +0.0, -1.9 db+29.9 db +6.6, -5.0 db -
CARRIER PERFORMANCE -- TRACKING (TWO-WAY)
i9 Theshold SNR in 2BLo I +9.0 db
20 Threshold Carrier Power I -168.4 dbm21 Pe formance Margin +29.9
CARRIER PERFORMANCE-- DATA
- I Table 4.1.8-3
+0.0, -1.9 db I6 6 5 0
22 I Ihreshold SNR in 2BLo I +20.0 db
23 Ihreshold Carrier Power I -152.4 dbm24 Pe formance Margin +18 9
- I Table 4.1.8-3
+0.0, -1.9 db
+6.6, -5.0 db
DATA CHANNEL -- LOWER
25 I Modulation Loss
26 Received Data Subcarrier Power
27 Bit Rate (I/T) 283 bps
29 Required ST/N/B
29 Threshold Subcarrier Power
30 I Performance Margin
-13.2 db
-140.7 dbm
+24.6 db
+7.2 db
-151.4 dbm
+10.7 db
+1.8, -2.4 db _ Table 4.1.8-3
+5.3, -5.7 db I
- Table 4.1.8-3
+0.5, -0.5 db Table 4.1.8-5
+0.5, -1.9 db
+7.2, -6.2 db
DATA CHANNEL -- UPPER
32
33
34
35
36
Modulation Loss
Received Data Subcarrier Power
Bit Rate (l/T) 7200 bps
Required ST/N/B
Threshold Subcarrier Power
Performance Margin
-3.0 db
-130.5 dbm
+38.6 db
+5.2 db
-139.4 dbm
+8.9 db
+0.5, -0.6 db
+4.0, -3.9 db
+0.5 -0.5 db
+0.5, -1.9 db
+5.9, -4.4 db
Table 4.1.8-3
Table 4.1.8-3
Table 4.1.8-5
4.1.8-29 & 4.1.8-30
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TABLE 4.1.8-12: DESIGN OONTROL TABLE -- MODE 3
PROJECT.
CHANNEL.
MODE.
NO
i
2
3
4
5
6
7
8
9
i0
ii
12
13
14
15
16
17
VOYAGER - PHASE IA, TASK B DATE-
SPACECRAFT - EARTH TELEMETRY, MOlE 3 (60/1200 bps)
LATE ORBIT. Spacecraft - 50 Watts_ High Gain_ DSIF - 210 Ft._ _aser
PARAMETER VALUE TOLERANCE SOURCE
Total Transmitter Power
Transmitting Circuit Loss
Transmitting Antenna Gain
Transmitting Antenna Pointing Loss
Space Loss ( 2295 mc,l.6xlO 8 km)
Polarization Loss
Receiving Antenna Gain
Receiving Antenna Pointing Loss
Receiving Circuit Loss
Net Circuit Loss
Total Received Power
Receiver Noise Spectral Density
(N/B) (T System = 35 _0 OK)
Carrier Modulation Loss
Received Carrier Power
Carrier APC Noise Bw (2BLO= 12 cps )
CARRIER PERFORMANCE -- TRACKING (ONE-WAY)
Threshold SNR in 2BLo +9.0 db
Threshold Carrier Power -163.4 dbm
Performance Margin *29.7 db
CARRIER PERFORMANCE -- TRACKING (TWO-WAY)
+47.0 dbm
-2.2 db
+30.5 db
-0.5 db
-263.7 db
0.0 db
+61.5 db
-0.i db
Included
-174.5 db
-127.5 dbm
-183.2 cLbm +0.0,
-6.2 db +1.4,
-133.7 dbm +4.9,
• 10.8 db +0.0,
+0.3, -i.i db
TO.5, -0.9 db
+i.i, -0.0 db
+0.5, -0.5 db
+0.0, -0.i db
+i.0, -0.6 db
+0.i, -0.i cLb
in (7)
+3.2, -2.2 db
+3.5, -3.3 db
-1.4 db
-1.5 db
-4.8 db
-0.5 db
Fig. 4.1.8-1
Fig. 4.1.8-1
Fig. 4.1.8-1
Sec. 4.1.6.4
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-3
Table 4.1.8-3
- Table 4.1.8-3
+0.0, -1.9 db
+6.8, -4.8 db
19 Theshold SNR in 2BLO +9.0 db - Table 4.1.8-3
20 Threshold Carrier Power -163.4 dbm +0.0, -1.9 db -
21 Performance Margin +29.7 db +6.8, -4.8 db -
CARRIER PERFORMANCE - DATA
Threshold SNR in 2BLo m20.O db - Table 4.1.8-3
Threshold Carrier Power -152.4 dbm +0.0, -1.9 db -
Performance Margin +18.7 db +6.8, -4.8 db -
DATA CHANNEL - LOWER
22
23
24
25] Modulation Loss -12.6 db +1.9, -2.3 db
26 1 Received Data Subcarrier Power -140.1 (ibm +5.4, -5.6 db
27 Bit Rate (l/T) 60 bps +17.8 db -
28 Required ST/N/B +7.3 db .0.5, -0.5
29 Threshold Subcarrier Power -158.1 dbm +0.5, -1,9 db
30 Performance Margin +18.0 db +7.3, -6.1 db
DATA CHANNEL - UPPER
1131 Modulation Loss
32 Received Data Subcarrier Power
133 Bit Rate (l/T) 1200 bps
34 Required S7/N/B
35 Threshold Subcarrier Power
136 Performance Margin
COMMENTS:
Table 4.1.8-3
Table 4.1.8-3
Table 4.1.8-5
-3.1 db
-130.6 cLbm
+30.8 db
T5.4 db
-147.0 dbm
+16.4 db
+0.4, -0.7 db
+3.9, -4.0 db
+0.5, -0.5 db
+0.5, -1.9 db
+5.8, -4.5 db
Table 4.1.8-3
Table 4.1.8-3
Table 4.1.8-5
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TABLH 4.1.8-13" DHSIGN CONTROL TABLH -- MODH 4
PROJECT: VOYAGER - PHASE IA, TASK B DATE:
CHANNEl SPACECRAFT - EARTH TELFJ_HTRY LINK_ MODE 4 (1-5/8 bps)
MODE:__ HMERGENCY.. SPACECRAFT - 50 WATTS_ LOW GAIN{ DSIF - 210-FT., MASER
NO PARAMETER VALUE TOLERANCE SOURCE
l Total Transmitter Power
2 Transmitting Circuit Loss
3 Transmitting Antenna Gain
4 Transmitting Antenna Pointing Loss
5 Space Loss ( 2295 mc,l.6xlO 8 km)
6 Polarization Loss
7 Receiving Antenna Gain
3 Receiving Antenna Pointing Loss
9 Receiving Circuit Loss
i0 Net Circuit Loss
ii Total Received Power
12 Receiver Noise Spectral D_n_ity
(N/B) (T System = 35 -10 OK)
13 Carrier Modulation Loss
14 Received Carrier Power
15 Jarrier APC Noise BW (2BLo : 5 cps )
+47.0 dbm
-2.5 db
+i.0 db
0.0 db
-263.7 db
-0.2 db
+61.5 db
-0.i db
Included
-204.0 db
-157.0 dbm
-183.2 dbm
-2.4 db
-159.4 dbm
+7.0 db
+0.3, -i.i db
+0.7, -i.0 db
+i.0, -0.0 db
+0.0, -0.0 db
+0.0, -0.i db
+i.0, -0.6 db
+0.i, -0.i db
i_ (7)
+2.8, -1.8 db
+3.1, -2.9 db
+0.0, -1.4 db
+0.5, -0.6 db
+3.6, -3.5 db
+0.0, -0.5 db
Fig. 4.1.8-1
Fig. 4.1.8-1
Fig. 4.1.8-1
Sec. 4.1.6.4
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-3
Table 4.1.8-3
CARRIER PERFORMANCE -- TRACKING (ONE-WAY)
16 Threshold SNR in 2BLo +9.0 db
17 Threshold Carrier Power -167.2 dbm
18 Performance Margin +7.8 db
CARRIER PERFORMANCE -- TRACKING (TWO-WAY)
+0.0, -1.9 db
+5.51 -3.5
Table 4.1.8-3
19 Threshold SNR in 2BLo
23 Threshold Carrier Power
21 Performance Margin
+9.0 db
-167.2 dbm
+7.8 db
CARRIER PERFORMANCE - DATA
+0.0, -1.9 db
+5.5, -3. 5 db
Table 4.1.8-3
22 Threshold SNR in 2B._
LU
23 Threshold Carrier Power
24 Performance Margin
+9.0 db
-167.2 dbm
+7.8 db
DATA CHANNEL
+0.0, -1.9 db
+5.51 -3.5 db
Table 4.1.8-3
1251
26
27
28
29
30
Modulation Loss
Received Data 5ubcarrier Power
Bit Rate (i/T) 1-5/8 bps
Required ST/N/B
Threshold Subcarrier Power
Performance Margin
-8.3 db
-165.3 dbm
+2.2 db
+6.8 db
-174.2 dbm
+8.9 db
+i.0, -1.2 db
+4.1, -4.1 db
+0.5_ -0.5 db
+0.5, -1.9 db
+6.0_ -4.6 db
Table 4.1.8-3
Table 4.1.8-3
Table 4.i.8-5
SYNC CHANNEL
31 Zoduiation Loss
32 Received Sync Subcarrier Power
33 Sync APC Noise BW(2BLo =0.Sops)
34 Threshold SNR in 2BLO
35 Threshold Subcarrier Power
36 Performance Margin
COMMENTS:
-7.5 db
-164.5 dbm
-3.0 db
+12.5 db
-173.7 dbm
+9.2 db
+i.0, -l.1 db
+4.1, -4.0 db
+0.4, -0.4 db
+0.5, -0.5 db
+0.9, -2.3 db
+6.41 -4.9 db
Table 4.1.8-3
Table 4.1.8-3
Table 4.1.8-5
4.1 •8-33 & 4.1 •8-34
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format, with the data rate chosen to provide extended range capa-
bility through the low-gain antenna. The link tabulations are
given in Table 4.1.8-13, and the link capability is shown in the
performance graph of Figure 4.1.8-10. Mode 4 will not enter grey-
out until 2-1/2 months after encounter, and will perform above
blackout conditions for the entire cruise and orbit mission period.
5) Telemetry Mode 3 and Mode i - Backup Capability --The medium-gain
(Mariner C) antenna, in conjunction with Mode 3 and Mode i, provides
additional performance capability as a backup to the high-gain
antenna. The specific performance was determined by developing
Figure 4.1.8-11, which shows the net worst-case gain requirements
versus days from encounter to support 1200/60 bps (Mode 3) and
80 bps (Mode i). In addition, the worst-case gain pattern of the
Mariner C antenna is overlaid on the plot. The link operates
above g!eyout as long as the respective bit rate gain requirements
curve lies below the antenna gain pattern curve.
The data link with Mariner C antenna will support Mode 3 for 105
days beyond encounter before entering greyout. Mode 1 with this
link will operate an additional two months before entering greyout.
Performance Summary of Primary and Alternate Links - Analysis of alternate
links has been conducted in addition to the primary link design control
tables of the previous paragraphs. In lieu of presenting all the design
control tables or the scaling calculations for these alternate links, a
performance summary chart is given in Table 4.1.8-14. The primary link
performances are also included in this summary chart. The chart shows
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Table 4.1.8-14: Te:
MODE
(U PI_R/LOWHR
CHANNEL-BPS)
M2 (7200/288)
M3 (1200/60)
M3(1200/60)
XMITTHR
POWER
50W
50W
50W
SPACECRAFT
ANTENNA.
HGA
HGA
MGA
M4(z.64)
M4( 1.64 )
M4( 1.64 )
Ml(8O)
Ml(80)
Ml(80)
MI(80)
Ml(80)
Ml(80)
Ml(80)
I
Ml(80)
MI(UO)
M5(Carrier onl_
M5(Carrier only)
DOW
DOW
IW
50W
50W
50W
50W
IW
IW
IW
IW
IW
50W
IW
LGA
hK3A
HGA
LGA
LGA
HCIA
MGA
LGA
LGA
LGA
Shroud
tf_ ^
rl_r_
LGA
LGA
RECEI'
GROUND 2B_
ANTF:LNNA CPS
210' 12
" 12
" 12
" 5
" 5
" 5
85' 12
210' 12
210' 12
210 ' 12
85' 12
2' x 2' 12
4' (StaTl) 48
4' (Sta 71) 48
210' 12
210' 12
2' x 2 12
,nna
IK)lZXNG--, I1PACm IDrVZB|OIN
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.emetry Link Performance Summary
PERFKIRMANCE LIMIT
GRHYOUT
I
Encounter + 2.9 Mo.
_Encounter + 6 Mo.
Encounter + 3½ Mo.
Encounter + 2.7 Mo.
> Encounter + 6 Mo.
_Encounter + 6 Mo.
Launch + 81 Days
Launch + 148 Days
_Encounter + 6 Mo
Encounter + 5½ Mo
Launch + 13 Days
Injection + 65 Min
Line of Sigh%
3.4 Min
Encounter + 3.9 Mo
Launch + 188 Days
Injection + 9 Hr.
BLACKOUT
DESIGN
CONTROL
TABLE
>>Encounter + 6 Mo.
m
Encounter + 4 2/3
Mo.
>Encounter + 6 Mo.
Launch + 104 Days
Launch + 176 Days
>Encounter + 6 Mo
Launch + 20 Days
Inject. + i00 Min
_>Line of Sight
_Encounter + 6 Mo
Encounter + 0.9Mo
Injection + 12 Hr.
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m
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that the flexibility of the preferred design will provide significant
additional performance capability through use of the alternate link
in the event of a prime link failure.
4.1.8.3 Earth-to-Spacecraft Command Link
The performance of the Earth-to-Spacecraft command link is established
in this section through a design control table and performance graph.
The Task A analysis remains valid for the Task B proposed command
system in the areas of threshold criteria and levels, modulation and
detection technique, peak phase deviations and modulation losses.
Applicable parameters are summarized in Table 4.1.8-3. The command link
is altered to the extent that the high-gain-low-gain antenna reception
option of Task A is changed to a dual low-gain antenna reception capability.
Command receiver tracking capability, system noise temperature, and the
design control table for command reception with the low-gain antenna for
the recommended system are presented below.
Spacecraft Receiver Trackinq Performance--To ensure that the command
receiver carrier loop meets tracking requirements, worst-case carrier loop
performance is examined to determine the probability of !oss-of-lock.
Performance of the tracking loop has been analyzed in Task A, Vol. A.
Through the use of Figure 4.1.4-36 of D2-82709-I, carrier loop probabil-
ity of loss-of-lock under several conditions is summarized in Table
4.1.8-15. The probability of loss-of-lock requirement has been defined
as 10 -4 . This requirement is more stringent than the command word
required error probability, which is 7 x 10 -4 . Hence the carrier loop
probability of loss-of-lock requirement of 10 -4 insures that carrier
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demodulation does not compromise command word probability of error.
Worst-case conditions examined are high doppler rate, weak signal, or
both. Mission times of critical interest are (1) during launch, when the
antenna is covered by the nose fairing, and high doppler rate exists, (2)
at Mars encounter during orbit insertion, when a large doppler rate
occurs, and (3) at end of mission, when weak signal condition exists.
TABLE 4.1.8-15: COMMAND RECEIVER CARRIER
TRACKING LOOP PERFORMANCE
Event
Launch: nose fairing
separation
Encounter: Mars
orbit insertion
I. DSIF-85', 400 KW
2. DSIF-210', i0 KW
End of mission
All other mission
phases
( S/N ) 2BLo
+12.3 db
+21.8 db
+14.8 db
+11.3 db
Doppler
Rate
65 cps/sec
200 cps/sec
200 cps/sec
8 cps/sec
Probability of
Loss of Lock
i0-5
< 10 -6
10-4
10-6
< i0 -6
The listed worst-case command carrier tracking loop probabilities of
loss-of-lock meet or exceed the above stated requirement in all cases.
Receivinq System Effective Noise Temperature--The spacecraft RF cir-
cuitry shown in Figure 4.1.8-1 is used to calculate the system noise
temperature per the temperature model shown in Figure 4.1.4-2 of
D2-82709-I. The updated system noise temperature range referred to the
preamplifier input is present in Table 4.1.8-16.
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L
db
TABLE 4.1.8-16: SYSTEM NOISE
TEMPERATURE -- LOW-GAIN ANTENNAS
Worst 2.1
Nominal 1.7
Best 1.3
EFF TEMP., OK
NTWK. ANT.
308°K L
118
i00
8O
19
20
22
F PREAMP
P EFF. OK
db (Fp-1)To
5.0 626
4.5 529
4.5 529
F G
r
db db
RCVR
TEMP.
o K
(t=r-t)To
G
I0 14 104
!0 15 83
8 16 39
Ts,°K
Near
Earth
T =30°K
a
867
732
670
Ts,°K
Plane-
tary
T =O°K
a
848
712
648
Command Link Performance Analysis--The primary command link configuration
consists of a lO-kw transmitter diplexed on the 210-foot ground antenna,
with spacecraft reception by a dual low-gain antenna-preamp-receiver combi-
nation. To maximize pattern coverage and reliability, the spacecraft is
implemented to receive commands throughout the mission by this dual non-
steerable low-gain antenna system.
Alternate ground configurations are used early in the mission, based on
the DSIF implementations at Gape Kennedy, Ascension, and Johannesburg.
The 85-foot, lO-kw DSIF sites are used from trans-Mars injection to a
point 2 to 3 months after launch. At this point, telemetry performance
requires switching to the 210-foot DSIF antennas. The command function is
also switched at this time to the 210-foot network to avoid a requirement
for intrasite communications, and to prevent tying up both the 85-foot and
210-foot sites at the same time.
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Command transmission is by the 210-foot network for the remainder of the
cruise phase, and for the orbit phase of the mission.
An alternate %hat could serve as a backup to the 210-foot/lO-kw configu-
ration is the use of the lO0-to-400 kw transmitters, either at the 85-
foot sites or at the 210-foot sites_ if successfully implemented without
degradation to low-noise temperatures.
Table 4.1.8-17 is the design control table that presents the specific
analysis of the 210-foot/lO-kw command system. References are given to
indicate the source of all input parameter derivations. The performance
graph9 Figure 4.1.8-12, shows that this command link configuration is
capable of adequate performance and provides +2.3 db of margin under
worst-case conditions at end of mission.
Table 4.1.8-18 presents the results of analyzing the alternate command
configurations_ either directly9 or through careful scaling of appropri-
ate design control tables. All of the alternates offer positive per-
formance margins over their designated operating periods based on worst-
case conditions.
4.1.8.4 Ranging System Performance Analysis
Introduction--A detailed analysis and description was provided in Task A
for both turn-around and planetary ranging systems.(1)The planetary sys-
tem has been selected for use in this mission because of considerable
reduction in both downlink and uplink power requirements when the planetary
(i) WDL-TR 2531, Mars Mission Communications Analysis, 9 July 1965
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PROJECT:
CHANNEL"
TABLE 4.1.8-17" DESIGN CONTROL TABLE - COZA4AND LINK
VOYAGER - PHASE IA, TASK B DATE:
EARTH - SPACECRAFT CONtMAND LINK (i bps)
MODE:
NO.
MID-CRUISE THROU(_{ END OF MISSION: S/G - LOW GAIN, PRHAMP_ DSIF - 210', i0 KW
PARAMETER VALUE TOLERANCE SOURCE
31
bl
8!
QI
4.'0 I
iii
121
131
141
151
Total Transmitter Power
Transmitting Circuit Loss
Transmitting Antenna Gain
Iransmitting Antenna Pointing Loss
Space Loss ( 2115 mc,S.7xlO 8 km)
Polarization Loss
Receiving Antenna Gain
Receiving Antenna Pointing Loss
Receiving Circuit Loss
Net Circuit Loss
Total Received Power
Receiver Noise Spectral Den ity
+13_ OK)
(N/B) (T System = 712 -64 -170.1
Carrier Modulation Loss -1.8
Received Carrier Power -142.6
Carrier APC Noise Bw (2BL0=20 cps +13.0
+70.0 dbm
Included
+60.5 db
-0.I db
-270.3 db
-0.2 db
+i.0 db
0.0 db
-1.7 db
-210.8 db
-140.8 dbm
dbm
db
dbm
db
+0.5, -0.0 db
in (3)
+1.09 -0.7 db
+0.1, -0.1 db
+0.i, -0.2 db
+i.0, -0.0 db
+0.0, -0.0 db
+0.4, -0.4 db
+2.6, -1.4 db
+3.1, -1.4 db
+0.8, -0.4 db
+0.3, -0.5 db
+3.4, -1.9 db
+0.5, -0.5 db
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Fig. 4.1.8-1
Sen. 4.1.6.4
Fig. 4.1.8-1
Table 4.1.8-16
Table 4.1.8-3
Table 4.1.8-3
CARRIER PERFORMANCE -- TRACKING (ONE-WAY)
   hresholdSNRin2BLOI "90 bl I  able4l8-317 Threshold Carrier Power -148.1 dbm +1.3, -0.9 db -Performance Margin +5.5 db +4.39 -3.2 db -
CARRIER PERFORMANCE -- TRACKING (TWO-WAY)
19 Thesh°id SNR in 2BLo I N°tApl licable I
20 Threshold Carrier Power
21 Performance Margin
CARRIER PERFORMANCE - DATA
22 Threshold SNR in 2BLo
23 Threshold Carrier Power
24 Performance Margin
.9.o bI iT.ble4.1.8-3-148.1 dbm +1.3, -0.9 db
+5.5 db +4.3, -3.2 db
DATA CHANNEL
211ModulationLoss26 Received Data Subcarrier Power27 Bit Rate (i/T) 1 bps28 Required ST/N/B
2 Threshold Suboarrier Power
3_, I Performance Margin
-4.8 db
-145.6 dbm
0.0 db
+18.0 db
-152.1 dbm
+6.5 db
+0.6, -0.8 db
+3.7, -2.2 db
+1.2, -0.0 db
+2.0, -0.4 db
+4.1, -4.2 db
Table 4.1.8-3
Table 4.1.8-3
Table 4.1.8-3
DATA CHANNEL
31[ Modulation=Loss
32 Received Data Subcarrier Power
33 Bit Rate (l/T)
34 Required ST/N/B
5 Threshold Subcarrier Power
36 Performanc_ Margin
COMMENTS:
Not Applicable
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TABLE 4.1.8-18: COMMAND LINK PERFORMANCE SUMMARY
Configuration
or Mission Phase
_ate Orbit (prime)
Station 71
Spacecraft
Antenna
DSN
Antennarpower
Station 72
Johannesburg Acquisition
Early Cruise
High Power A
High Po_er B
LGA
Shroud
i0 kw
5w
Range,
mm
LGA
LGA
LGA
LGA
LGA
210'
4"
30' 10 kw
2'x 2' 10 kw
85' 10 kw
85' 100 kw
85' 400 kw
Greyout
>4x
1.1 x
5.6x
4.5x
2.1 x
>4x
>>4 x
I0_
103
107
i0 6
108
10 8
lO 8
Time
> Encounter + 6Mo.
6 Min.
>>line of sight
>>line of sight
Encounter • 1.4 Mo.
> Encounter +6 M(
>>Encounter +6 M<
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system is employed. Adequate performance is achieved throughout the
mission using the DSIF 210-foot antenna for both transmission and re-
reception and the lO-kw transmitter. The turn-around ranging system neces-
sitates use of the lO0-kw transmitter and additional switching of modu-
lation indices to achieve simultaneous transmission of telemetry (Mode i)
and ranging. Ranging modulation parameters are summarized in Table
4.1.8-3.
Theoretical Threshold Power Requirements--In order to determine the
transmitter power requirements for the ranging link, the criteria must
be established for determining S/N requirements in the various tracking
loops in the system. Proper operation of the ranging system requires
that both up- and downlinks be in lock for both carrier and ranging clock
loop. If the downlink should lose lock, a human operator assists the
system in the reacquisition operation. If the uplink loses lock, the
vehicle must reacquire automatically. Criteria for power requirements
must therefore be based on the probability of loss-of-lock. In addition,
the probability of loss in the vehicle must be less than the probability
of loss-of-lock on the ground. Based on these considerations, a 6a and
4.5_ probability of loss-of-lock have been selected, respectively, for
the vehicle and ground station tracking loops. Table 4.1.8-19 presents
the theoretical power requirements in the various loops.
IS) tracking loops are derived from theThe [_ 2BLo
values for the carrier
data contained in the JPL S-Band Receiver Functional Specification,
DFR-IOOI-FNC. The values for the code tracking loop are 2BLo = 1.0 cps,
and predetection limiter bandwidth = 2 kc. For these conditions, using
the equations presented in Section 4.1.8.2, the probability of loss-of-
lock versus/S_ shown in the table can be derived.
N/_LO
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TABLE 4.1.8-19:
LOOP
Ground Station
Carrier Tracking
Ground Station
Code Tracking
Vehicle Carrier
Tracking (Planetary)
Vehicle Code
Tracking (Planetary)
RANGING THEORETICAL (S/N)2BL O
THRESHOLD o 2 PROBABILITY
(S/N )2BLo OFRADIANS2 LOSS LOCK*
P(KO > 'rr/2)
+15 db
+12 db
+18 db
+15 db
0.125
0.125
0.068
0.068
6 x 10 -6
6 x 10 -6
2 x I0 -9
2 x i0 -9
* K = 4.5 or 6 Standard Deviations as Indicated Above.
Operatinq Threshold Power Requirements--The above theoretical values
of (S/N)2BLo can be used to determine practical operating threshold
power requirements. Figure 4.1.8-13 represents both the vehicle and
the ground station PN code tracking loop configuration.
BW = 2 KC
IF H BANDPASSDEMODULATOR LIMITER
RECEIVER IF
PN _ IF @ CLOCK
IF
REFERENCE
PN @) IF
PHAS EMODULATOR
Figure 4.1.8-13:
CLOCK
PHASEDETECTOR
T
PN
PN GENERATOR
OODE TRACKING LOOP
H LOOP K
FILTER I I
2BLo = i cps
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In the clock demodulation operation, which must be performed in the
PN code tracking loop circuit, there are five sources of signal-to-
noise degradation. Two sources, carrier demodulation loss and band-
pass filter loss, have been explained in Section 4.1.8.2. The band-
width of the input signal is assumed to be 3.2 mc, for which case
0.7 db of the PN code power is rejected.
A third source of degradation is IF demodulator loss (Figure 4.1.8-13).
This is caused by inefficiency of the demodulation produced when the
reference signal is offset in phase with respect to input signal. In
this case, due to the use of PN codes, voltage output will vary as a
linear function, starting at peak amplitude at zero error and dropping
to zero at 900 offset. For {S_ = +12 db in the ground station
\_] 2BLo
clock loop, the phase error will be 17.7 ° . The corresponding power loss
S) = t15 db, as required in the vehicle clock
is -1.87 db. For _ 2BLo
loop, the phase error is 14.5 ° and the loss is -1.5 db.
Limiter suppression takes place in the band-pass limiter prior to
the phase detector. The _ ratio existing in the limiter is equal
N
to or less than -18 db, for which cases the limiter loss will be -1.06 db.
The last source of signal degradation is the correlation loss. This loss
occurs at the ground station during acquisition operations, when the
(1) (2)
ranging code is being correlated with one of its component codes.
The worst-case degradation is 12 db and occurs during initial clock acqui-
sition. These various losses are listed in Table 4.1.8-20, and are
summed to arrive at the operating threshold requirements.
(i) Digital Communications, Chapters 5 and 69 S. W. Golomb, Editor,
Prentice Hall
(2) JPL - SPS, No. 37-29, Vol. III, pp. 12-19
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Table 4.1.8-20:
Mode
Loss Allocati_ Ranging, Downlink
Prob. of Loss of Lock
Theoretical (S/N)2BLo
Carrier Demodulation Loss
Band-Pass Filter Loss
Subcarrier Demodulator Loss
Limiter Suppression
Clock Component Loss
Required (S/N)2BLo
(2BLo =1.0 cps)
RANGING OPERATING THRESHOLDS
6 x 10 -6
+12 db
0.6 db
0.7 db
1.87 db
1.06 db
12.0 db
28.23 db
Ranging, Uplink
2 x 10 -9
+15 db
0.3 db
0.7 db
1.5 db
i.06 db
0.0 db
18.56 db
Code Acquisition Time--The acquisition time of each code depends on
received signal-to-noise ratio, allowable probability of false synchron-
ization, and code length. Total acquisition time is the sum of the
acquisition times of the composite codes. A derivation of the formula
is given (1) for the required integration time per bit for a given p(O)
e
(probability of false synchronization). Results of this formula multi-
plied by the code length (L) give the following expression for the total
acquisition time per component codes. Degradation in correlation is
treated as a loss in SNR.
C° L N'° [A 2 in (L - i) + A V/A2 - 2 in (L - i)]t- S
where,
t = acquisition time per component code (sec)
Co = correlation loss
(i) See Philco WDL-TR 2531, Section 3.2.3.1
4. i.8-48
BOEING--SPACE DIVISION
D2-82709-6
To find actual code acquisition times at the ground station, it is
(o)_ 10_ 5 and that component code lengths are:assumed that Pe -
L = ii, 31, 63, 127 for the normal code.
L = 7, ii, 23, 31, 47, 103 for the long code.
From the equation, the component acquisition times are found, then summed
to find the total acquisition times. Figure 4.1.8-14 shows total acqui-
sition times for the normal and long codes with 10 -5 probabilities of
false synchronization per bit. These times do not include the up- and down-
link travel time required when operation is initiated. Figure 4.1.8-14
also includes corresponding correlation loss for each code component.
Uplink acquisition is performed after the majority code has been com-
pletely acquired by the ground station. The uplink code is correlated
against an identical onboard reference code offset from it only by an
amount equal to the uncertainty in the range. Acquisition time in the
K
uplink will therefore be Ta - 2BL-f , where K is the uncertainty in
range in numbers of PN bits, f is the sweep rate, and 2BL is the
operating code loop bandwidth. (I)
From results of Figure 4.1.8-14, total acquisition time at encounter
range is:
Ranging Command 8 min (one-way travel)
Vehicle majority code
transmission
Ground code acquisition
Vehicle clock loop
acquisition
8 min (one-way travel)
3.9 min I(S) = +27 db]2BLo
16 min (due primarily to
two-way travel )
Total acquisition time 35.9 minutes
(i) See Philco WDL-TR 2531, Section 3.2.2.5
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Ranqinq Link Performance Analysis--The specific performance of the
planetary ranging system is derived in Table 4.1.8-21 for the uplink,
and in Table 4.1.8-22 for the downlink. Downlink performance is shown
in Higure 4.1.8-15 for transmission of Mode 1 telemetry as well as
the ranging signal. The downlink has adequate margin above greyout
to end of mission, but would require use of the spacecraft high-gain
antenna and ground 210-foot antenna earlier than normal Mode 1 telemetry
transmission requires. Performance of the uplink is presented in Figure
4.1.8-16, which shows that the link performs above greyout to 1.6
months beyond encounter. Therefore, total ranging performance is limited,
due to the uplink, to 1.6 months after encounter.
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TABLE 4.1.8-21: DESIGN CONTROL TABLH-- RANGING UPLINK
PROJECT: VOYAGER - PHASE IA, TASK B DATE:
CHANNEL: EARTH - SPACECRAFT PN RANGING
MODE HNOOUNTER: S/C - LOW GAIN, PRHAMP; DSIF - 210-FT., i0 KW
NO PARAMETER VALUE TOLERANCE SOURCE
i
2
3
4
5
6
7
8
9
10
11
12
13
14
i5
Total Transmitter Power
Transmitting Circuit Loss
Transmitting Antenna Gain
Transmitting Antenna Pointing Loss
Space Loss ( 2115 ms,l.6xlO 8 km)
Polarization Loss
Receiving Antenna Gain
Receiving Antenna Pointing Loss
Receiving Circuit Loss
Net Circuit Loss
Iotal Received Power
Receiver Noise Spectral Density
(N/B) (TSystem. 712 OK)
Carrier Modulation Loss
Received Carrier Power
Carrier APC Noise BW (2BLO = 20 cps)
+70.0 dbm
Included
+60.5 db
-0.1 db
-263.0 db
-0.2 db
+1.0 db
0.0 db
-1.7 db
-203.5 db
-133.5 dbm
-170.1 dbm
-0.6 db
-134.1 dhm
+13.0 db
+0.5, -0.0 db
in (3)
+i.0, -0.7 db
+0.i, -0.i db
+0.i, -0.2 db
+i.0, -0.0 db
+0.0, -0.0 db
+0.4, -0.4 db
+2.6, -1.4 db
+3.1, -1.4 db
+0.8, -0.4 db
+0.i, -0.i db
+3.2, -1.5 db
•0.0, -0.5 db
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Fig. 4.1.8-1
Sec. 4.1.6.4
Fig. 4.1.8-1
Table 4.1.8-16
Table 4.1.8-3
Table 4.1.8-3
CARRIER PERFORMANCE -- TRACKING (ONE-WAY)
16 Threshold SNR in 2BLo 1 +18.0 db
I -139.1 dbm+5.0 db I +0.8, -0.9 db+4.1, -2.3 db17 Ihreshold Carrier Power18 Performance Margin
Table 4.1.8-3
CARRIER PERFORMANCE -- TRACKING (TWO-WAY)
19 Threshold SNR in 2BLo
29 Threshold Carrier Power
21 Performance Margin I Not Applicable1
CARRIER PERFORMANCE-SYNC
221 Threshold SNR in 2B._
1 LO23 Threshold Carrier Power24 Performance Margin +18.0 db-139.1 dbm+5.@ db
DATA CHANNEL
+0.8, -0.9 db
+4.1_ -2.3 db
Table 4.1.8-3
25 Modulation Loss
26 Received Data Subcarrier Power
27 Bit Rate (i/T)
28 Required ST/N/B
29 Threshold Subcarrier Power
30 Performance Margin
Not Applicable
SYNC CHANNEL
31 Modulation Loss
32 Received Sync Subcarrier Power
33 Sync APC Noise BW(2BLo : 1 cps)
34 Threshold SNR in 2BLO
35 Threshold Subcarrier Power
36 Performance Margin
-6.4 db
-139.9 dbm
0.0 db
+18.6 db
-151.5 dbm
+11.6 db
+0.8, -0.5 db
+3.9, -1.9 db
+0.8, -0.4 db
+4.3, -2.7 db
Table 4.1.8-3
Table 4.1.8-3
Table 4.1.8-20
COMMENTS: Using the DSIF 85-ft. antenna during early cruise permits more than
adequate margin (+17.8 db at point where downlink requires switching to
210-ft. antenna).
PROJECT:
CHANNEL.
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TABLE 4.1.8-22. DHSICN CONTROL TABLE _ RANGING DOWNLINK
VOYAGER - PHASE IA, TASK B DATE:
S/C - EARTH T/M AND RANGING LINK (MODE i, 80 bps)
MODE LATE ORBIT: S/C - 50 W, HIGH GAIN; DSIF - 210', MASER
NO PARAMETER VALUE TOLERANCE SOURCE
2
3
4
6
7
9
9
!l
12
13
14
Iotal Transmitter Power
Transmitting Circuit Loss
Transmitting Antenna Gain
Transmitting Antenna Pointing Loss
Space Loss (2295 m=,l.6xlO 8 km)
Polarization Loss
Receiving Antenna Gain
Receiving Antenna Pointing Loss
Receiving Circuit Loss
_et Circuit Loss
Total Received Power
Receiver Noise Spectral Density
(_i,/B) (T System = 35_10+0 OK)
Carrier Modulation Loss
Received Carrier Power
Carrier APC Noise B_ (2BLo : 12 cps)
+47.0 dbm
-2.2 db
+30.5 db
-0.5 db
-263.7 db
0.0 db
+61.5 db
-0.1 db
Included
-174.5 db
-127.5 dbm
-183.2 dbm
-5.0 db
-132.5 dbm
+10.8 db
+0.3, -1.1 db
+0.5, -0.9 db
+I.i, -0.0 db
+0.5, -0.5 db
+0.0, -0.i db
+i.0, -0.6 db
+0.19 -0.i db
in (7)
+3.2, -2.2 db
+3.5, -3.3 db
+0.0, -1.4 db
+i.0, -1.3 db
+4.5, -4.6 db
+0.0, -0.5 db
Fig. 4.1.8-1
Fig. 4.1.8-1
Fig. 4.1.8-1
Sec. 4.1.6.4
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-2
Table 4.1.8-3
Table 4.1.8-3
16
17
19
CARRIER PERFORMANCE w TRACKING (ONE-WAY)
Threshold SNR in 2BLo
Threshold Carrier Power
Performance Margin I +9.0 db
-163.4 dbm
+30.9 db - I Table 4.1.8-3 I
+0.0, -1.9 db
+6.4, -4.6 db
CARRIER PERFORMANCE -- TRACKING (TWO-WAY)
19
29
21
Threshold SNR in 2BLo
Threshold Carrier Power
Performance Margin +9.0 db I
-163.4 dbm
+30.9 db - ] Table 4.1.8-3 ]
+0.0, -1.9 db
+6.4, -4.6 db
CARRIER PERFORMANCE - DATA
22
23
24
Threshold S_R in 2B._
LU
Threshold Carrier Power
Performance Margin I +15.0 db
-157.4 dbm
+24.9 db iabe41831+0.0, -1.9 db+6.4, -4.6 db
DATA CHANNEL
25
26
27
28
29
30
Modulation Loss
Received Data Subcarrier Power
Bit Rate (l/T) 80 bps
Required ST/N/B
Threshold Subcarrier Power
Performance Margin
q d_
-131.4 dbm
+19.0 db
+7.9 db
-156.3 dbm
+24.9 db
+0.7, -0.8 db
+4.2, -4.1 db
+0.5, -0.5 db
+0.5, -1.9 db
+6.19 -4.6 db
Table 4.1.8-3
Table 4.1.8-3
Table 4.1.8-5
SYNC CHANNEL
31 Modulation Loss
32 Received Sync Subcarrier Power
33 Sync APC Noise BW(2BLo = 1 cps)
34 Threshold SNR in 2BLO
35 Threshold Subcarrier Power
36 Performance Margin
-7.9 db
-135.4 dbm
0.0 db
+28.2 db
-155.2 dbm
+19.8 db
+0.9, -0.6 db
+4.4, -3.9 db
+0.5, -0.5 db
+0.5, -1.9 db
+6.3, -4.4 db
Table 4.1.8-3
Table 4.1.8-3
Table 4.1.8-20
COMMENTS:
During early cruise, ranging is possible above greyout for five days
(until Ist midcourse maneuver) us_g the spacecraft l-watt transmitter
and low-gain antenna, and the 85-ft. ground antenna.
4. i. 8-53 & 4. I. 8-54
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4.1.9 Computinq and Sequencinq Subsystem
4. i.9.1 Summary
The computer and sequencer (C&S) provides event timing and sequencing of
all spacecraft functions which must be generated on a time-dependent basis.
Provisions are made to accommodate event procedures for control and opera-
tion of the spacecraft during prelaunch, launch, and all mission opera-
%ions. The C&S provides sequencing of spacecraft functions from launch
through the end of the mission, without commands from Mission Control
unless required by trajectory dispersions or biasing. The design selected
is a cycled special-purpose programmable digital computer, containing redun-
dant data processors operating in a synchronous cooperative mode. The
rationale leading to this selection was established from trade studies
investigating alternate methods of computer design, and redundant
configurations using trade parameters of reliability, functional
performance, weight, and power. The subsystem block diagram is shown
in Figure 4.1.9-i.
The C&S design provides:
l)
2)
3)
4)
5)
A reliability of O. _°_n_o_over the mission period of 5,880 hours.
A random nonvolatile access storage capacity of 1,024 words at 27
bits/word.
Time for mission control for a period of 776 days with a resolution
of 1 second.
The capability to execute 140 different commands.
A growth potential of approximately 30 percent in command sequencing
capability to accommodate other missions.
The system weighs 45 pounds, occupies 29560 cubic inches, and requires
52 watts of power.
4.1.9-1
BOEING--SPACE DIVISION
D2-82709-6
f
..IV')
-J>-
Om
l--V_
z
O
U
t_
v
U
<
od
U
m
O
V_
<U
o
m
o_
U
o2
t)v_
(3
Z
z<_zDZ
s_ 8
,-,,,
0
"' 0
_u ILl
_ _o
Z _,,e4
'h
I--
t.t.I
1.1_1._1
if)
L.)
z
0
I--
0
t.)
• m
7
(-
(.-
..i.o
E
o
oe
!
e_
L.I--
4.1.9-2
BOEING-- SPACE DIVISION
D2-82709-6
Mission event sequencing is provided by executing preplanned stored pro-
gram routines in accordance with accumulated spacecraft time. Updating
of event times or the insertion of interplanetary trajectory maneuver
variables may be accomplished at any time from mission control. Complete
functional backup, including reprogramming, for the automatic event
sequencing is provided through the command subsystem.
The stored mission program includes subroutines for error detection,
error correction, past-event checking and self-checking. These sub-
routines are used in conjunction with failure detection circuitry to
provide a programmed majority vote for command execution.
Fail-safe interface circuitry is provided for issuance (174 output wires)
and acceptance (40 input wires) for all event signals. All signals are
transmitted to other subsystems through alternating current paths, thus
providing complete direct-current ground isolation.
The C&S has been conservatively designed to the Voyager requirements and
is conceptually similar to the modified Lunar Orbiter design previously
selected in Phase IA. The present concept has incorporated a larger
memory and a more powerful instruction set but has simplified the
internal data handling, resulting in a reduction of circuit component
count. The NASA Lunar Orbiter Programmer has provided a valuable back-
ground which directly applies to the Voyager C&S. The programmer design
concepts and manufacturing techniques developed there have been con-
sidered in the present design. The programmer has undergone extensive
testing, and space qualification is imminent, lacking only vibration
testing.
4.1.9-3
BOEING-- SPACE DIVISION
D2-82709-6
4.1.9.2 Applicable Documents
l) *D2-82724-3, Voyager Program "Reliability Analysis and Prediction
2)
3)
4)
5)
6)
7)
Standards"
_D2-82724-I, "Voyager Reliability"
eD2-i00234 (Lunar Orbiter) "Programmer Functional Analysis"
*D2-I00259 (Lunar Orbiter) "Failure Mode and Criticality Analysis"
Voyager 1971 Preliminary Mission Description (JPL, October 15_ 1965)
Voyager Environmental Predictions Document (JPL).
Performance and Design Requirements for the Voyager 1971 Spacecraft
System_ General Specification for (Preliminary) (JPL_ September 1965)
4.1.9.3 Design Constraints & Requirements
i) The computer & sequencer (C&S) will provide time-dependent outputs
to switch the Flight Spacecraft subsystems between their modes of
operation.
2) Output time will be wired and/or set into the equipment at launch
so that it is capable of executing all functions from launch to the
end of the mission without the use of ground commands_ except for
interplanetary trajectory corrections or orbit trim maneuvers.
3) Hvent times which are dependent on the particular mission, trajectory,
or trajectory dispersions, will be capable of being updated by RF
command.
4) The C&S will provide a time reference to the data handling subsystem
and will provide a counting capability for integration of discrete
signals.
* Submitted with Task A, July 1965
4.1.9-4
s)
6)
7)
8)
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The C&S will be capable of providing for the following Flight Space-
craft operations: prelaunch operations_ launch operations; automatic
acquisition; interplanetary trajectory correction and orbit trim maneu-
vers; interplanetary cruise operations controlled on a time-dependent
basis; flight spacecraft-capsule pre-separation and separation
sequencing, orbital insertion maneuver sequencing, and sequencing
associated with solar, Canopus and Earth occultation modes; orbital
operation sequencing on a mission independent basis; planetary
observation sequencing, and updating of the steerable antenna position.
The total state of the C&S and its outputs will be nonvolatile in the
event of power transients or power dropout.
The logical organization of the C&S will be based on a cycled_
special-purpose computer approach.
Timed outputs represented by the following categories will be pro-
vided by the C&S:
a) Cumulative reference times from launch either independent of
or dependent on launch date.
b) Cumulative reference times from arrival at the planet either
independent of or dependent on date of arrival.
c) Cumulative reference times from receipt of radio-initiate
command.
d) Periodic reference times initiated at launch or by the time
outputs of a), b), or c).
e) Reference time which is cyclic in nature but with varying
periods initiated by on-board sensors or by the timed outputs
of a), b), or c).
f) Ground command variable (prior to execution) time intervals
initiated by the timed outputs of a)_ b), or c).
4.1.9-5
9)
io)
li)
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Unreferenced end-circuits will be employed as necessary to avoid
circuit return paths through circuit wiring and/or electrical
ground net. A number of unreferenced end-circuits sharing a
common circuit return need not have individually isolated return
terminals.
The return terminals of referenced end-circuits will be connected
to the circuit common for the containing equipment.
The C&S will have the capability to receive the following inputs
from the command subsystem for immediate execution9 or for storage
and delayed execution:
a) Start time for interplanetary trajectory correction and orbit
trim maneuver sequences.
b) The magnitudes and directions for Planetary Vehicle turns for
interplanetary trajectory correction and orbit trim maneuvers;
for Flight Spacecraft-Flight Capsule separation attitude or
orientation; for the orbital insertion maneuver.
c) Magnitude of the velocity increments to be provided by the pro-
pulsion subsystem for the interplanetary trajectory correction
and orbit trim maneuvers.
d) Start times for capsule pre-separation maneuver; for the capsule
separation sequence; and for the orbital insertion maneuver
sequence.
e) Timed event sequences associated with orbital operations.
4.1.9.4 Preferred Design and functional Description
The computer and sequencer functional block diagram9 shown in figure 4.1.9-29
consists of two data processing units_ each containing a 1,024-word memory,
4.1.9-6
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and an interprocessor control unit. The two processors will execute the
flight program simultaneously and synchronously under normal operating
conditions. Error detection and correction techniques are incorporated
to provide for failure mode operation. Parity checking and generation
for all words "read from" or "written in" memory, as well as interpro-
cessor word comparison, is provided to give essentially a programmed
majority vote capability for information transfers. The C&S program
also features diagnostic and self-checking routines to inhibit erroneous
outputs as well as to provide for single-failure compensation. These
system control features provide a reliability of 0.9860 and a conservative
reliability margin against the goal of 0.97. A basic internal bit rate of
6.4 kc was selected to accommodate the data processing rate of the mis-
sion sequences.
The memory is a nondestructive readout, random access, multi-aperture!
magnetic core system. This type of memory has advantages over destruc-
tive readout systems for the Voyager application. For example_ a portion
of the nondestructive readout memory containing critical control pro-
gramming routines may be loaded before launch_ and then all write access
disconnected_ thus providing permanent program storage. Additional C&S
features such as this will be investigated in following program phases
to enhance reliability.
All commands from Mission Control to the C&S will go through the command
subsystem. On receipt of a valid command for the C&S, the command sub-
system will generate a data ready signal. The data ready signal will
cause the C&S to interrupt and switch to a special subroutine to accept
incoming commands. Once the command acceptance subroutine is entered_
4.1.9-8
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the C&S will shift the command into both C&S data processors. The
incoming commands are stored in memory locations specified by the
sub-routine. The command may be either an immediate execution
command_ or one to update the stored mission program with new event
times_ maneuver variables9 etc:
i) Immediately Executed Commands--The C&S will initiate execution of
these commands within one second. These may be discretes_ timed
angular maneuvers_ magnitude integrations for velocity maneuvers_
antenna or platform positioning commands.
2) Stored Program Commands--These commands perform the flight program
sequences9 updating of spacecraft time9 telemetry outputs_ and
error detection and correction routines.
The C&S must perform a large number of discrete commands (as identified
in Paragraph 4.1.9.7) to fire squibs_ switch guidance and control func-
tions 9 and to sequence telemetry modes. Timed angular commands are
executed to perform maneuvers about the roll_ pitch_ or yaw axis.
Magnitude commands are used to perform velocity maneuvers causing the
firing of the midcourse engines and integration of the accelerometer
for velocity change.
The C&S provides updating commands for the high-gain antenna throughout
the mission. These commands contain angular position and a periodic
time for updating the antenna. During the mission9 antenna pointing
commands will be executed first by comparing the antenna position
obtained from a digital shaft encoder_ and then issuing the appropriate
direction signals based on this comparison. Then the periodic time value
4.1.9-9
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will be added to spacecraft time for the next updating of the antenna.
When the time interval has elapsed, the angular value of the command
will be incremented 0.2 ° and the new angle commanded.
At launch, the C&S will be loaded from launch control at 200 words per
second through the command subsystem. The C&S will receive a load sig-
nal from launch control. A fixed-wired program will load and then read-
out the entire memory content for verification.
The C&S incorporates provision for special interrupt functions while
executing the main flight program. There are II interrupts presently
required to be executed; some are associated with the flight program,
such as spacecraft time, telemetry_ etc. Four interrupts_ sun occulta-
tion, Canopus occultation, limb crossing_ and terminator crossing are
implemented to provide initiation times for orbital events. The
Spacecraft time is recorded automatically under program control within
the C&S whenever these events occur. Then9 by program subroutine_
orbital event sequences may be initiated from this recorded time.
Spacecraft time is derived from the accurate timing oscillator located
within the power subsystem, and accumulated in each processor in three
locations in the nondestructive readout memory. Time is accumulated in
one second increments to provide a total time capacity of 776 days.
Spacecraft time is accurate to 1 part in 106 over the transit interval
between Earth and Mars, and provides accurate arrival time for orbit
insertion of _ 20 seconds without ground updating. Each processor is
programmed to provide error detection and correction of Spacecraft time_
using internal parity and past event checking routines as well as
4.1.9-10
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interprocessor data transfer for correction. The C&S prQvides timed
outputs on a time dependent basis, to Flight Spacecraft subsystems for
switching systems between various modes of operation. Timed outputs
derived from cumulative reference times are provided as shown in Table
4.1.9-1.
Word Formats
Instruction Words--Internal C&S instruction words consist of 27 bits_ 6
bits of operation code9 2 address codes of I0 bits called a or _ and 1
parity bit.
I 26 I 25 20 19 1019 0 I
Parity Opcode _- address _- address
Command/Data Words--Internal C&S data words consist of 27 bits, 6 bits
of designator code9 20 bits of data_ and 1 parity bit.
26 I 25 Designator 2O 19 Data i0 ]9 Data 0
Time Words--Time words consist of 27 bits_ 26 bits of time and i parity
bit.
26 I 25 Time 0 i
Operational Description
The following paragraphs present an operational description of the C&S
block diagram shown in Figure 4.1.9-2. Each processor is composed of
five principal sections; computer, memory, input, output, and signal
conditioning.
4.1.9-11
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Computer--This section consists of arithmetic control and timing subsec-
tions. Three basic registers are used_ instruction register, command
register, and velocity conversion register.
Control--The computer has a single-phase 19.2 kc input clock line from
the power subsystem which is counted down to provide the internal clock
rates of 6.4 kc, 4.8 kc, and ipps. Basic clock rate for the internal
functions is 6.4 kc. The computer operates in a 3-word time frame. Each
word time is 32-bit times in length (5 milliseconds).
The first word time of each frame selects the next instruction or accepts
an interrupt. If no interrupt exists, the control enters the instruction
fetch cycle. The _- address portion of the instruction register, or the
incremented memory address register, is gated to the memory control
depending on the instruction, and the next instruction is read into the
instruction register. The transfer requires 27-bit times. Five bit
times are used for decoding and execution.
Word time "two" is the command fetch cycle. The_- address portion of
lhe instruction register is gated to the memory control and the command
in location _ is then read out for processing.
Word time "three" is dependent on the particular instruction being executed.
In some instructions, there is no operation during this interval. In
other instructions, this time is utilized to fetch operands for addition,
subtraction, or comparison.
Frame times are controlled by the timing counter, counting at a rate of
6.4 kc.
4.1.9-13
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Command Register--Command and data words are executed and processed in
this 27-bit register. Eor addition, subtraction, and comparison the
register functions as a holding register for one operand. Outputting
to the output matrix decoder is accomplished in this register by decod-
ing the designator in the most significant bits of the register in con-
junction with the appropriate instruction word.
Instruction Register--Internal machine instructions are stored in this
27-bit register, and decoded as the stored programs are exercised.
Comparator Units--These units provide serial comparison between a value
in the command register and a value read from memory. The comparison
provides a branching signal to the stored program. Three comparators
are implemented, one in each data processor, and one redundant comparator
for interprocessor comparison.
Velocity Conversion Register--This is a lO-bit up-down counter used to
integrate pulses from the accelerometer and to hold the integration for
comparison with a commanded value. It also integrates the O&C gyro out-
puts providing position information for telemetry.
Timing Counter--This unit is a single triplicated majority voting count-
down chain used to feed both processors. This functional block times the
data transfer and processing rate within the processor. Using the 19.2 kc
square-wave train it controls machine functions by dividing the input
frequency into frame, word, and bit intervals.
Arithmetic Unit--The computer is a serial machine and is implemented
with a full one-bit adder/subtractor. The unit will add or subtract
4.1.9-14
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inputs from the memory, and inputs from either the command register or
the velocity conversion register.
Interrupt Control--If an interrupt is detected upon entering word time
"one" of the frame, no new instruction is fetched and the next instruc-
tion address location of the program is stored in a predetermined loca-
tion in memory. Word time "two" transfers the first instruction in the
interrupt search routine to the instruction register. A search then
takes the program into the particular subroutine required to process the
interrupt. After processing of the interrupt, the last instruction will
transfer the control back to the interrupted instruction. The interrupt
initiation and exit is fixed-wired. Only one interrupt is executed at
any one time.
Memory--The memory section consists of a single plane of nondestructive
readout multi-aperture cores_ and associated read and write electronics.
The read and write operation is random by word, but sequential by bit. The
operating clock rate of the unit is 6.4 kc with a storage capacity of 1,024
words with 27 bits per word. All mission program routines, constants9
and time varlau±_s..... are stored in the memory.
Parity Generator/Checker--This unit provides buffering between the memory
and the processor logic. For inputs into the memory_ an even parity bit
is generated in bit position 27 of the word. Subsequent outputting will
verify the validity of the word by checking the parity bit.
Memory Address Register--Ten address bits, held in this register_ control
the addressing of words read in or out of the memory. Addressing commands
4.1.9-15
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by the instruction register overrides, but does not destroy, the contents
of the memory address register.
Memory Control--This unit provides timing to the memory and contains the
decoding logic for the selection of the a-address and _-address of the
instruction, and for the incrementation of the memory address register.
Input Section--This unit provides the system buffering and synchroniza-
tion between the data processor and the Spacecraft subsystems. The input
section, a part of the interrupt control, handles all signals (40 lines)
coming into the C&S. These signals include data trains (commands) from
the command subsystem, all interrupt discrete signals from sensors and
telemetry, and feedback signals from the antenna digital encoders.
Output Section 10utput Matrix Decoder)--The processor provides four types
of output signals (described in paragraph 4.1.9.7). This unit contains
gating to decode the commands contained in the command register, and pro-
vides selected output signals. Flip-flop storage is provided to maintain
square-wave trains which are "on-off" in nature.
Siqnal Conditioninq--All inputs and outputs for the C&S are processed
through the signal conditioning unit. This unit provides interface
compatibility between the C_S and other subsystems (refer to section
4.1.9.7 for interface definitions).
Instruction Set
Compare (COM)--This instruction calls for the comparison of the command
register with the contents of the _-address. If "comparison" results,
the next instruction is taken from the _-address. If "no comparison",
4.1.9-16
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the next instruction is taken from the memory address register plus one.
This instruction can be used also to exit and jump to other routines.
Addition (ADD)--This instruction is used extensively in updating the
spacecraft clock, and to obtain timed outputs measured from a specific
time base. The instruction calls for the adding of the contents of
address_to the contents of address_ and placing the results in address _.
Subtraction (SUB)--The contents of address _ are subtracted from the con-
tents of address a with the difference placed in address _. The next
instruction is taken from memory address register plus one.
Load Command Register (LOA)--This is a transfer instruction. The con-
tents of address _ are read into the command register.
Branching (BAR)--This is a decision instruction for the detection of a
carry or a borrow in the adder/subtractor.
Execute Discrete IEXD)--This instruction, decoded in conjunction with
the command contained in address a, is the execute discrete instruction.
If the command execution is the same for both processors, the instruc-
tion will be executed and the next instruction is taken from the 8-
address; otherwise, the next instruction will be taken from the memory
address register plus one.
Modulo Two Sum (NDD)--This instruction performs the modulo two sum of
the contents of the s-address with the contents of the E-address. The
next instruction is taken from memory address register plus one.
4.1.9-17
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Telemetry ITEM)--This is a real time instruction. The s-address desig-
nates the memory address of the word to be telemetered. The addressed
location is transferred serially to telemetry at 6.4 kc. This instruc-
tion is used to verify specific memory words.
Store Proqram Address (SPA)--Real time instruction. The _ portion of
the instruction designates the address where the next stored program
word transmitted from mission control is to be stored. The address is
incremented each time a stored program word is received, so that words
are sequentially stored until a new SPA instruction is received.
Terminate (TER)--Real time instruction. The instruction is used to ter-
minate the present stored program command. The _ portion has no signif-
icance_ however, the B-address takes the processor into any program
desired.
Transfer (TRE)--This instruction enables the transfer of data from one
processor to the other. Basically the s-address of a memory location of
processor A is transferred to B-address of the processor B memory.
Load Memory (LOM)--This fixed-wired instruction enables the loading of
memory through the command subsystem. The instruction starts loading
the data into the memory at s-address until terminated by a TER instruc-
tion. This is a multicycle instruction, incrementing the memory address
register by one each time.
Memory Dump (MED)--This instruction enables the unloading of the memory
contents to the ground through the umbilical. The unloading is
continuous until terminated by a TER instruction. This instruction is
4. i._-18
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a multicycle instruction incrementing the memory address register by one
each time a dump is executed.
Commands or data words are distinct from the machine instruction previously
described. They are used in conjunction with the instruction set to ini-
tiate and terminate outputs to other Spacecraft subsystems. A total of
32 possible codes are allocated for words of this type. Description of
these external codes follow:
Velocity - Low Thrust (VEL)--The i0 bits of binary magnitude are equiva-
lent to the desired velocity change in 0.i meter-per-second increments.
The command causes low thrust engine burning and the comparison of inte-
grated acceleration to a 10-bit constant. When equality is achieved, the
VEL command is terminated and the program advanced. In the real time
mode, the command is valid only when addressed by an internal instruction.
Thrust cutoff is also controlled by a simultaneous time comparison (Sec-
tion 4.1.2).
Velocity - Hiqh Thrust (VHH)--The command initiates firing of the high-
thrust solid propellant engine. Accelerometer outputs are summed to
determine the resultant Spacecraft velocity change. The maneuver is con-
tinued until burnout of the thrust engine.
Pitch Plus (PiP)--The command times the angular rotation about the pitch
axis. In the real time mode, the command is used directly and causes a
plus rotation. In the stored program mode, the command is valid only
when addressed by an internal instruction. When addressed by an internal
plus instruction, the direction of rotation is positive_ an internal
minus instruction causes a negative rotation.
4.1.9-19
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Pitch Minus IPIM)--Same as PiP except for sign.
Roll Plus (ROL)--Same as PIP except movement is about the roll axis.
Roll Minus (ROM)--Same as ROP except for sign.
Yaw Plus (YAP)--Same as PIP except movement is about yaw axis.
Yaw Minus (YAM)--Same as YAP except for sign.
Discrete Command--The 12 operation codes are combined with their respec-
tive 20-bit function codes to produce unique function commands. The
function commands are i00 millisecond pulses to the required spacecraft
subsystem or to flip-flops, to produce squarewave on-off commands.
Programming
Maximum efficiency of storage space is obtained by combining spacecraft
functions into subroutines addressed from an executive routine. Each sub-
routine returns the program to the executive routine, which searches for
the time the next event is to be executed. The mission event sequence
shown in Figure 4.1.9-3, developed from requirements in Volume A, Part I,
Section 3.9, is executed by stored routines. These are shown in Figure
4.1.9-4. The C&S executive program flow is as shown in Figure 4.1.9-5.
The estimated storage required for the Voyager mission is 720 words.
The processors are programmed for the following eleven interrupts:
Spacecraft time update; Sun occultation; Canopus occultation; Earth
occultation; load memory and reset spacecraft time; terminator crossing
routine; command system interrupt; inertial reference interrupt; tele-
metry interrupt; separation interrupt; and limb crossing. In addition
to the interrupt routine above, the C&S stores program routines for
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deployment and other Spacecraft functions requiring issuance of sequential
or possible aperiodic timed outputs through the mission.
Since most outputs from the C&S are discrete timed outputs_ they are grouped
into the sequential routines or in the aperiodic routines. Grouping the
time outputs in this manner reduces the memory storage requirement by a
ratio of 8:1. Sequential discretes can be derived from a single routine
by indexing the discrete codes and adding a time constant after the issu-
ance of an output to get the next discrete (Figure 4.1.8-6).
Aperiodic timed outputs are referenced by separate commands for each
discrete in the mission sequence. Grouping the aperiodic discretes in a
common routine provides their issuance by a single routine connected by
a time-varying constant.
Error Detection and Correction--In normal operation, the two processors
are operating in synchronism_ instruction for instruction and bit for
bit. As bits are transferred from memory to the working registers_ the
words are compared serially between the two processors and parity checked
as each word comes out of memory.
Errors are detected by parity checks and comparison checks. Detection
of a sinqle error results in a jump instruction to a program checking
routine to isolate the error and9 if possible9 to correct the error by
transferring the correct information from one processor to the other.
The gross functional flow of the C&S has the form shown in Figure 4.1.9-7.
Spacecraft Iime--Spacecraft time accumulation in the C&S is accomplished
by one of the interrupt routines.
4.1.9-2"7
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Three core memory locations in each processor are allocated for the
storage of the time accumulation. One location stores the present
accumulation (tp), the second stores tp-i9 and the third stores tp-2.
Upon a clock update interrupt, the program adds one to tp and cross
compares between processors. If comparison exists, then tp-i is
incremented and compared. If an error is detected, the program will
cross check and internally compare to determine which clock is in
error. Three different times are required to provide a majority
decision in the event of noise errors. Refer to Figure 4.1.9-8 and
-9 for detail flows.
Status Hold--The C&S is capable of preserving the machine state and
output status in event of power transients or failure. Two conditions
of power interruption may exist: (i) total power failure to both pro-
cessors; and (2) power failure to a single processor. Condition (i)
is accommodated by storing the internal and output state of the machine
in specified locations in the memories before issuance to the other sub-
systems. The multi-aperture memory is nonvolatile, and the only
critical requirement is that the C&S must store the contents of the
instruction register and the memory address register before power de-
grades to an intolerable level. This is accomplished by providing a
power failure detector and a shutdown sequence for each processor.
When pow_ is restored, the program will sequentially reset the output
matrix decoder to the state at the time of power failure, and return
to the instruction of the interrupted routine. Condition (2) is
satisfied by detecting the power "off" and power "on" state of the
failed processor, and providing a program routine to restore and syn-
chronize it with the operating processor.
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Store SunOccultation Time
Store Earth Occultation Time
Store CanopusOccultation Time
CommandSubsystemInterrupt
Spacecraft Time Computation
Load Memoryand Reset Clock
Telemeter C&SData
Terminator Crossing Time
Limb Crossing Time
Inertial Reference
Separation
Storage Modes
Automatic Sequential Storage
RandomAccess Storage
Computation
WordAddition
Serial Comparison
Magnitude Addition
Spacecraft Clock
Type
Capacity
Least Significant Bit
Accuracy
Reset Modes
i CommandWord/Stored Word
2 CommandWords/Stored Word
i Word/5 Msec
26 Bits/5 Msec
i0 Bits/second
Binary
776 Days, 17 Hours, 37 Minutes,
44 Seconds
1.0 Second
1 Part in 106 in 215 Days
To Zero - Manual, Total Count,
and Command
Time - Command
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Velocity Conversion Register
Input Rate
Telemetry
Memory Storage
600 pps
16 (26-Bit Words)/processor
4.1.9.6 Physical Characteristics
The C&S physical characteristics are summarized in Table 4.1.9-2.
Table 4.1.9-2:
WEIGHT
POWER
VOLUME
DIMENSIONS
PARTS COUNT Discrete
Integrated Circuits
Magnetic Cores
C&S PHYSICAL CHARACTERISTICS AND CONSTRAINTS
45 Pounds
52 Watts (allocated power 70 watts)
2560 Cubic Inches
8 x 16 x 20 Inches
2800
1400
55,296
4.1.9.7 Interface Definition
The C&S has electrical, thermal, and structural interfaces with other
Spacecraft subsystems. Mechanical and thermal interfaces are controlled
by packaging design, and are su_n_rized below:
Thermal: Radiation and conduction heat transfer to maintain operating
temperature of C&S within limits of 32°F to 150oF.
Structural: Mechanical interface to provide structural support and
mounting, and for environmental protection.
The spacecraft mechanical and thermal subsystems are presented in
Paragraphs 4.1.10 and 4.1.19_ respectively. Subsystem packaging and
cabling design is discussed in Paragraph 4.1.13.
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The C&S electrical interfaces with other spacecraft subsystems are
shown in Figure 4.1.9-10. These inputs and _utputs from the C&S are
sum_narized in Table 4.1.9-3. The detailed C&S interfaces, including the
science and capsule subsystems, wit[ oe defined and updated during Phas_
IB project definition.
The C&S will provide (and accept) four different types of electrical
signals to the spacecraft subsystems. These electrical inputs and out-
puts are transformer-coupled to provide unreferenced end circuits and
to eliminate multiple ground return paths. The ac signals are integrated
to obtain a discrete level and to provide noise im_nunity. The four types
of signals are described in the following paragraphs.
_----i00 ms-----_
i) Burst Square Wave __j-_f_J-L
A 6-¢olt 4.B kc pulse train with a duration of approximately i00
milliseconds. Signal is used for interfaces that involve electro-
explosive device firing_ and for those requiring signals to drive
latching devices such as flip-flops and latching solenoids.
2) Squ_re Wave (On-Off) ____FLF_4_FU-LFL
A 6-volt amplitude uniform square wave with a frequency of 4.8
kc. The square wave is either present or not present to provide
a signal similar to a discrete level voltage change.
Tining Pulse Train
A 6-volt amplitude clock reference pulse train of uniform pulses
used for providing clock timing trains of desired frequencies and
for synchronization.
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Table 4.1.9-3:
SUBSYSTEM
C&S Electrical Interface Summary
FUNCTION
OUTPUTS INPUTS
i 2 3 4 i 2 3
Guidance & Control
Autopilot 13 i0
Inertial Reference Unit 2
Sun Sensors
Canopus Sensor 6
Guidance Sensors 2 !
Guidance Scan Platform 5
Antenna Pointing Control 4 4
Propulsion 8
Electrical Power
Power
Reference Oscillator
Radio 12
Telemetry 6 33
Command
Data Storage 3 4
Pyrotechnic 28
Science 2 5
Flight Capsule 13
Launch Control
4 Total
1 1
4
1 1
2 2
2 1
23
5 7
i i
i 7
i 4
5
20 28
2
2
1 1
Totals
Signal Types:
i. Burst Square Wave
2. Square Wave (On-Off)
2 2
102 59 8 5 2 29 2 7
4O174
Includes 33
Redundant
3. Timing Pulse Train
4. Data Pulse Train
2
2
12
43
8
7
29
9
17
2
214
214
Includes 33
Redundant
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4) Data Pul3e Train _ F'I.
a 6-volt amplitude pulse train of binary information for data
transmission between the C&S and other subsystems.
Figure 4.1.9-ii shows the preferred design electrical interface con-
figuration of the C&S and the cominand subsystems with another typical
subsystem. The cominand subsystem has fail-safe redundant coding and
output logic, combined in a single-output transformer for each output
function (Section 4.1.9.7). The C&S Subsystem has fail-safe redundant
coding, and output logic in each processor for critical output functions:
e.g., propulsion ignition, orbit insertion maneuvers. This configuration
ensures that a single failure will not cause a false command to be
issued, nor prevent the sending of a true command.
For non-critical output commands (e.g, some appendages deployment, and
certain mode switching), a single output circuit in the C&S is controlled
from either processor. The on-off type square wave outputs from the two
subsystems (C&S, command) are synchronous and of opposite phase. In the
event of an "on" failure in one subsystem, the other can still control
the output function by appropriate use of the bi-phase signals through
"exclusive or" logic in the receiving subsystem.
4.1.9.8 Reliability and Safety Analysis
Reliability--Mission reliability is achieved by using two redundant pro-
cessors with self-checking and error-detecting programs. The reliability
block diagram in Figure 4.1.9-12 shows the different sections. In Section
4, both processors can have an identical failure and still give correct
outputs by program techniques. The interprocessor comparison and
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BLANK
4.1.9-40
SCD = Signal Condit
INL = Initialize Loc
CMR = Command Rt]
CTL = Control Regis
ADD = Adder-Subtrc
INR = Instruction Re
MAR = Memory Adch
PAG = Parity Gener
PAC = Parity Check_
1
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2 PATH
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2600* 200*
6.08 x 19 -6 0.575× 10-6
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3.62 x 10-3
16
0.16 x 10 -6
69
138
1.38 x 10-6
100 15 68
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2=0 x 10-6 0.30 x 10 -6 1.36 x 10-6
0.941x 10 -3 8.11x 10-3 11.8xi0 -3 76 x 10 -3 8.00× 10 -3
2.5
0.05 x 10-6
0.29x 10-3
0.012x10 -3 0.104x10 -3 0.15x10 -3 0.0225x10 -3 0.102x10 -3 0.00375x10 -3
0.95x 10-3 8.21x 10 -3 11.95x 10-3 78 x 10-3 8.1x 10-3 0.29x 10-3
83.18 x 10-3 (INCLUDING 45% OF SCD AND 100% OMD)
2
4
0.40
2.35x
0.03
2.38_
*DISCRETE COMPONENTS - ALL OTHERS SCIC'S
R1
R2
R3
RT=
SECTIONS Q = )kt
2.7 & 0.45 o£ I 0.08318
3 0.05955
0.11F1,4tS,6 0.00362
SUBSYSTEM RELIABILITY =
R= I-Q
0.91682
0.94045
0.99638
0.9860
ioning
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_r & Timing
:ter
lister
_ss Register
]for
VCR = Velocity Conversion Register
INT = Interrupt Register
CPR = Processor Comparator
CDC = Countdown Chain
BTC = Bit Counter
WTC = Word Counter
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0-3
0-3
*10.0x 10 -6
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I1 7.5 35 4O 8 250
22 15 70 80 16 30 15 85 500
0.22 x 10-6
1.29x 10-3
0.0165 x 10 -3
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0.15 x i0 -6 0.70 x 10 -6 0,80 x 10-6 0.16 x 10-6 0.30 x 10 -6 0.15 x 10-6 0.85 x 10 -6
0.88x10 -3 4.12x10 -3 4o7X10 -3 0.941x10 -3 1.76x10 -3 0.88x10 -3 5.00x10 -3
0.011x 10-3 0.0525 x 10-3 0.06 x 10-3 0.012 x 10-3 0.0225x 10-3 0.011x 10 -3 0.064x 10-3
0.89 x 10 -3 4.17x 10 -3 4.7 x 10-3 0.95x 10-3 1.78x 10 -3 3.89x 10-3 5.06x 10-3
1.028 x 10-12 0.256 x 10 -30.001732 x 10 -3 (FAILURE RATE FOR 3 FAILURES)
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Figure4.I.9-12: Reliability Block Diagram and Assessment
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transfer section requires three failures to disable the C&S subsystem.
Even then, the function in question will initiate if one processor
issues the cormnand. A single line output is used only for functions that
have sufficient time for come,and subsystem backup. One failure under
any condition will neither inhibit a correct "on" nor provide an
incorrect "on" output. Failure rates of D2-82724-3 (referenced) were
used. The calculated reliability of the C&S is 0.9860 for 5880 hours.
Failure Modes and Effects Analysis--Table 4.1.9-4 presents a partial
analysis. A more detailed analysis with the associated probabilities
of occurrence for each mode will be supplied in later phases of the
program.
0
Processor Nonsynchronization--Nonsynchronization can result from
startup errors at power "on", component failure in one processor,
single processor power failure, or erroneous informarion transferred
between processors. When power is first applied, the initi_lize logic
controls the initial internal and output states of the processors.
insuring synchronism. Component failure or transient error in the
memory, instruction register, and memory control loop will result in
the "no command" condition from the C&S until the processors are corrected
and in synchronism again, or until a malfunction is recognized and the
failed processor shut down. Probability of occurrence of this event
will be evaluated in the follow-on program phases.
Two conditions exist in the loss of synchronization caused by a loss
of the 2.4 kc power sources; total C&S power failure and single 2.4 kc
power failure. Re-synchronization after total 2.4 kc power failure is
4.1.9-43
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days, respectively. Transit and orbiting times for the Voyager are 7
months, and up to 6 months, respectively. The Voyager will operate
further from the Sun, and must w_thstand micrometeorites for a longer
period than the Lunar Orbiter. To satisfy the Voyager C_S functional
and reliability requirements, redundancy features have been added.
A C&S breadboard development will be carried out in Phase IB.
4.1.9.10 Trade Study Summary
The preferred design is a result of three primary trade studies conduc-
ted on the design constraints and requirements in paragraph 4.1.9.3:
(i) Design of the C_S subsystem utilizing a fixed-wired computer versus
a programmable cycled special-purpose digital computer; (2) redundant
processor configurations; and (3) optimization of command word length.
Hach trade was studied, using reliability, power, weight and volume,
cost, design complexity, and performance as parameters where applicable.
Results of trade studies (i) and (2) are in Figure 4.1.9-13 and 4.1.9-14.
Optimization of Command Word Length
Various approaches have been investigated and have resulted in a command
structure requiring 27 bits to code data and command words. The Space-
craft time requirement of 26 bits sets a minimum value for length of
commands transmitted to the Spacecraft. A parity bit was added from a
reliability standpoint to ensure information transfer from command sub-
system to the C_S. Various other command structures were investigated,
containing up to 38 bits in length, and were rejected for inefficient
bit utilization. Splitting of the time word into two 15-bit words
complicated the C_S data processing excessively, and was discarded.
4.1.9-46
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4.1.10 Structural and Mechanical Subsystem
4.1.10.1 Summary
The Spacecraft Bus structural and mechanical subsystem provides struc-
tural support and mechanical release, deployment, and latching operations.
The subsystem consists of 383.5 pounds of primary and secondary structure,
and 25.0 pounds of mechanisms. The structural arrangement is considerably
revised from the arrangement used in Task A, due to the requirement to
support the capsule uniformly around a 120-inch diameter and to accom-
modate larger and heavier components, such as the propulsion subsystem.
Mechanical component features are similar to those used in Task A_ but
are rearranged to suit new spacecraft configuration.
The subsystem is designed specifically for the 1971 mission_ utilizing a
2000-pound capsule and a 2500-pound spacecraft (including 400 pounds for
science)_ with an ultimate structural factor of safety of 1.25. The con-
cept is, however, directly applicable to the spacecraft for 1975 and 1977
missions with an 8000-pound capsule and a 3500-pound spacecraft.
Estimated weight increase of the Planetary Vehicle structure to accommo-
date the 8000-pound capsule is approximately 120 pounds.
The structure consists of four major elements: the primary structure
assembly (cylindrical shell); the external supports for appendages; the
capsule support and emergency separation assembly; and an eight point
Planetary Vehicle separation assembly.
4.1.10-1
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Primary structure supports all major elements of the Planetary Vehicle
including the flight capsule, the propulsion subsystem module, (Section
4.3), and part of the science payload. The primary structure provides
thermal coupling between electronic assemblies, thermal damping during
transient conditions, and serves as part of the meteoroid protection.
The primary structure assembly is a 120-inch diameter cylindrical shell,
85 inches long, of conventional semi-monocoque design consisting of
AZSIB-H24 magnesium skin, ZK6OA-T5 magnesium stiffeners and frames,
with eight 7075-T6 aluminum longitudinal thrust fittings for transfer
of propulsion module loads to bus assembly. The shell provides direct
support for attachment of electronic equipment assemblies. Center frames
also double as cable trays for support of electronic equipment wiring.
This structural arrangement was selected over others studied (Figure
4.1.10-1) because it met the requirement for uniform capsule loading
and, though 33 pounds heavier than continuous corrugation, has inherent
advantages of accessibility, adaptability to growth requirements, and
offers excellent attachment for electronic assembly mounting. Should it
be considered desirable to eliminate the use of magnesium, 2024-T4 aluminum
alloy may be used throughout the structure at a weight increase of 71 pounds.
The external structure supports components such as antennas, solar panels,
and other equipment items_ and is principally of aluminum alloy truss
and beam construction.
Conventional design, in addition to minimum weight considerations, dominates
the selection of materials and manufacturing processes. Magnesium alloys
are chosen for sheet and stiffener applications, aluminum alloys for truss
members, and titanium alloy for parts to minimize heat leaks.
4.1.10-2
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Mechanisms are provided for securing and deploying antennas, solar
panels, the guidance scan platform; and for performing separation of
the Planetary Vehicle and the emergency separation of the capsule.
Pyrotechnic pinpullers are used for all latch and release mechanisms.
Spring-driven oil-damped actuators (Vinson type) are used for deploy-
ment of the antennas and the scan platform. Spring-actuated pins are
employed for latching mechanisms. Both the emergency capsule and the
Planetary Vehicle separation mechanisms employ V-blocks attached to
a segmented tension band which is pyrotechnically released. Compres-
sion springs provide force to eject both the capsule and Planetary Vehicle.
In selecting mechanical components, maximum use has been made of exper-
ience gained on the Ranger and Mariner programs. Design criteria and
stress levels have been selected conservatively_ space-proven com-
ponents and methods have been used whenever possible_ and redundant
mechanisms and multiple load path structure have been employed to ensure
maximum probability of mission success.
The conservative approach in both the structural and mechanical aspects
of _he spacecraft permit a predicted reliability of 0.998+ for this
subsystem.
2)
3)
Applicable Documents
D2-82709-I thru -5 Voyager Spacecraft Systems Final Technical
Report, The Boeing Company, July 25, 1965.
MC-4-521A Eunctional Specification Mariner C Elight
Equipment Structural Design Criteria.
Voyager 1971 Preliminary Mission Description (JPL, October 15, 1965).
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4.1.10.3 Design Constraints and Requirements
Design constraints and requirements for the structure and mechanisms
are derived from the physical and functional characteristics of the
Launch Vehicle, the Flight Capsule, the Planetary Vehicle Adapter,
and from the functional requirements imposed by other Flight Space-
craft subsystems as set forth in Volume A9 Part I, Section 2.0.
Maximum anticipated limit accelerations imposed during the launch
phase are shown as separate conditions of combined and singular acceler-
ations. A preliminary dynamic analysis of the entire Launch Vehicle for
a given set of realistic engine-induced structural transients has indica-
ted these accelerations are conservative.
The attachment to the Flight Capsule shall be continuous on a 120-
inch diameter. The separation normally shall be effected above the
structural field joint. The separation system imposes certain inplane
crushing loads on the bus structure. An emergency separation system
shall be designed for a possible malfunction within the Flight Capsule
deleterious to the orbiting missions of the Flight Spacecraft. Except
for hoist fittings, transportation and handling will not be a design
condition for the structure.
Design requirements for structure and mechanisms are summarized into
two groups, one group derived from the functional adequacy imposed by
other spacecraft subsystems, and another group relating to general
integrity of the structure. Important functional requirements are:
i) Adequate support points and clearances for the Flight Capsule,
propulsion subsystem, science subsystem, electronic components,
cabling, and the Planetary Vehicle Adapter
4.1.10-4
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2) S_owage space, launch phase support, minimum number of deployment
devices, view factors, and orbit insertion phase support for all
view critical subsystem components
3) Utilization of structural system to maximum extent to provide in-
herent environmental protection
4) Modularization of electronic packaging
5) Minimum Flight Spacecraft-Planetary Vehicle Adapter separation
rate of i foot per second, and a maximum roll rate of 3° per second
6) Conductivity at structural and non-structural joints within the
spacecraft consistent with safety electrical and thermal requirements
7) Access for equipment repair and replacement, for test purposes and
for inspection
8) Guards, or other protective devices, for hazardous or delicate
equipment
9) No critical mechanical alignments during matchmate with the Launch
Vehicle
i0) Cleanliness and cleanability
ii) Flexibility of equipment location for CG control
12) The general structural design criteria requirements specified in
MC-4-521A,"Functional Specification Mariner C Flight Equipment
Structural Design Criteria," will apply except where peculiar to
Mariner C design
13) Provision for structural redundancy only through inherency in the
general arrangement, and not by way of additional structural
elements.
4. i. 10-5
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The important items for structural and material integrity are as follows:
i) Provide sufficient strength and stiffness to prevent the failure of
the Flight Spacecraft under any load condition of the mission.
2) Provide for adequate safety through the use of a 1.25 factor of
safety on all structural components.
3) Provide for a hazard factor of 1.76 in the design of the separa-
tion system components hazardous to personnel in the event of
failure. A hazard factor of 1.0 shall be used on all other
components.
4) Provide sufficient strength so that the structure shall not fail
under ultimate design loads or yield under limit design loads.
5) Provide adequate strength to withstand the launch phase depres-
surization profile within the nose fairing.
6) Provide sufficient stiffness and the necessary preload in the
separation systems to prevent breaking contact during dynamic
environments.
7) Provide sufficient stiffness to preclude unintentional contact
between adjacent spacecraft components under all mission environments.
8) Provide sufficient stiffness to prevent deleterious coupling between
spacecraft components and the guidance and control subsystem.
9) Provide for adequate strength and stiffness to permit the firing
of the orbit insertion engine without the inertia provided by the
Flight Capsule.
Provide for structural redundancy only through inherency in the
general arrangement, and not by way of additional elements.
Provide for coatability for thermal control.
lO)
ll)
4.1.10-6
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4.1.10.4 Preferred Design and Functional Description
The primary structural arrangement was selected on the basis of super-
ior accessibility_ growth adaptability9 and uniform load at the capsule,
and consists of an AZ31B-H24 magnesium alloy cylindrical shell, 120
inches in diameter and 85 inches long (Figure 4.1.10-1). The cylinder
is strengthened by internal ZK6OA-T5 magnesium alloy vertical stiffen-
ers_ approximately 8 inches apart, that also serve for attachment and
support of the electronic assemblies. Two intermediate external
ZK6OA-T5 frames stabilize the cylinder and act as cable trays for
spacecraft wiring and as supports for thermal control louvers.
Electronic assemblies are attached to the exterior o_ the shell between
these two intermediate frames. A weight advantage_ as shown in the
trade study (Figure 4.1.10-12) can be realized by mounting the electronic
assembly flush with the shell skin, and utilizing the radiation plate as
primary shell material. However_ this arrangement requires close
tolerance attachment holes, and complicates the installation of the
assembly.
Upper and lower magnesium frames are located at each end of the shell,
with the upper frame machined as part of the V-block-band separation
joint. Adjacent to the upper frame is a magnesium field joint ring,
bolted to, and providing uniform support to, the Flight Capsule.
The upper V-block-band serves as an emergency separation joint. Hight
7075-T6 aluminum alloy tapered longeron thrust fittings are provided
in the lower segment of the shell for attachment of the propulsion
module and for transfer of all loads of the Planetary Vehicle through
eight field joint fittings bolted to the adapter. These fittings are
4.1.10-7
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joined to the longerons with a V-block separation band that serves
as the Planetary Vehicle/Planetary Vehicle Adapter separation joint.
The external support structure (Figure 4.1.10-1) provides support for
solar panels, antennas, scan platform, science booms, and reaction
control units. Assembly consists of aluminum alloy trusses and beams,
pinned to the internal structure for ease of installation and removal.
Titanium and low-conductance materials are used for attachments to the
internal structure to minimize heat leaks.
Meteoroid shielding is provided on upper and lower segments of the
cylinder side walls to protect the propulsion subsystem and wiring.
Protection consists of an 0.010 magnesium outer bumper spaced approxi-
mately one inch from the inner wall. Cylinder ends are protected by
the barriers furnished with the propulsion module (Section 4.3).
Hither the field joint at the ends of the bus, or the separation struc-
tural members, inherently provide excellent attachment provision for
hoisting and handling equipment.
Antennas are mounted on booms, which rotate about a single-axis hinge
pin during deployment and are automatically locked in operating posi-
tion. Figure 4.1.10-2 shows the mechanisms used for stowing and de-
ploying antennas.
All boost latch mechanisms are single cartridge, dual bridgewire,
pyrotechnic pin pullers and are conventional, flight-proven, off-the-
shelf units. Upon release from stowed position, each boom is rota-
ted by a linear compression spring actuator, which incorporates an
4.1.10-8
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oil dashpot (for control of angular velocity), and a set of zero back-
lash locking pins for positive and accurate placement of the sensor.
The actuators are Vinson type (Figure 4.1.10-3), flight-proven units.
Deployed position sensing switches are located so as to be triggered
by each boom as it is locked into operating position.
All hinge joints employ self-aligning spherical bearings with integral
sleeve bearings, thus providing dual paths for rotation to assure a
predicted reliability of 0.99991 for each hinge. The self-aligning
feature of the spherical bearing also counters binding effects pro-
duced by thermal gradients across the bearing housings. Teflon-
impregnated materials are used as liners for bearing surfaces on all
bearings. Hinge pins are installed in a manner that imposes no end
loads on bearings.
The solar panel mechanical features are described in Section 4.1.1.4.
It is desirable that such C_H items as the VHF relay antenna, science
boom and planet scan platform use the same or similar methods of up-
lock, hinging, deployment, and locking as items previously described.
The preferred design does not depend on use of dampers or vibration
isolators for equipment or appendage supports. However, unanticipated
structural response revealed during test may necessitate use of these
devices to preclude major redesign.
4.1. I0-13
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The preferred separation mechanism for the Planetary Vehicle is a four
segment, circular, V-block band (Figure 4.1.10-4). The four segments are
fastened together by four pyrotechnic-fired release devices. Each
band segment consists of aluminum alloy shoes attached to a flat,
titanium alloy band. Shoes are loosely mounted and held in position
by spring clips. Each band segment contains a turnbuckle for tension-
ing the V-band, and two strain gages to permit monitoring the tension-
ing operation during installation. When released, each band segment
is pulled free by two flat springs. These springs also retain the
V-block segments with the planetary vehicle adapter.
The emergency Flight Capsule separation mechanism is similar to the
Planetary Vehicle separation mechanism, except components are lighter
to accommodate lighter loads imposed upon the mechanism.
The desired relative separation velocity of one foot per second is
accomplished with eight compression springs symmetrically located
around the inner periphery of the adapter ring. Each spring (Figure
4.1.i0-5) is centered in its mounting position, and a central guide
rod ensures that the spring reacts parallel to spacecraft centerline.
Teflon grommets reduce the friction losses in the system, and a low
spring height/diameter ratio ensures good spring stability without use
of cylindrical guides. This method of separation has been successfully
used in Ranger and Mariner. An alternate separation mechanism
(Figure 4.1.i0-15)_ consisting of explosive tension bolts_ was investiga-
ted and has had extensive development and space usage. However, the
V-block band system was selected because of the slight reliability
advantage.
4.1.10-14
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Performance Characteristics
The structural subsystem of each Planetary Vehicle is capable of perform-
ing its function throughout the entire operational environment defined
in Volume A, Part I, Section 2.0 with or without a 2000-pound Flight Capsule.
i) Structural Mode Analysis--The Planetary Vehicle modes and frequen-
cies were determined for the boost condition of support. The
structure of the Propulsion Module and the Planetary Vehicle
Adapter were necessarily included in this analysis, as well as
the structure of the Spacecraft Bus. Boeing-developed digital pro-
grams were used, with the computations being performed on the IBM
7094 computer. The COSMOS program is a structural analysis proced-
ure based on the direct stiffness method. The SMALIS program is
essentially a built-in option of COSMOS which provides for vibration
analysis computations. In this analysis, the structure was
represented by an assemblage of triangular and quadrilateral
plates, two node beams, and stringers. Approximately I00 modes
and 300 structural Darts were employed in the representation,
with 50 degrees of freedom retained for mode analysis. The
following table lists the first few modes and frequencies of the
Planetary Vehicle with the 2000-pound capsule. These modes are
typical of those which would be used in the Planetary Vehicle loads
analysis.
L
FREQUENCY
<cps)
9.9
9.6
21.2
30.7
18.7 to 31.3
MODE DESCRIPTION
Spacecraft Rotation on Adapter, Capsule Moving
Laterally (Y direction)
Spacecraft Translating Longitudinally
Propulsion Axial Mode
Propulsion Module and Spacecraft Lateral Motion,
Out-of-Phase
Solar Panel Supports - Symmetrical and anti-
symmetrical
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2) Planetary Vehicle Loads Analysis--The axial response of the Space
Vehicle was calculated for the conditions of S-IC ignition, release
and thrust cutoff. This was done in order to verify the appli-
cability of the structural design loads in Section 2.0. Loads
calculated from this analysis are considerably less than used
for design.
A modal analysis was performed on the Space Vehicle to determine
the natural frequencies and modal displacements for each of the
design conditions specified in Volume A 9 Part I_ Section 2.0. The
Space Vehicle model consisted of a lumped mass-spring system with
18 masses for the booster9 and two for each spacecraft. Stiffness
of the Planetary Vehicle Adapter was varied for frequencies from
I0 to 25 cps to assess the effect of fundamental frequency on
maximum Planetary Vehicle response.
The transient response due to engine ignition was determined from a
starting sequence of 1-2-2 with 0.3-second lapse between ignitions.
It was found that the higher vibrational modes (6th to lOth mode)
of the structure were of importance in defining the response at
ignition. Peak response of the Planetary Vehicle ranged between
+0.4g and +l.6g.
The response due to launch release was found for the condition
of release at t = +6. The Saturn V uses a release delay device
to reduce the transient during release. Maximum response for
4.1.10-16
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release ranged between +l.05g and +1.45g. When superimposed on
the decaying transient from ignition, the response became +0.95g
and +1.55g. Maximum responses for $-IC cutoff were +5.6g and -0.9g.
It is recognized that the axial mode analysis, as performed here,
is inadequate for accurately predicting frequencies and responses.
Purpose of this analysis was to obtain approximate values of
response in order to verify the design loads, since time for
complete analysis was not available. The recent testing of the
i/lO-scale Saturn V model at Langley Research Center has revealed
several unsatisfactory discrepancies in axial analyses based on
lumped mass-spring representations. A more exact analysis of the
Space Vehicle must consider the vehicle as a shell structure
instead of a spring; and the fuel as an incompressible liquid
rather than a solid mass. Improved computer methods required to
perform this complex dynamic analysis are being implemented by
Boeing for NASA/Houston 9 for the Apollo program. These computer
programs will also be available for use on Voyager.
Primary Structure--Each Flight Spacecraft primary structure is
designed to carry a 15,000-pound propulsion subsystem and a
2,000-pound capsule whose CG is assumed to be 70 inches forward
of the Flight Capsule field joint plane.
The propulsion system module attaches at the base of the Flight
Spacecraft and 9 therefore, has little influence on the primary
structure of the bus during boost. Propulsion system inertial
loads are transferred to the Planetary Vehicle Adapter. Only
4. i. 10-17
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local primary structure fittings are affected.
safety of 1.25 was used.
An ultimate factor of
The critical structural load condition for the primary structure
occurs during launch, at which time limit accelerations of 5.6gs
axially and 2.0g's laterally are considered to occur simultane-
ously. This combined loading requirement inherently provides a
capability for the structure to sustain lO.2g's axially with zero
lateral acceleration. Specific combinations of allowable axial and
lateral accelerations define the acceleration performance envelope
of the structure and are shown in Figure 4.1.10-6.
The ability of the structural subsystem to accept Flight Capsule
payloads other than the 2000-pound design weight is constrained by
(i) gross weight of the Flight Capsule (2) CO location of the
Flight Capsule 9 and (3) accelerations imposed on the Planetary
Vehicle during launch. As shown in Figure 4.1.10-7, the design
gross weight of the Flight Capsule can be increased to 3750
pounds when the Planetary Vehicle is exposed to 5.6g's axial
acceleration only during launch. Allowable Flight Capsule gross
weight for other loading conditions is shown in Figure 4.1.10-7.
In a like manner, the structure is capable of accepting higher
weight Capsules by limiting the lateral accelerations experi-
enced during launch. For the design condition of 5.6g's limit
axial acceleration plus 2.0g's limit lateral acceleration, the
structure is equally critical in bending and shear with a 2000-
pound Flight Capsule (CO at 70" above the Flight Capsule field
joint plane). However, at lateral accelerations above 2.0g's limit,
4.1.10-18
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Flight Capsule gross weights are limited by the shear capability
of the structure, and the allowable Flight Capsule gross weight
is less than 2000 pounds. For lateral accelerations less than
2.0 g's-limit higher Flight Capsule gross weights can be accommo-
dated 9 as limited by the bending and axial-load capability of the
structure. This performance capability of the structure is shown
in Figure 4.1.10-8.
The effect of Flight Capsule CG location on the amount of Flight
Capsule allowable gross weight the structure is capable of
supporting under the critical design load condition is shown in
Figure 4.1.10-9. The Flight Capsule CG location can vary from
0 to 70" forward of the Flight Capsule field joint plane for a
2000-pound Capsule. In this CG region, the Flight Capsule gross
weight is limited by the lateral shear capability of the structure.
Flight Capsule gross weight must be reduced below 2000 pounds
when the Capsule CG location exceeds 70" forward of the Capsule
field joint plane, because of the bending moment and axial load
capability of the structure.
4) Appendages--The structural strength of the Flight Spacecraft
appendages, including their supports, are designed by the boost
vibration requirements defined in Volume A, Part I, Section 2.0. At
this time, all deployable components are stowed and latched and are
required to maintain structural integrity only. During transit and
insertion into Mars orbit_ however, solar panels, antennas, and scan
platforms are deployed and must maintain deflection limits consistent
with functional requirements of the component. All appendages in
4. i. i0-21
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the deployed configuration have sufficient rigidity to maintain
a natural vibration frequency of at least 2 cps_ thus assuring no
degradation in the capability of the autopilot and reaction
control subsystem to maintain desired attitude of the Planetary
Vehicle.
During orbit insertion without a 2000-pound Flight Capsule 9 the
Flight Spacecraft is subjected to limit axial accelerations of
5 g's maximum. The high-gain antenna and its support are capable
of limiting misalignments to a maximum of 2.40 for this condition.
Mechanisms--The high-gain antenna deployment linkage and locking
mechanism positions the antenna within _ 0.2 ° . The low-gain antenna
deployment and locking mechanism positions the low-gain antenna
within _0.2 ° of its nominal deployed position on the Flight
Spacecraft. Since the mechanisms associated with the solar panels
and guidance scan platform provide only a release function_ there
are no significant performance criteria associated with these two
devices.
The Flight Capsule release and separation mechanism provides a
separation velocity of one foot/second to a 2000-pound Flight
Capsule and its encompassing canister_ as referenced to the Flight
Spacecraft. Of this one foot/second, approximately _0.74 foot/
second is imparted to the Flight Capsule_ and a retrograde velocity
of 0.26 foot/second is imparted to the Flight Spacecraft. In the
most adverse case_ a rotation rate of 0.84 degrees/second is
imparted to the Flight Spacecraft9 upon separation of the Flight
4.1.10-23
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Capsule. However, to ensure clearance upon separation, a rotation
of 3°/second is used for design.
T_^.,,=Planetary Vehicle release and separation mechanism must also
provide a separation velocity of one foot per second to the
19_500-pound Planetary Vehicle as referenced to the S-IVB booster
stage. In the most adverse case, a rotation rate of 3 degrees per
second is imparted to the Planetary Vehicle Adapter.
Meteoroid Shielding--Meteoroid shielding on the Flight Spacecraft
provides a probability of 0.9955 that no penetration will be
experienced during the 30-day Mars orbit mission, when exposed to
the design meteoroid environment defined in Volume A, Part I,
Section 2.0. If emergency separation of the Flight Capsule occurs
early in transit, the inherent meteoroid protection provided by the
Capsule to the Propulsion Subsystem will be lost. The upper shield
on the bus cylinder will then be required to provide protection for
the entire mission. In this condition, the probability of no
meteoroid penetration is reduced to 0.9942 for the 30-day mission.
The individual risks of penetrating the equipment compartment or
propulsion system_ as well as the overall risk associated with the
Flight Spacecraft, is shown in Figure 4.1.10-10 as a function of
mission time.
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4.1.10.6 Physical Characteristics
Weight--The weight of the Structural and Mechanical Subsystem is
itemized below.
Primary Structure Assembly
Cylindrical Shell
Capsule Support & Separation
P/V Support & Separation
External & Secondary Structure
Meteoroid Shielding
Solar Panel Supports
Antenna Supports
Science Boom Supports
Science Scan Platform Supports
Science Instrument Support
Guidance Platform Support
Reaction Control Tank Supports
Reaction Control Thruster Supports
Misc. Brackets & Fasteners
Deployable Mechanisms
Antenna Boom, Latch & Deployment
Mechanism
Guidance Platform Release
243
218
25
(50) Ref. 4.2.1
52.7
5
19.5
7
20
8
2
12
2
12.3
24.0
140.5
25.0
1.0
4.1.10.7 Interface Definition
The interfaces of the bus structural and mechanical subsystem appear in
Table 4.1.10-1 and 4.1.10-2.
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4.1.10.8 Reliability and Safety Analysis
Reliability Analysis--Predicted reliability of the structural assemblies
and mechanisms are indicated below:
i) Primary Structure 0.9997
2) External Support Structure 0.9996
3) High Gain Antenna Release and Deployment Mechanism 0.99986
4) Low Gain Antenna Release and Deployment Mechanism 0.99988
5) Medium Gain Antenna Release and Deployment Mechanism 0.99986
6) Solar Panel Release 0.99992
7) Guidance Scan Platform Release 0.99999
8) Emergency Flight Capsule Separation Mechanism 0.99992
9) Planetary Vehicle Separation Mechanism 0.99992
Major design goals intended to ensure high reliability include simplicity;
state-of-the-art design and fabrication techniques; and the use of space-
proven materials and functional components. Additional assurance of
high reliability will be gained through extensive functional and proof
testing of all structures and mechanisms in simulated space environments.
Safety Considerations - To ensure safety of personnel and equipment_ the
following precautions will be observed:
l) During the torque-up of either the Flight Capsule separation band
or the Planetary Vehicle separation band, the protective ring pro-
vided as 0SE shall be installed about the band. The protective
ring will remain installed as long as possible, or until it must
be removed for installation of other components of the Flight
Spacecraft.
4.1.10-28
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To prevent inadvertent firing of the pyrotechnic pin pullers and
other pyrotechnic release devices used in the mechanisms, all firing
circuits are connected to the master arming switch in the pyrotechnic
subsystem. The no-fire limitation of all pyrotechnic devices is
1 ampere/l watt for 5 minutes, as established in Section 4.1.11.
4.1.10.9 Development Status
Minimum development is required for the spacecraft structural and mechan-
ical subsystem. The only component requiring major development is the
high-gain antenna deployment, drive and latching mechanism.
4.1.10.10 Trade Study Summaries
Trade studies were conducted to determine preferred structural arrange-
ment and material for the bus; preferred location for electronic pack-
ages mounting, spacecraft structural weight increases required for higher
capsule weights_ and capsule CG locations and the preferred separation
system. Results are shown in Figures 4.1.10-11 through 4.1.10-15.
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4.1.11 Pyrotechnic Subsystem
4.1.11.1 Summary
The pyrotechnic subsystem initiates deployment of solar panels, booms,
antennas, platforms, protective covers, flight capsule separation,
propellant subsystem valve actuation, ignition_ and other pyrotechnic
functions. Signals from the computer and sequencer and the command sub-
system (as a backup) initiate pyrotechnic functions. The pyrotechnic
subsystem follows the basic concept of the Mariner series in using energy
storage capacitors switched by solid state devices, differing from Task A
preferred design, which proposed battery power to fire electro-explosive
devices (EED's). Use of capacitors ensures that high continuous power
consumption cannot occur and that sufficient energy is always available
for firing EED's. Subsystem arming is accomplished by the pyrotechnic
arming switch and the separation-initiated timer, as on Mariner.
The pyrotechnic subsystem consists of the pyrotechnic power switching
unit_ pyrotechnic arming switch_ separation-initiated timer_ twisted
and shielded cables to the EED's_ and the EED's.
The pyrotechnic power switching unit performs energy storage and switching
functions and provides subsystem status to telemetry and operational support
equipment. Each function has safety features to prevent inadvertant
firing, and a redundant path to enable firing when a single component
or part failure occurs.
The pyrotechnic arming switch and the separation-initiated timer inhibit
power to the pyrotechnic subsystem until the spacecraft is separated
4.1.11-1
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from its adapter. In addition, the separation-initiated timer provides
a signal to the computer and sequencer to initiate the remaining pyro-
technic functions.
EED's complying with AFETRP 80-2 are used. The pyrotechnic subsystem is
shown in Figure 4.1.11-1. Reliability of the design is 0.99997 over
a mission period of 5160 hours (time during which all pyrotechnic func-
tions have occurred) for initiation of 21 functions using 59 EED's.
The system weighs 34 pounds, occupies 1050 cubic inches, and requires
7.5 watts of power (48 watts peak for i00 milliseconds for each pyro-
technic event).
4.1.11.2 Applicable Documents
l) AFETRP 80-2 General Range Safety Plan, Volume l, and Appendix A.
2) D2-82724-3 Reliability Assessments and Prediction Standards for
Voyager Task A, dated 7-21-65.
3) Voyager 1971 Preliminary Mission Description (JPL Oct. 15, 1965)
4) Voyager Environmental Predictions Document (JPL)
5) Performance and Design Requirements for the Voyager 1971 Spacecraft
System, General Specification for. (Preliminary) (JPL Sept. 17, 1965)
4.1.i1.3 Design Constraints and Requirements
The pyrotechnic subsystem complies with AFETRP 80-2 General Range Safety
Plan, Vol. 1 and Appendix A, and the following:
i) Redundancy in critical functions is accomplished through redundant
pyrotechnic devices rather than through single pyrotechnic devices
and redundant HHD's, except in the orbit-lnsertlon motor-lgnltlon
subsystem, where one S/A device with two HED's is used.
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Figure 4. I.ll-h Pyrotechnic Subsystem Schematic Diagram
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2) Pyrotechnic devices are non-venting, non-rupturing, and will pro-
vide positive gas containment.
3) Power to the pyrotechnic subsystem is blocked by the normally open
contacts of the pyrotechnic arming switch and separation-initiated
timer.
4) No single or common failure mode (including procedural deviation),
will both arm and command the pyrotechnic subsystem.
5) Access to firing circuit connectors is provided so that continuity
and voltage status can be verified by tests conducted during final
field installation.
6) Solid state switches are used to switch initiating current to EED's
from energy storage capacitors.
7) A.C. to D.C. conversion will be accomplished in the pyrotechnic
power switching unit.
8) AFETRP 80-2 requirements for shielding of circuits associated with
category A devices apply to circuits associated with category B
devices.
9) Firing circuits are isolated from spacecraft structure and other
grounds by a minimum of i0,000 OHMS and a minimum capacitance.
i0) The terminal-to-terminal or terminal-to-case ohmic resistance of
an EED is assumed to be capable of taking any value within the
range of zero to infinity during and after firing.
ii) End circuits, consisting of current limiting series resistors in
the pyrotechnic power switching unit, will be inserted in return
conductors of firing circuits.
12) Firing circuits for EED's will be designed to provide continuous
circumferential shielding and to ensure that when connectors are
4.1.11-5
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mated the shield connection is made before contact is made
to firing circuit pins.
13) EED firing cables will be routed separately from all other
cables and wiring.
14) Firing circuits will not be routed through in-flight separation
connectors.
15) Ground point for the pyrotechnic circuit will be located within
the pyrotechnic power switching unit, and will connect to its
chassis at one point only.
16) Redundant firing circuitry will be utilized.
17) HED's will be non-detonating, contain two redundant bridge-
wires, and be capable of withstanding static discharge of 25 kv
from a 500-picofarad capacitor applied between pins, or between
pins and case, at all atmospheric pressures.
18) Connectors in firing circuits will have pinsocket junctions
oriented with sockets on the EED side. Connector receptacles
will be an integral part of the EED body.
4.1.ii.4 Preferred Design and Functional Description
The functional schematic diagram is shown in Figure 4.1.11-1. Control
of pyrotechnic functions comes from the computer and sequencer, with
backup signals from the command subsystem. The subsystem consists
of:
Pyrotechnic Power Switchinq Unit (PPS)--The unit contains power sup-
plies, bridgewire drivers, and interface circuits. As a result of
trade studies, this system is designed to contain two separate
4.1.n ¢
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transformer-rectifier (T-R) units_ two sets (2 each) of capacitor banks,
and two independent paths, each consisting of a driver-bridgewire cir-
cuit. Each T-R is associated with a set of firing circuits designated
circuit "A" and circuit "B" as shown in Figure 4.1.11-1. Two banks of
energy storing capacitors are used with circuit A and two banks with
circuit B to allow simultaneous firing of several func_ons.
Capacitor banks are time-shared to reduce weight and volume and to mini-
mize power drain.
Solid state switches are used in the EED drivers and associated
amplifiers and logic gates for each EED bridgewire circuit.
Two pyrotechnic de-activation latch relays are used to provide power
turn off capability when all pyrotechnic functions have been completed.
Capability to reset is provided.
Two different circuit types, chosen as a result of trade studies, are
used. The first, Driver Type I (Figure 4.1.11-2b), is used for all
functions whose time or order of occurrence is noncritical to mission
success. A single failure does not abort mission. The second, Driver
Type II (Figure 4.1.11-2c), is used for all functions which must occur
at the prescribed time. No single failure will cause premature, delayed,
or inhibited functioning.
Driver Type I receives squarewave signals across the interface. After
200-300 microseconds, the SCR fires. When the capacitors are discharged,
or all of the bridgewires open up, the SCR turns off, and the capacitor
4.1.11-7
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charges up and waits for another circuit to be activated. If any of
the transistors or the SCR shorts, the EED will initiate. However, the
pyrotechnic system is not armed until spacecraft separation.
Driver Type II is activated by receiving squarewave signals. After
200-300 microseconds, all of the transistors in both legs turn on,
initiating the EHD.
A single failure in either leg may turn the output circuit in one leg
on, but the other output circuit is off, so the EED will receive no
activating current.
Redundant Type II drivers are used for all critical functions to avoid
a single "OFF" failure.
The only power used by either circuit while not in the "ON" condition is
leakage power.
The Capacitor Tank Circuit (CT), shown in Figure 4.1.i1-2, consists of
parallel capacitors, totaling 10,800 microfarads, charged by a series
resistor. The output to the Type I circuit goes directly from the capa-
citors, while Type II is driven through a diode to prevent capacitor
discharge from transistor leakage. Two resistors are added to provide
leakage current to paralleled Type II circuits.
Pyrotechnic Arming Switch--The pyrotechnic arming switch is identical to
Mariner's. At separatlon_ the leaf springs will be free to move, closing
the circuits_ and providing arming by connecting 2400 cps S/C power to
the pyrotechnic subsystem_ OSE "SAFE/ARM" indication during prelaunch
operations and a signal to telemetry that arming has occurred.
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Separation-Initiated Timer--Provides necessary switching sequence to
redundantly arm the pyrotechnic subsystem, command solar panel deploy-
ment, and provide a signal to computer and sequencer that the spacecraft
has separated.
The timer is also identical to Mariner C timer.
4.1.11.5 Performance Characteristics
Input Siqnals--The subsystem operates with the following signals and
switch closures: command subsystem and computer and sequencer signals
of 4.8K cps, i00 millisecond duration and 6-volt amplitude; separation-
initiated timer and pyrotechnic-arming switch, switch closures_ space-
craft power of 2400 cps, 50-volt amplitude.
Output Signals--The PPS, when provided with inputs of 4.1.11.5, initiates
the following outputs: electrical energy pulses to fire HED's; OSH and
telemetry pyrotechnic subsystem status switch closure and separation
signal of 2400 cps, i00 millisecond duration, and 6-volts amplitude to
the computer and sequencer. See Section 3.7 for telemetry channel list.
Input Power Demand--Total estimated power demand is 7.5 watts steady
state, and 48 watts for i00 milliseconds for each pyrotechnic event.
Allocated power for pyrotechnic subsystem is 12 watts steady state.
4.1.11.6 Physical Characteristics
Pyrotechnic subsystem weight and volume estimates are:
Item
Pyrotechnic Power Switching Unit
Pyrotechnic Arming Switch
Separation-Initiated Timer
HHD's
Qty. Reg.
1
1
1
59
TOTAL
4.1.11-11
Total Weight (ibs)
30.0
0.3
0.7
3.0
34.0
Size (in.)
12x16x5.5
2x 3x2
4x 4x6
2x lxl
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4.1.11.7 Interface Definition
Interface with other spacecraft subsystems appear in Tables 4.1.il-la
and 4.1.11-1b.
4.1.11.8 Reliability and Safety Analysis
Reliability--Pyrotechnic reliability is achieved through redundant
paths. Every function requires two failures to prevent EED firing, or
to cause EED inadvertent firing. Figure 4.1.11-3 shows the reliability
block diagram and reliability assessments. Except for one 100-millisecond
period, each driver circuit is on standby. SCR driver circuits, which
can fire with a single failure, are used for functions which can occur
at any time after spacecraft separation (when power is applied to the
pyrotechnic subsystem). For functions which must occur at critical
times, the transistor circuit, which requires two failures to fire, is
used. Two failures are required to cause catastrophic effect to the
mission. A sample fault diagram is shown in Figure 4.1.11-4. The
failure rates of D2-82724-3 (referenced) were used.
Safety--The pyrotechnic system receives power through two switches
which are mechanically held open until allowed to actuate by spacecraft-
booster separation. The pyrotechnic drivers cannot cause EED's to fire.
Storage capacitors connected to the drive circuits act as filters to
stray RF signals and to inadvertant contact shorting during installation
or trouble shooting. Capacitors require 15 seconds to store a minimum
firing charge. In addition, a safe/arm device on the solid propellant
motor which is not armed, until commanded from the block house just
prior to launch, protects personnel during launch operations. AFETRP
80-2, General Range Safety Plan, Volume I and Appendix A, requirements
will be met.
4.1.11-12
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4.1.11.9 Development Status
The subsystem is similar to Mariner.
pared for the pyrotechnic subsystem.
No development effort is antici-
4.1.11.10 Trade Study Summary
These two trade studies have been conducted:
Pyrotechnic Subsystem Redundancy--Seven different methods of imple-
menting redundancy were studied, as shown in Fig. 4.1.Ii-5. Two methods
were chosen, one for critical functions (where time and order of occur-
rence are critical), and one for noncritical functions (where time and
order of occurrence are not critical).
Pyrotechnic Driver Circuit Design--Five different circuits were studied,
as shown in Fig. 4.1.i1-6. Two circuits were chosen, one for critical,
and one for noncritical functions.
Further design definition, and a review of capacitor banks and EED
driver circuits will be made in Phase IB under JPL guidance.
4.1.11-19
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Temperature Control Subsystem
4.1.12.1 Summary
The preferred temperature control subsystem is shown in Figure 4.1.12-1.
It consists of bimetal actuated louvers9 multilayer thermal shields 9
and surface finishes and coatings. Spacecraft mass is used as a heat
sink during transients. The Voyager temperature control concepts and
components are based on Mariner C design and experience. In particular9
mission and postflight evaluations have tempered designs in the areas of
louver control and coatings. Table 4.1.12-1 is a summary comparison of
Voyager and Mariner temperature control components.
The bus temperature control subsystem reliability exceeds 0.999. Func-
tional redundancy is supplied by separately actuated louver blades. The
subsystem maintains all bus components within operating temperature limits
dictated by equipment reliability and equipment performance. Total
weight attributed to the subsystem is 80 pounds. Design can readily
accommodate varied missions and payloads with minimum redesign.
During prelaunch_ equipment heat is convectively dissipated by cool
gas forced across the radiator plates from a spray tube. At liftoff_
when convection cooling ceases9 the spacecraft mass is used to absorb
the heat generated by equipment dissipation9 aerodynamic heating_ and
infrared heating resulting from solar impingement on the nose fairing.
Low thermal mass equipment is maintained within allowable temperature
limits by thermal coupling to high mass adjacent equipment. In addi-
tion, thermal mass is used to absorb transient inputs due to the Sun
striking the radiator plates during maneuvers and due to major power
4.1.12-i
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Figure 4. I. 12-I: Temperature Control
4.1.12-2
TABLE 4.1.12-1: TEMPERATURE CONTI
Description
Component Mariner Voyager
Louver-Radiator Assembly Assys 15 x 15 inches Assys 18 x 32 in¢
Assys 0 to 15 inches Assys 15 to 47 ir
from solar panels, from solar panel_
actuators stopped tuators stopped c
at 90 degrees travel degrees travel
Thermal Mass (Inertia) Internal eqpmt thermal Internal equip.
mass approximately thermal mass
8oBTU/°P. 240BTU/°F
Thermal Ties (Radiator Plate) Part of structure Non-structure.
as meteoroid shi_
Radiator Plate & lhermal Ties (TWTA)
Thermal White Coating ; Radiators & Thermal Ties
!0 watt TWTA -
normal heat dissipation
density.
Normal radiator 0.05-
inch thick
PV-IO0 (inorganic)
50 watt TWTA - h_
density heat loa(
0.25 inch thick
radiator and 0.i_
B-I056 (organic)
(S-13)
Catalac Black
Black Coating (Internal Equipment & Structure) Laminar X-500 (Black)
Thermal Shield (Side Panels & Thermal Ties) Crinkled aluminized mylar Aluminized mylar
Thermal Shield (Capsule Interface) None Aluminized mylar
Insulation (Bus--Propulsion Module Isolation) None Aluminized mylar
None Catalac Black
Movable Joint Fixed joint
None Propulsion isola
None Struts for fixed I
None Fixed joint
Black coating (Side Panel &
Capsule Interface Meteoroid Shield)
Isolation Joint (Booster & Solar Panel
Attachment)
Isolation Joint (Propulsion Module Attachment)
Isolation Joint (Solar Panel Struts)
Isolation Joint (Capsule Attach.)
Ground Cooling Duct Open duct
Thermal Shield (Guidance Scan Platform) None
Thermal Shield (Gifnbal Actuator) Only gimbal housed within S/C
Antenna Green
Boom specular
Laminar X-500 (Black)
Coatings (Booms & Antennas)
Surface finish (High-Gain Antenna Convex Side)
Spray bar
Aluminized mylar
Gimbals external
Antennas Catalac
Boom Catalae Bla
Diffuse high re_
aluminum.
BOEING-- SPACE DIVISION
D2-82709-6
IOL SUBSYSTEM COMPONENT COMPARISON
Reason for Difference Implication to Voyager Program
Larger dissipating area required for Development of new louver assy. Less sensitive
each Voyager subsystem. More room to solar panel environment. Maximizes heat
available on Voyager to move equipment dissipating performance.
away from solar panel influence.
Increase performance on Voyager.
Voyager is heavier. Capable of withstanding large transients
without violation of temperature limits.
Mariner structure was not required Increased weight
to carry heavy capsule and propulsion
loads. Size and maintainability
requirements dictated outside mounting on Voyager
h Concentrated heat load required Increased weight. Nonstandard package
thicker plate to reduce local
temperature gradients.
ties.
Performance about the same. PV-100 is Less repair work required.
brittle. B-I056 is flexible.
Catalac Black outgasses less. Reduce vacuum chamber time.
/dacron scrim Aluminized mylar with scrim is more predictable. Possible weight increase
/dacron scrim No capsule required for Mariner. Increased heat leak.
/dacron scrim Voyager propulsion module isolated
because of different operation
range (75-ii0°F.) from bus (50-800F).
Meteoroid protection not required on Mariner.
Simplifies design, analysis and test of
temperature control subsystem.
Increased weight
Mariner required deployable solar Less heat leak. Simpler joint design.
panels next to body. Voyager is fixed.
See Above
anels No struts required for Mariner Increased heat leak
No capsule required for Mariner Increased heat leak
Higher heat loads and equip, access Increased weight since spray bar must be
require increased convective cooling, carried with Voyager.
/dacron scrim Guidance scan platform not required on Mariner. None.
o S/C High-gain antenna and Guidance Scan Additional design, testing and weight.
Platform are located so that
external gimbals must be used.
Alignment of fixed antenna on Mariner
involved temp. requirement at Mars.
Mariner boom was specular to reduce
heat loss from multiple equipment
mounted on it. Voyager has single-purpose
booms.
Not necessary to use high performance surface
finishes. Improved mission success.
Temperature requirements not critical.
ctance High heat input due to firing solid High performance finish required. Increase
motor during orbit insertion fabrication complexity.
4.1.12-3 & 4.1.12-4
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changes such as battery operation. Internal equipment temperatures during
cruise and Mars orbit are controlled by rejecting heat to space through
the louvers. Thermal ties between radiator plates are installed to
improve distribution of the internal heat load through increased conduc-
tive coupling. A functional diagram of the internal equipment portion
of the subsystem is shown on Figure 4.1.12-2.
Maximum allowable temperatures during near-Earth cruise dictate design
of heat-generating external equipment. Control is maintained by thermal
shields9 and by a fixed heat path to space. Non heat-generating remote
equipment is controlled with stable surface finishes and coatings.
Choice of coating is made primarily on temperature predictability.
Except during transients, internal equipment radiator plate temperature
is controlled between 500 and 80°F. This range is also the envelope of
the 95 percentile predicted flight temperatures. Standard package
assembly size is dictated by four electronic modules which dissipate more
than 80 watts each during near-Earth cruise conditions. Temperature
control of the internal equipment is accomplished with 13 louver assem-
blies of 4 square feet designed to dissipate 92 watts each. The 52
square feet of louvers are capable of controlling 175 to 1200 watts_ and
are required to dissipate a minimum of 299 watts during a solar occulta-
tion, and a maximum of 746 watts during near-Earth cruise. Maximum
performance is obtained from the louvers by constraining their operation
between closed and 45 degrees.
4.1.12-5
BOEING--SPACE DIVISION
D2-82709-6
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Hnclosing the lower planetary vehicle in the nose fairing for as long
as 120 minutes during launch establishes the requirement for thermal
mass and coupling. The selected design provides 60 pounds of equiva-
lent thermal mass to maintain a worst-case electronic equipment
temperature of 108°F during this worst transient condition.
Changing the direction of thrust of the orbit insertion motor relative
to the spacecraft from Task A increases heating rates on appendages.
Resulting maximum solar panel temperature of 260°F is 40°F below the
allowable temperature. The high-gain antenna, because of its high reflec-
tance convex side, reaches an acceptable 144°F during motor firing.
A description of the propulsion module temperature control is contained
in Section 4.3.5. Other temperature control discussions are contained
in Section 4.1.13, Packaging and Cabling, and Volume C, Propulsion
Trade Studies.
4.1.12.2 Applicable Documents
I) D2-82709-I, Voyager Spacecraft System Final Technical Report --
The Boeing Company9 July 1965.
2) ASME Paper _ '_'^/'_ An "D_t Numerical Simulation of Thermal
Radiation in Vacuum," R. C. Corlett, The Boeing Company.
3 JPL Technical Report 32-687, "Analysis of Solar Panel Hffect on
Louver Performance," Raymond A. Becker.
4) D2-82724-I, "Voyager Reliability" (Submitted with Task A, July 1965).
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4.1.12.3 Design Constraints and Requirements
In addition to constraints and requirements given in Section 2.0_ the
following apply:
i) Variation of the solar intensity (127-47 watts/{t2).
2) Nose {airing heating during ascent and Earth orbit park, (65-40
watts/{t2).
3) Solar occultation up to 3.7 hours.
4) Planetary vehicle maneuvering with respect to the solar vector
(50 minutes_ see Section 4.1.2).
5) Equipment power profile (see Section 4.1.1).
6) Design Conditions--Table 4.1.12-2 presents a list of all tempera-
ture control components and conditions which dictate their design.
7) Temperature Limits--Normal equipment operating limits will be
based on results of existing reliability test data and will be
selected in the region of low equipment-failure rates. Figure
4.1.12-3a indicates minimum failure rates at about 65°F. The
radiator temperature control range will be 50°F %o 80°F (30°F is a
reasonable control range for bimetal actuated louvers). As pre-
sented in Figure 4.1.12-3b_ the type approval test range will be
-4°F to 152°F at the radiator. The flight acceptance test range
for electronic equipment will be 14°F to l16°F at the radiator.
Electronic equipment design limits will be -27°F to 175°F.
Environmental Control on Launch Pad--After encapsulation in the
nose fairing9 gas will be ducted into nose fairing cavity for
providing positive pressure_ temperature_ and humidity condition-
ing. During prelaunch operations_ gas at bulk temperature between
8)
4.1.12-8
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45 ° and 65°F will be provided by the launch vehicle system. Just
prior to liftoff, bus equipment will be precooled to 45 + 5°F. Bus
cooling requirements on the pad will not require use of cooling
gases at differing temperatures ducted preferentially to specific
subsystems.
Ascent Venting--The temperature control subsystem will withstand
an instantaneous pressure decrease of 0.0277 inches H20 during nose
fairing separation (Controlled nose fairing venting during ascent
will be provided by the launch vehicle). All bus insulation panels
and thermal radiation shields will be adequately vented to prevent
damage during ascent.
4.1.12.4 Preferred Design and Functional Description
The functional description of the temperature control subsystem for
the bus covers (i) internal equipment and (2) external equipment. The
section on internal equipment describes the major temperature control
components. The external equipment section includes a description of
the control method for the major pieces of remote equipment.
I) Internal Equipment--As indicated on Figure 4.1.12-2, the dominant
temperature control factor is the rejection to space of the heat
generated by internal equipment. The diagram shows that steady-
state control is achieved by high-emittance radiators rejecting
heat through space-facing louvers. Influences of external envi-
ronments are isolated by thermal shields and insulation. Power
dissipation gradients between assemblies are reduced by conductive
and radiative coupling. Equipment mass and coupled structure
minimize thermal effects of transients encountered during launch,
maneuvers, solar occultations, and power variations.
4.1.12-11
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Louver-Radiator Assembly--The electronic and electrical sub-
systems are located in 13 bays around the periphery of the
bus, and are packaged in nearly identical assemblies. The
assemblies are thermally coupled to each other through the
bus structure and by thermal ties between adjacent radiators.
Identical louver assemblies 18 by 32 inches (4 square feet)
are located over the radiator plates of thirteen of the
assemblies.
Radiator plates and Thermal ties are 7075 aluminum and, except
for special cases, are 0.05 inches thick (see Section A-A
Figure 4.1.12-1). The design provides temperature leveling
across a particular assembly and a good path for coupling
to a neighboring assembly.
The concentrated heat load of the radio power amplifier
(T.W.T.A.) requires use of a heavier (0.25 inches thick)
radiator plate. The tube assembly is mounted directly to
the radiator.
The louver assemblies are attached to structural rings above
and below the electronic assemblies. The entire louver
assembly frame has a low-emittance finish. Each louver
blade is supported by its bimetal actuator and stabilized
by bearings at both ends and at the center. Each is polished
inside and outside (_IR = .07, _s/_iR = 5) and is individually
actuated thermally by a bimetal spring. These bimetal
actuators are isolated from all thermal inputs, except the
4.1.12-12
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radiator, by ten layers of aluminized mylar.
located at the louver blade center bearing.
capable of being adjusted during testing.
They are
The actuator is
b)
The louvers provide control of radiator temperature within
the range of 50-80°F. Control is achieved by varying the
effective emittance to space. The blade-opening angle is
limited to 45 ° by mechanical stops. Limiting the blade open-
ing angle provides a significant reduction in infrared heat-
ing from the solar panels, and provides a stable control
system over the operating temperature range.
Thermal Shield and Insulation--Fifteen layers of 0.5 mil
aluminized mylar insulation (aluminized on both sides),
separated by dacron scrim cloth, is installed between the
meteoroid shield and the primary structural shell. The
infrared reflectance of the aluminized mylar is about 0.95
on both sides.
The capsule-to-spacecraft thermal shield is comprised of 20
layers of aiumi[lized mylar insulation, and is installed
inboard of the meteoroid shield.
The bus-to-propulsion module thermal barrier (shell liner)
has a dual purpose. It isolates the bus from the propulsion
module, and provides a highly reflective surface to assist in
radiatively coupling the propulsion module components. This
thermal barrier is comprised of two layers of the aluminized
mylar insulation described above.
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Coatings and Finishes--The space-facing surface of the radi-
ator plate is coated with thermally-white zinc oxide-methyl
silicone coating (Boeing B-I056) 9 having a nominal solar
absorptance of 0.19 and an infrared emittance of 0.89. This
coating provides good heat dissipation capability during
normal operation, and minimizes the solar heat input to the
radiators when the spacecraft is maneuvered in such a way
that the Sun impinges on the radiators.
All inner and outer surfaces of the equipment packages, and
the bus internal structure, are coated with Catalac Black
(nominal infrared emittance of O.g). This high-emittance
coating provides maximum internal radiative coupling between
all bus internal thermal masses.
d) Structure--The primary bus structure is virtually isolated
from the bus secondary structure (such as solar panel supports),
and also from the propulsion module and the external environ-
ment. With this isolation, the primary structure wh_h is
closely coupled to the electronics provides a secondary thermal
mass for temperature damping during transients. The bus
structure and equipment_ coupled thermally_ weigh approximately
1300 pounds and have a combined thermal capacitance of about
84 watt-hourspF.
Hxternal Equipment--The general method for maintaining the
required temperature of heat-generating equipment mounted remotely
to the main bus structure is to establish minimum thermal coupling
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to all neighboring structures and to the external environment.
Exposed components are provided with individual solar shields
coated with Catalac Black. Heaters are used where excessively
low temperatures could occur, due to duty cycle or spacecraft
maneuvering. Nonactive external equipment is controlled by use
of surface finishes and coatings.
a) Gimbals for High-Gain Antenna and Scan Platform--Gimbal
assemblies are insulated, and contain 3-watt heaters.
Thermal capacitance of the assembly is used to absorb inter-
mittent power output of the motors.
b) Guidance Scan Platform--The guidance scan platform is insu-
lated, and heaters are switched in opposition to the equip-
ment. Ground command of heaters is also provided to save
power and to provide redundancy.
c) High-Gain and Medium-Gain Antennas--The high-gain and medium-
gain antennas are coated on their concave sides with Catalac
Black. The convex side of the medium-gain antenna is also
coated with Catalac Black. Diffuse black surfaces are used
wherever possible on the exterior of the spacecraft because
of their highly predictable thermal characteristics.
The convex side of the high-gain antenna has a diffuse
reflecting aluminum surface. This aluminum surface provides
the minimum thermal impact on the high-gain antenna during
the 80-second heat pulse from the orbit insertion motor
exhaust plume.
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Booms, Solar Panels, and Exterior Surface--All exterior
surfaces of the bus, including booms, are coated with Catalac
Black except radiator plates and solar panels. The back of
the solar panels is coated with Laminar X-500 satin black
(same as Mariner panels).
4.1.12.5 Performance Characteristics
Performance characteristics of the bus temperature control subsystem
are presented below. The relationship of individual component perform-
ance to overall subsystem performance is explained.
i) Louvers and Radiator Plates--Louver assemblies are designed to
operate from full-close to open, for a radiator temperature range
of 50-80°F. For an unobstructed view to space, this corresponds
to a heat dissipation range of 3.5 to 32 watts/ft 2 (effective
emissivity of 0.i0 to 0.76). However, view to space is partly
obstructed, due to configuration constraints, and the louver per-
formance is degraded. Degradation is a function of the radiation
blocking and of the irradiation from the blocking surfaces.
Figure 4.1.12-4 presents the heat dissipation capability of a
partially blocked and irradiated louver/radiator combination, at
Earth and at Mars. The data are shown as a function of louver
blade location with respect to the solar panels. To obtain
maximum heat dissipation, louvers are prevented from operating
beyond 45° .
The maximum worst-case solar absorptance (a s) of the louver
assembly (during a maneuver) as a function of blade angle, is
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shown by Figure 4.1.12-5. At a 45 ° blade angle,_ s = .36,
Figure 4.1.12-6 shows that temperatures during a 50-minute Off-sun
maneuver produce at least a 17°F margin below FAT upper limits.
These data show that limiting the blade opening angle to 45 ° does
no% produce high temperatures when maneuvers cause the Sun to
impinge directly on the louver assemblies.
The selected design provides a 50 ° to 80°F radiator temperature
control range for a louver opening angle of 0° to 450 . Resulting
performance characteristic of the assembly is presented by Figure
4.1.12-7. Choosing a conservative i0_ louver blade failure (closed
position), reduces ±he design dissipation to 23 watts/ft 2. The
analysis performed to establish this performance is based on Raymond
Becket's Technical Report, Reference 3(4.1.12.2). The implementation
of this analysis used the programs and methods presented in an
ASMH paper by Dr. R. C. Corlett_ Reference 2(4.1.12.2).
For protection from the external environment, all radiators and
thermal ties are covered by louvers or with thermal insulation. If
exposed, their heat-dissipating capability changes by approximately
six times between Earth and Mars. This variation is due to changes
in solar panel temperature. If allowed to exist, this change would
put a severe constraint on bus thermal balance.
Thermal Shields and Insulation--The selected aluminized mylar
multi-layer insulation has been tested as applied (on Lunar
Orbiter, and in samples. These tests, combined with theoretical
interpolation, have established the performance characteristics
for this insulation shown by Figure 4.1.12-8.
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Thermal Coatings and Finishes--Table 4.1.12-3 presents the
characteristics of selected coatings and finishes. As indicated,
tolerances are used for providing adequate performance margin.
Table 4.1.12-3: CHARACTERISTICS--THERMAL COATINGS AND FINISHES
Coating or Finish
Polished Aluminum
(6061 light sand blast)
(Ii00 series)
Vacuum Deposited Aluminum
Zinc Oxide-Metyl Silicone
(B-I056) lO-mil
Catalac Black
Absorptivity
0.19 + .06
0.13 + .03
0.13 +.O3
-.02
0.20 + .03
0.90 + .05
m
Emissivity
0.05 + .02
0._5 +.03
-.02
0.89 + .02
0.90 + .03
Thermal performance for Bus Internal Equipment--An overall thermal
balance of the bus internal equipment indicates a gross louver
area requirement of 32 square feet. Because of local requirements
for each assembly, particularly for the varying heat dissipation
assemblies, the louver area must be greater than that indicated by
a gross heat balance. However_ increasing the louver area substan-
tially above that required for a gross balance tends to decrease
the temperature control subsystem performance margin. Increased
louver area causes an increased heat leak, and decreases control
capability of the louvers. Because of electronic assembly thermal
constraints, and the desire to provide only one louver size, 52
square feet of louvers (13 identical assemblies) are used. Where
necessary, this effective louver area is readily reduced by blocking
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louvers (closed) or by insulating a radiator plate. Increased
heat rejection capability is obtained by adding additional louver
assemblies to the bus. Figure 4.1.12-9 is a schematic of the
equipment arrangement, showing the relative location of the louvers.
It is apparent from this diagram that the computing and sequencing,
guidance and control, radio, and power subsystems establish the
standard louver radiator size.
Table 4.1.12-4:
Assembly
INTERNAL EQUIPMENT ASSEMBLY TEMPERATURES oF
Guidance & Control
Radio
Radio (TWTA)
Telemetry
Power (With Battery)
Power
Power (With Battery)
Power (With Battery)
Empty
Empty
Science
Science
Empty
Data Storage
Pyro. & CC&S
Command & Data Storage
Total Equipment
Dissipation (watts)
Heat Leak from
Surroundings (watts
input)
Near
Earth
70.5
63.0
75.5
59.0
63.0
65.0
62.0
63.0
57.0
57.0
63.0
72.0
67.5
559
69
Mars
Encounter
56.0
51.0
62.0
49.5
50.0
51.0
50.5
50.0
50.5
51.0
54.5
60.5
58.0
588
-91
Sunlit
Orbit
62
59.5
75.5
69.5
71.5
Solar
Occultation
53
55
67
53.5
65.5
67.5 56
64.5 62
61.0 66
55.0 49
57.0 52
59.5
63.5
63.5
688 786
-134 -281
49
58.5
6O
Table 4.1.12-4 presents average temperatures of the assemblies
for several mission phases. Table 4.1.12-5 presents the inter-
face heat leak rates for the bus internal equipment.
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Table 4.1.12-5;
Heat Transfer
Mechanism
Booster, Solar Panel
& Propulsion Module
Attachment Fixture
(8)(Conduction)
Solar Panel Struts
(16) (Conduction)
Solar Panel Array
(Radiation)
Propulsion Module
(Radiation)
Insulated Surfaces
Above & Below Bays
(Radiation)
Canopus & Sun Sensors
(Radiation)
Lander Interface
(Conduction)
Science Instruments*
i0_ Louver Failure
Net Heat Leak
Equipment Heat Dissi-
pation
Required Louver Heat
Dissipation
INTERNAL EQUIPMENT THERMAL BALANCE
Heat Leak (Watts Input)
Near Encounter Mission Solar
Earth w/Capsule End Occultation
35 -6 -13 -76
-5 -53 -62 -117
50 -18 -26 -49
7 3 2 2
-i0 -12 -13 -15
2 -2 -3 -7
-4 -3 -19 -19
98 (closed) ..... 98 (opened)
@ 80°F @ 50OF
167 -91 -134 -379
579(max) 588 688 678 (min)
746(max) 497 554 299 (min)
Design Louver Dissipation Capability 175 to 1,200 watts
*Configuration data to be supplied by JPL.
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The louvers can readily compensate for the maximum heat condition
(near Earth) since their capability exceeds the requirement by
454 watts. For the minimum (cold) condition, at mission end and
during solar occultation, the louvers have a margin of 379 and 124
watts to maintain the radiators above the 50°F minimum allowable
temperature.
Thermal capacitance of the coupled assemblies and the primary bus
structure absorbs the heating during ascent, Earth orbit park, and
off-Sun maneuvers. Figure 4.1.12-10 presents the ascent temperature
profiles of the most sensitive assemblies. Corresponding temperature
profiles during maneuvers were presented earlier in Figure 4.1.12-6.
The design offered herein does not constrain required spacecraft
maneuvers.
Thermal performance offered in this section is the result of analyses
perfcrmed on the IBM 7094. The nodal network shown on Figure 4.1.12-6
was used as the basis for the_e analyses. The model includes con-
duction, radiation, thermal capacitance, variable inputs (solar),
and variable radiator emittance control. View factors were
obtained from standard Boeing IBM programs.
The planetary heat input to the electronics assemblies is as much
as 16 watts per square foot at the nearest approach to Mars. This
heat is localized to the modules facing Mars and is absorbed by
the thermal capacitance of the system. Maximum equipment tempera-
ture change is less than 3°F.
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External Bus Equipment
a) Guidance Scan Platform--The GSP is isolated from the natural
and induced thermal environments by use of aluminized mylar
insulation and low-heat leak supports. A 3-watt heater
maintains a minimum temperature of 0°F, until planet approach.
When the planet approach sensor is activated, platform tempera-
ture is approximately 10°F.
b) Drive Units for GSP and High-Gain Antenna--Each drive unit
is supplied with a 3-watt heater. Heaters are turned on at
the beginning of interplanetary cruise, and remain on for the
entire mission. The temperature is maintained between -20
and 120°F throughout all mission phases.
c) High-Gain and Medium-Gain Antennas--The medium-gain antenna
average temperature is 102°F at Earth and 12°F at Mars
encounter. The temperature drops to -360°F during solar
occultation. The average high-gain antenna temperature is
243°F at Earth and 90°F at Mars. Temperature during solar
occultation drops to -340°F. Maximum temperatures attained
by the medium-gain and high-gain antennas, due to plume heating,
are 350°F and 1440F, respectively.
d) Solar Panels--The steady-state temperature profiles for the
solar panels are presented in Section 4.1.1 (Power Subsystem).
The average panel temperature is 140°F at Earth and 40°F at
Mars, with a maximum temperature gradient of 40°F from root
to tip. The solar panels can tolerate temperatures up to
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302°F, and transients of 4°F per second. Figure 4.1.12-ii
shows maximum temperature attained radially along the solar
panel during orbit insertion motor operation. Figure
4.1.12-12 presents the temperature history of the hottest
point on the solar panels. The plume-heating analysis
method used for the above predictions was developed by
B. K. Gulrajani of Boeing, in conjunction with STL. The
method was developed by correlation of Minuteman sol{J motoz
test firing data.
6) Engineering Measurement--Engineering measurements provided for
monitoring temperature control performance are presente£ _{ V o_:_e
A, Part I, Section 3.7.
4.1.12.6 Physical Characteristics
All multilayer insulation barrier assemblies are kept to a size no
greater than approximately 4-feet-by-4-feet to facilitate fabrication,
handling, assembly and removal.
Table 4.1.12-6 presents the weight attributed to the temperature con-
trol subsystem.
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Table 4.1.12-6: BUS TEMPERATURE CONTROL SUBSYSTEM WEIGHTS - LBS
Elec. Assy. Thermal Ties
Bus Shell Insulation
Capsule-Bus Insulation
Louvers - Elec.
Louvers - Bus Shell
Bus Shell Reflective Liner
White Rad. Coating-Elec.
White Rad. Coating-Shell
Black Coating-Electr.
Black Coating-Shell
Backup Heaters Controls
Coating-External Mounted Equipment
Electr. Insul.
Bus Shell Radiators
(23ft21 17.4
(157 ft _) (22.0) _>
( 79 ft2) (14.4) >
( 52 ft21 39.0
( 9.5 ftL) (6.1) >
( 170 ft 2) (5.1) >
( 75 ft 2) 6.85
( 8.0 ft2) (1.05) >
( io5ft_) 3.oo
( 292ft_ (8.37) _>
2.46
2.00
( 67 ft 2) 9.40
(3.90) >
Total Weight (less items in brackets) 80.1
Charged against Propulsion Temperature Control Subsystem
4.1.12.7 Interface Definition
Physical interfaces are defined by Table 4.1.12-7.
4.1.12.8 Reliability and Safety Analysis
The louvers (defined in Section 4.1.12.3) comprise a pote;,tial failure
source in the temperature control subsystem. In addition, system per-
formance can degrade as a result of insulation and coating degradation.
The reliability analysis is based on: i) 18-blade louver assemblies in
which no more than one blade in every five (and at least five blades
apart) could fail in either direction; 2)
coatings without complete failure, and 3)
bility obtained by using backup heaters.
analysis are presellted in Table 4.1.12-8.
margins over reliability goal of 0.998.
degradation of insulation and
neglecting increaseJ relia-
Re ults of the reliability
These Jata show substantial
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D2-82709-6
TEMPERATURE CONTROL SUBSYSTEM RELIABILITY
Louver blade reliability - single
Louver assembly reliability (18 blades)
13 louver assemblies
Insulation and Coating Reliability
|
Total Reliability of Bus Temperature
Control Subsystem
.999023
.99994
.999220
.99988
.999208
4.1.12.9 Development Status
The Voyager temperature control subsystem is similar in concept_ and
uses components and materials similar to those used on the Mariner
Program. Figure 4.1.12-1 shows a schematic diagram of the system
and depicts proposed components and materials.
Table 4.1.12-9 summarizes the development status and development
tests required of the components and materials for the temperature
control subsystem. In addition_ the following Voyager development
test will be conducted during Phase IB.
Packaging Chassis Test--One thermally simulated electronics assembly
complete with representative structural attacb.ment_ will be tested to
determine thermal performance in vacuum with solar simulation. Heat
load will be varied to cover expected range of loads.
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Table 4.1.12-9: TEMPERATURE CONTROL SUBSYSTEM DEVELOPMENT STATUS
Component or
Material
Louvers
Heaters
Catalac Black
Coating
B-I056 Coating
Multilayer
Insulation
Thermocouples
Textolite
Teflon
Aluminum Foil
Titanium Foil
6061 A1 (Light
Sandblast)
Fiberglass Scrim
Development
Status
Operational
Type
Operational
Type
Operational
Design Veri-
fication Test
Operational
Type
Operational
Design Veri-
fication Test
Operational
Design Veri-
fication Tes±
Operational
Program
Mariner,
Nimbus,
Pegasus, 030
Relay, OGO
Ranger,
Mariner 2
Lunar Orbiter
Mariner
Mariner,
et.al.
Lunar Orbiter
Mariner
Mariner,
et.al.
Agena
Additional Development
Test Required
Verify (Phase II)
Verify on Thermal
Model (Phase II)
Verify conductance
(Phase II)
Verify properties &
control of contam.
Verify on Propulsion
Test
Verify on Propulsion
Test
Verify Properties
& Stability
Verify on Propulsion
Test
4.1.12.10 Trade Study Summary
Major trade studies performed and selected alternatives are shown in
Figures 4.1.12-13, 4.1.12-14 and 4.1.12-15.
4.1.12-34
BOEING-- SPACE DIVISION
D2-82709-6
Z
0
t.-
£;
w
3
-vf,
=I
0 ¸
Z _
=E O,
o=
i-
,,5
u
>-
4_kc_
8.
m_
_ _._ _ ._._
_._ _,_ _._
_ _ =
_& ._'_
_ _ _o_
o
mE omD
•_ _>
_ o
_ _ 8_
® _,_ _- _d
o >
_o,_O_ -_
_ _® _
_E _ _®oo_ _x o
0a
g
5
,¢
Z
0
t_
D
Z
m
o
_ _ o o_ _
_ g
o _
oo
_o, _'_S 8"_'_
c
o z_,_5
'_
c
"_ _ ._ _ -_
i-
o_
!
,-.4
4. i. 12-35
BOEING--SPACE DIVISION
D2 -82709 -6
H
<
F
b o
tu
B
8
p
D
z
m
fi
< ,a.
_o_
._ g_ o_
o_ i o
o_ _
_a
o_
o _ -_
o_ _ o_ _
b_o >.+o
._._._ oo _o_, _-
g >._ ,*,_=:
c c om a_
h
_o _ o,
_._ _ _- _'o_
_2_ _ _ _ o
e, ._Fo_ _ '_._o_ ._.so_o
_._ _ .,>_ o-t, _
_ go_O ._
u o >
X2o_ ....
mg o_ =
o_'
_m
_o_
o:._ ._
o fi_
to E '_
_ _'_
g
_ ._
__ _ _
c m <
o g._.7 o _ o _ o.<
o_, _:g _ .,_._ g_-to m a. _ ._ m =, "q ¢,
-oo_ g .7 ., i" ,
4_m
o ._ >,._
m m = +,
6g .... o
om _m czo_¢m¢
_._ .'_ ___ _ _ >
_o__ __:._
_-_,_ 4_
•_ o=o_ _
o_ _ _ _ o
o _ oa ce
_ Ecn>
Qi
i
o_
4.1.12-36
BOEING-- SPACE DIVISION
D2-82709-6
_o_
o.o
_o
_o_
Z
0
F,
c:
o'-
._ +,o>
o_
>®r-
•_ _._
o_,
o 5 _ o_t
o_ _
o_ _,, _ o _,_ _ _ _oo
0
W--
z _ _ _
_ _ "_ _ _o
9z
<0
_ o_ i_ _-
_. Z o_.= ,_o
:g_ _x
_1_ _ _
o _ ._
__z
0 a =_ _ _ _.._ o
I 0 z g
v-o _ y
_- _ _o_._o ®o_= •
_ _._ _ _o%_
o_ _7o
o._ _ _ _
c
o
o_ & o.
_.._ _ _ -_
_o o o_ _ _ _
+,
._ ®
i_ _ _1_ _ _ _ _ _1 _ _ _o
_ _ _
T__ o "_ "_
.... _
_]_ i
._) _ % .. o
_ _ oo _.-
®
o i
-_ _ _
o
z -_o
o _ _o_
_0
_ _'_,_ -_ _.o =_ ,_o® g_.o
lo
I
1,
4. i.12-37
iJ
CONTENTS
\
4.1_':]_ Cabling and Packaging
/_4.1.13.1 Summary
_1.1.13.2 Applicable Document
_1.13.3 Design Constraints and Requirements
4_13.4 Preferred Design and Functional
4._3.5 Physical Characteristics 4.1.13-13
4.' 13-15
BOEING-- SPACE DIVISION
D2-82709-6
4.1.13 Cabling and Packaqinq
4.1.13.1 Summary
Because cabling and packaging are physically and logically interrelated,
they are discussed together in this section. Continued study and
evaluation of Voyager electronic packaging concepts since completion of
the Task A report has resulted_in these improvements:
i) Thermal integration of electronic equipment with the spacecraft
2) Development of standards for electronic assemblies and plug-in
subassemblies for uniform application by designers of Voyager
hardware.
Electronic p_cka_ing is defined as the disciplined process of combining
J
experience and technologies to translate electronic circuits or designs
into integrated assemblies meeting established functional, physical and
environmental requirements.
The packaging-cabling concept developed for Voyager spacecraft subsystems
is depicted in Figure 4.1.13-1. Electronic assemblies with inside dimensions
of 16 x 32 inches are fastened to the spacecraft structure between the upper
and lower intermediate circumferential structural frames. The frame area
is divided into 16 assembly mounting bays, separated by connector access
areas. Thirteen of the 16 bays have been assigned for spacecraft and
science electronic subsystems, and one to the ultraviolet spectrometer,
leaving two bays for system expansion. Interconnecting cables are routed
,\
in the circumferential frames above and below the electronic assemblies
(Figure 4.1.0-1).
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Each assembly includes a standard chassis, standardized plug-in sub-
assemblies, fixed chassis wiring with "floating" connectors, and a radiator
plate. Thermal coupling is provided by radiator plates, thermal ties
between assemblies, and the spacecraft structure. These packaging and
thermal integration concepts are similar to the concepts used in Mariner C.
As packaging is an integral part of each subsystem, it is not given a
reliability allocation.
h
The cabling subsystem is of conventional space proven design and has a
current reliability assessment of 0.996. The spacecraft bus cabling
weighs 184 pounds.
4.1.13.2 Applicable Documents
Boeing - Preliminary Reliability Plan, B2VSS10004-7 (Materials and
Processes Section 7.22)
RF Interference Control for Spacecraft and Ground Control Equipment
30236 ETS-A
AFETRP 80-29 "General Range Safety Plan"
4.1.13.3 Design Constraints and Requirements
Primary packaging and cabling requirements are to:
i) Standardize the integrated packaging design, parts, materials, proces-
ses, and fabrication techniques to obtain maximum flexibility and
interchangeability.
2) Accommodate changes in scientific and mission requirements resulting
from new, more definitive technical knowledge gained during the
pre-1971 time period.
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3) Minimize component-part temperature variations resulting from normal
and solar loads, transients and unplanned events, through all mission
phases.
4) Provide assembly fault isolation capability (to assembly level), by
using separate test connectors for spacecraft, or by bench testing.
System connectors will not be removed or disturbed for fault isolation
tests.
5) Provide dependable electrical interconnections between spacecraft and
capsule through adapter to launch vehicle and between assemblies, with
special consideration for problems at each level.
6) Prevent entrapped gas_ avoid mechanical conditions conducive to arcing_
suppress corona in the critical pressure region.
7) Provide conductive mounting, electrical bonding, and grounding networks
compatible with system and safety requirements.
8) Provide compatibility with cleanliness requirements set forth in
Volume A, Part I, Section 3.13.
9) Environmental requirements common to all subsystems are covered in
Volume A, Part I, Sections 2.2.4, 3.14 and 3.15.
4.1.13.4 Preferred Design and Functional Description
The preferred design and functional characteristics for spacecraft cabling
and electronics packaging are:
I) Integration--Electronic packaging and cabling are integrated with
spacecraft structure to provide a unit mutually interdependent in
thermal, structural, meteoroid protection, and other areas. Salient
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features of the design are shown in Figures 4.1.13-2 and 4.1.13-3, using
photographs of a full-size mockup. Since the mockup was built, sub-
assemblies have been positioned horizontally, rather than vertically,
to take advantage of inherent structural stiffness (Figure 4.1.13-1).
A comparison of three methods of thermally integrating the electronic
assembly and the spacecraft is shown in Figure 4.1.13-4. The preferred
configuration minimizes assembly and thermalplate temperature gradients.
The electronic assemblies are installed as pre-assembled and tested
units. With thermal tie plates, they provide local stiffening for
the spacecraft structure, and collectively, provide thermal equalization
between assemblies, and between structure and electronics. Guide pins
pre-position the assembly, and provision is made for attaching non-
{lyable fixtures and handles for use while installing and removing.
The electronic assembly interconnecting cables are routed in, and rigidly
secured, to cable trays that are spacecraft structural circumferential
intermediate frames, located above and below electronic assemblies. The
forward frame (cable tray) provides routing for signal wires, and the aft
frame contains electrical power, pyrotechnic, and antenna cables. Maximum
use is made of environmental protection furnished by the existing space-
craft structure. Short cable runs are provided between functionally
related assemblies; grommeted closures are used whenever cables pass
through the spacecraft structure. External cables are provided with
required environmental protection. Access to ground test connectors is
achieved by removing thermal tie plates (Figures 4.1.13-2 and 4.1.13-3).
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Figure 4.1.13-2: Electronic Equipment Bays 
Figure 4.1.13-3: Electronic Assembly 
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Electronic Assemblies--Standardized chassis containing one or more
subsystems (or a functional portion of a larger system) are assembled
and tested before integration with the spacecraft. The standard assembly
chassis has fixed subassembly interconnection wiring (Figure 4.1.13-1)
with grid-located "floating" connector receptacles. Standard sub-
assemblies are plugged into, and rigidly attached, to the chassis,
and the thermal radiator is installed following preliminary functional
tests. Subassemblies are installed without cover plates, unless
required for shielding, pressurization, or for protection of delicate
parts and mechanisms as shown in Figure 4.1.13-5.
The packaging concept recognizes that exceptions to standardized sub-
assembly configurations are required, and these exceptions will be
handled as special cases. Special sensors, and the guidance and
control mechanisms, are typical of the devices that may require
modifying the standard chassis.
3) Electronic Subassemblies--These three basic subassembly packaging
standards are used:
a) The "planar package," with piece parts mounted on a single
plane or surface
b) The modular subassembly containing pre-assembled cordwood
modules, or solid-state integrated circuit assemblies
c) The "bulk package," used for special applications such as mecha-
nisms, batteries, or instrumentation devices, wherein bulk com-
ponents are packaged to meet particular requirements of the device.
Each technique is shown in Figure 4.1.13-1 and is further described below.
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The planar packaging approach accommodates two different (component)
interconnection means. In each case, the light, stiff supporting
web of the subchassis provides a thermally conductive mounting base.
(i) Small discrete parts (resistors, capacitors, etc.) are mounted
on circuit cards bonded to the subchassis web, and connected
to induction-soldered bifurcated standoff terminals on the
circuit card. Semiconductor integrated circuits, transistors,
and diodes in the flatpack configuration, are mounted on the
circuit card, with component leads connected directly to the
conductor pattern.
(2) Interconnections are made with insulated bifurcated standoff
terminals, and point-to-point wiring for units with large
discrete components.
Both types of planar packaging, having evolved from a continuous
refinement of packaging fabrication and process techniques are well
understood, well documented, and will be used wherever practicable.
b) The modular (cordwood) technique is used where a higher packaging
density of piece parts is desired, and where circuits are used
repetitively. Cordwood modules use epoxy fiberglas or mylar
positioners for locating parts, and ribbon wire for interconnections
(Figure 4.1.13-1). Module shape and form factors are consistent
with the spacecraft, varying only by a minimum number of compatible,
standardized increments to meet particular requirements of a sub-
system. After assembly and test, modules are encapsulated, are
regarded as replaceable but non-repairable components, and are
installed in subassemblies as shown in Figure 4.1.13-1. The
4.1.13-11
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module leads extend through clearance holes in the structural sub-
chassis web, and are connected to appropriate terminations on the
etched circuit card bonded on the web. Mounting integrity is
maintained by using closed-end threaded inserts, or by using alter-
nate means to secure each module mechanically to the subchassis so
that electrical connections are not stressed.
The bulk component packaging approach is standardized only in the
sense that the subchassis uses the same general external configura-
tion as other types of subassemblies. Internally, bulk component
packaging is governed by the peculiar physical and functional
requirements of the contents, as exemplified by the packaging
of a tape recorder.
All subassemblies will use the same connector. Current conceptual
layouts are based on the Cannon DDMAF-505 (Royal D) connector, but
other candidate connectors are being evaluated. Quantity used per
subassembly may vary depending on number of pins and spares required.
The subassembly contains and protects the male half of the connector.
Connectors, guide pins, fasteners, and keying devices are grid-
located on the subassemblies. Master tooling is used to assure sub-
assembly interchangeability between subcontractors.
Cabling and Wiring--The cable assemblies are separated according to
function, with power circuitry separated from signal cabling. Pyro-
technic cable assemblies are separated from all other cables, and high-
signal groups are separated from low-signal groups. Standard shield-
ing and twisting techniques are used when required. Pyrotechnic sub-
system cabling is discussed further in Section 4.1.11 and 4.2.2;
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propulsion subsystem cabling in Section 4.3.3, while RFI (EMI)
grounding are covered in more detail in Section 4.1.13.6.
and
Electronic assembly handwired cables are firmly secured to the chassis
by clamping and tying, and connect the chassis plug-in subassembly
connector to the external chassis system or test connectors. All
subassembly connector receptacles are grid-located on the assembly
frame (Figure 4.1.13-3). Alignment guide pins on subassemblies ensure
straight, free engagement of plug contacts, and subassemblies are
keyed to prevent installation errors.
Equipment using coaxial cable requires special consideration. Hand
connection of coaxial cables directly to subassemblies, via access
holes in the assembly frame, may be used.
Power, signal, and control connectors are not disconnected or other-
wise disturbed for test purposes. Connectors are oriented with the
receptacles (sockets) located on the power source, electro-explosive
device, or spacecraft side of an interface. Test connectors are
separated from other connectors, and are capped when not in use. All
^_^_-_ a_mhly _r_ _d_ntified. clocked, andconnectors on an _=_v,,_ ..............
keyed to prevent incorrect connector installation.
4.1.13.5 Physical Characteristics
Physical characteristics of the electronics bays, packages, and intercon-
necting cabling are described in this section. These characteristics are
a product of the preferred design and the equipment requirements that
determine mission success.
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The size, shape, spacecraft location, and quantity of electronic bays
were chosen to accommodate most subsystems as single assemblies, and
to ensure good access, thermal control, and integration with spacecraft
structure. Of a total of 16 bays (each occupying 3.7 cubic feet) 13
have been assigned to spacecraft and science electronic subsystems,
one to the ultraviolet spectrometer, and 2 are available for expansion.
An 8-inch-wide area between assemblies affords easy access for elec-
tronic installation, test, or removal.
The standard electronic assembly is 18.4 inches wide by 32 inches high,
and accommodates 8-inch or 16-inch wide modules 5.5 inches deep and
multiples of one inch in height. Past experience with large QQ-M-56
(AZ-91C) magnesium castings, chemically milled to reduce wall thick-
ness, has been favorable from a cost-and-weight standpoint, and mag-
nesium is the preferred chassis and subchassis material. However,
other methods and materials will be investigated for this application.
The radiator plate for each assembly is composed of 4.1 square feet
of heat-treated aluminum. The design radiation factor is 23 watts
per square foot; therefore, each assembly is capable of radiating 94
watts to space, while maintaining a nominal 80°F radiating face
temperature.
The primary heat flow path is a straight line from the component to
space, as shown in Figure 4.1.13-5. Secondary thermal paths are also
indicated.
The normal temperature rise between a component and the space radiator
is about 20°F. Precision machining techniques will be employed to
minimize the tolerance accumulation between laying surfaces in an
assembly_ to obtain predictable thermal contact.
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The packaging power density on higher-powered subsystems, chosen to
exceed nominal radiation capability by i0 to 25 percent, provides addi-
tional thermal energy to colder packages needing thermal stabilization.
Thermal load is transmitted by radiation and conduction (through space-
craft and coupling plates)9 with temperature differences between bays
nominally held to 15°F or less.
An average (18.4- x 32- x 8-inch) assembly will weigh about 75 pounds.
Heavy assemblies are avoided because of difficulties in handling.
The mechanical interface configurations of all electronics bays and
assembly chassis are identical_ allowing interchange of units for
cabling routing improvements or spacecraft CG adjustments.
The two 8-inch-wide, continuous (structural) cable trays adjoining all
packages minimize cable lengths between associated units, and provide
ample room for cable bundles. Cables are readily separated or isolated
to maintain quality of critical signals. Trays, cables_ and connectors
are accessible from outside the spacecraft.
Estimated total weight of the cabling subsystem is 184 pounds, exclud-
ing the electronic assembly internal wiring and the propulsion subsystem
cabling. Figure 4.1.13-3 depicts the spacecraft cabling-electronic
assembly interface.
4.1.13.6 Concept Application Restraints
The specific design concept selected dictates the constraints and require-
ments to be applied by Boeing and subcontractors to the design of Voyager
electronic hardware. Detail guidelines and directives defining and imple-
menting these concepts and requirements will be prepared for JPL review and
approval.
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This section identifies factors that have been determined by the specific
design. Standard, well-understood techniques are not discussed.
i) Thermal Control--The concept provides relatively constant electronic
component temperature under all predictable mission conditions. Single
failures of any portion of the control system will not degrade electronic
subsystem performance. Achievement of this goal in the presence of
fluctuating heat loads (due to electronic duty cycles, spacecraft
maneuvers, varying Sun load during transit) and periodic occultation
in Mars orbit) requires an integrated thermal control system.
2)
For steady-state temperature control, each electronic assembly has one
surface that radiates to deep space. Temperature of the radiating
surfaces is maintained by thermostatically controlled louver assemblies.
Conductive coupling is provided between subassemblies by the radiator
(or thermal equalizer) plate and the chassis. Conductive coupling
between assemblies is provided by the thermal ties, and through the
spacecraft frame. Judicious location of electronic assemblies on the
spacecraft permits sharing radiator surface areas and thermal masses
by adjacent assemblies. Radiative coupling is enhanced by use of
black surfaces on subassemblies and assemblies. The space-facing
radiator surfaces are coated with thermal white paint. Screws and
bolts, torqued to predetermined values, minimize unpredictable heat
transfer impedances between laying surfaces. Use of intermediate
materials such as indium foil between laying surfaces will be avoided.
See Section 4.1.12 for detailed information on thermal control.
Vibration Control--The packaging/integration concept provides for
attachment to basic spacecraft structure to minimize amplification
of the booster vibration environment. The equipment is designed to
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the requirements embodied in the type approval tests, which are con-
siderably in excess of flight requirements. The vibration envelopes
(Figure 4.1.13-6) represent an upper limit on vibration levels for
type approval tests of the electronic equipment. Adequacy of the
packaging concept will be verified by the thermal and vibration tests.
Hard Vacuum--The hard vacuum of space is known to affect the surface
conditions of materials by:
a) Outgassing--removal of surface films or absorbed gases by heat
and/or vacuum
b) Sublimation--changes of state from a solid directly to a vapor.
Rate of these processes depends on vapor pressure of the material,
temperature, and the degree of freedom with which released
molecules may leave the vicinity.
Evaporation of surface films, greases, oils, and dyes is undesirable,
since these substances may recondense on colder surfaces. Careful
selection of materials and controlled environments during assembly will
be used to minimize this problem.
n,,*_=cc_nn causes
_ ......_ loss of the more volatile parts of organic materials
in paints, sealants, and plastics, which may recondense on colder sur-
faces. Materials will be selected from the applicable Reliability
control plan, B2VSSIO004-7. Verification tests will be run to ensure
that materials selected perform satisfactorily in a space vacuum
environment. Since many materials outgas to some extent, consideration
will be given to control methods such as the vacuum soak to reduce this
problem to acceptable limits.
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Sublimation, which may cause an actual loss of base metal, is usually
not serious structurally, but redeposition of sublimed metal on colder
components can cause short circuits. Metals with low vapor pressures
will be selected. Cadmium and zinc are not used, and magnesium will
be used only in equipment operated at low temperatures.
High flexibility is inherent in the packaging concept. Beginning at
subassembly level, any combination of the three standard subassembly
packaging techniques may be incorporated into the subchassis. Each
subassembly may be located at any position on the assembly chassis,
and each assembly can be mounted in any equipment bay on the spacecraft.
Flexibility of this concept with respect to weight and thermal balance
for various payload configurations is evident.
Interconnections--A detail estimate o f the number of wires, system con-
nectors, and test connectors provided a basis for estimating weight-
and-space requirements for cabling in various parts of the spacecraft.
A mockup of a typical installation has been fabricated to verify space
and access estimates (Figures 4.1.13-2 and 4.1.13-3).
Wire sizes and types are based on permissible system current, voltage
drop and shielding requirements, and on %he degree of strength and
ruggedness required. Stranded copper wire (AWG No. 24) has been selected
as the minimum size to be routed in spacecraft bundles. Teflon wire
(MIL-W-16878) is recommended because it has performed satisfactorily
in space programs.
The NAS 1599, MIL-C-26482 and MIL-C-26500 series of connectors are
considered candidates, and were used in cable assembly planning. Boeing
has initiated a special cleaning process for the NAS 1599 connector,
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and has qualified it for use on the Lunar Orbiter Program because of
its corona-inhibiting qualities. Radio-frequency cable assemblies
will utilize conventional cable and connectors used in previous space
programs.
Interface connectors with the capsule, adapter and launch vehicle have
unique requirements, requiring additional development for Voyager.
Previously used interstage connectors have been investigated, but
selection will depend on finalization of the number of interconnections.
Proximity of the adapter interface connector to engine exhaust dictates
that this connector be covered after separation.
All connector assembly processes required to fabricate cables suitable
for space environment have been developed and documented at Boeing for
other space programs. Standardized techniques for such processes as
shield termination, wire stripping and crimping already exist and need
no development. All cable materials, including tie cord, will be
incapable of supporting fungus growth.
Cables are so designed that their manufacture will not rely on process
control alone. Each step of the operation is inspectable and, where
necessary, is subjected to nondestructive verification tests.
Cables are manufactured and assembled in a clean room, using tooling
developed from a cable mockup of the spacecraft. Fixtures are pro-
vided to support completed cable assemblies during storage, handling
and installation in a manner that will not place a strain on connector
wire joints, or damage the insulation.
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Maintenance and Testing--The packaging design, and the integration of
the electronic assemblies into the spacecraft system, require testing
at both subassembly and assembly levels through test connectors. Sub-
assembly test connectors are located on exposed subassembly surfaces,
and system level test connectors are accessible on the sides of the
assembly chassis. The radiator plate is installed prior to environ-
mental tests. Figures 4.1.13-2 and 4.1.13-3 illustrate this concept.
Completed cable assemblies are subjected to continuity and insulation
resistance tests before use.
7) Radio-frequency electromagnetic interference control will ensure that
no electronic equipment will be a source of interference, or be
adversely affected by external interference.
RFI control will be accomplished by use of an effective electro-
magnetic control plan, which will define and control design aspects
of the electrical interfaces, and will include (a) a standardized
grounding plan (b) an identification of interference-susceptible and
interference-generating circuits and components to be filtered or
shielded (c) methods of eliminating spurious responses, and (d) methods
of maintaining continuous shielding on cables and equipment.
In addition to the grounding of the assembly and subassembly chassis
and any removable covers by conductive mounting or bounding, the
chassis enclosure is connected to structure through a separate wire.
The chassis enclosure ground wire is routed with the circuit con-
ductors, but cannot share conductors. Under certain conditions,
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chassis enclosure grounds may share circuit ground points (Section
4.1.13.8 (c)). Redundant wires may be used but must be installed and
routed together to act as a single conductor.
Conductor shields are referenced to ground at the driven end of the
conductor and, with the exception of RF conductors, are not grounded
at both ends. In the case of RF conductors, grounding to the assembly
chassis is accomplished at both ends, and a high-pass filter is used
on one end if necessary to eliminate effect of the resulting ground
loop. Successive lengths of shielded conductors, separated by con-
nector junctions, are grounded by a connection through a separate
connector pin.
Grounding--A uniform and strictly enforced grounding philosophy is
mandatory to avoid common impedance coupling and ground loops. The
Voyager grounding system is a hybrid combining the desirable fea-
tures of the single-point; multiple-point and isolated grounding
systems, which systems allow minimum coupling to other circuits.
Spacecraft ground networks are pxovided for all major critical subsystems.
Each subsystem network consists of a single point ground, connected to
structure through an appropriate protective network. Conductors from
the subsystem circuits utilize this common ground. Protection from
inadvertent short circuiting is provided by reactive-resistive circuits
between the net ground point and structure. Circuit ground networks,
bonding grounds, and assembly or subassembly grounds do not utilize
common conductors.
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The design considerations for grounding are:
a) The spacecraft power ground point is connected, through a
protective impedance network, to spacecraft structure at a
central location.
b) The regulated power ground point is located close to the power
and conversion equipment.
c) The radio equipment structural ground is located close to the
radio subsystem equipment. The attitude control, data storage,
computer and sequencer, data encoder, and command subsystems
share the RG ground point. This point is connected to the
spacecraft ground external test point with a No. 2 AWG copper
conductor length not to exceed 15 feet.
d) The science subsystem ground point is located near the data
automation equipment. All science equipment requiring a
ground reference shares this point.
e) Pyrotechnic circuit ground points, within and on the firing
equipment structure, serve only the pyrotechnic equipment.
f) Ground points for spacecraft and capsule wiring, and for
spacecraft and _,,_.._... h vnh_c]e...... wirinq, are required, and will be
specified as a part of the definition of the spacecraft inter-
face with these systems.
Magnetics--The spacecraft magnetic field minimization concept requires
that each a_sembly be made of nonmagnetic materials wherever pos-
sible. Certain actions are relatively easy to implement, such as
the use of nonmagnetic stainless steels or titanium for fasteners
and the substitution of an alloy of 23 percent nickel and 77 percent
copper for nickel welding ribbon. However, magnetic materials are
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required for glass seals on transistors and other components. Therefore,
during the next phase of the program, an analysis will be made under JPL
guidance on all parts. Parts which may cause induced magnetism (trans-
formers, coils, relays, and switches) will be designed, shielded, and
positioned for minimum external fields. Stray magnetism from foreign
magnetic materials is minimized by magnetic cleanliness procedures,
degaussing, and by careful assembly practices (See Volume A, Part I,
Section 3.14).
Electronic packages are protected from meteoroid impact damage by
using meteoroid bumpers and stoppers. The radiator plate functions
as the outer meteoroid bumper, and also serves as a structural ele-
ment and thermal equalizer on the assembly. The debris stopper is
part of the subchassis.
Particulate radiation effects on electronic components and cables is
not considered a major problem. All components and cables are pro-
tected from this radiation by metal enclosures completely surrounding
the electronics. The package enclosure provides necessary protection
to externally mounted electronic devices.
Exposed spacecraft wiring is protected against ultraviolet radiation
damage by use of UV radiation-resistant materials.
Further evaluation of "H" film PFH laminated insulation and white
silicone tubing for this application will be made.
Corona is a voltage breakdown phenomenon occurring between conductors
caused by ionization of adjacent gases when the voltage gradient
exceeds a certain critical value.
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As the vehicle goes from sea level to near zero pressure, a certain
pressure (or altitude) between 60,000 and 400,000 feet will be reached
where corona onset voltage (COV) will be at minimum value regardless of
spacing or configuration of the conductors. C0V is not a problem at
altitudes above or below this point.
To avoid the corona problem, the following steps will be taken: (a)
Select connectors that either inhibit corona by design, or are adequately
vented. (b) Select materials with low outgassin 9 characteristics,
paying particular attention to potting, adhesive, and coating materials.
(c) Select adapter, spacecraft and launch vehicle interstage connectors
with dead facing or auxiliary door protection.
Multipacting (secondary electron emission phenomena) may occur in hard
vacuum between conductors carrying RF, depending on frequency, spacing,
configuration, and on the surface material and condition. Careful
review of all RF cabling, together with a test program, will be carried
out to assure that multipacting will not occur under flight conditions.
4.1.13.7 Development Status
During Phase IB, the packaging and cabling design and fabrication techniques
outlined will be developed into a comprehensive set of Voyager design-process-
material standards which will reflect the knowledge gained from the space
research and the experience of JPL, Boeing, and the Spacecraft subcon-
tractors. As the packaging and cabling design evolves, further development
work is anticipated due to specific Voyager requirements. The major area
of such development are to develop, fabricate and prove the feasibility
of standardized lightweight assemblies and subassemblies; prove out the
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concept by vibration and thermal vacuum tests; select preferred mate-
rial considering circuit design, weight, heat transfer, strength and
RFI shielding.
Figure 4.1.13-7 covers applicable packaging techniques which JPL and
Boeing have used or are using on space programs. These techniques are
considered suitable as a starting point in preparing a Voyager family
of specifications.
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4.2 PLANETARY VEHICLE ADAPTER
The Planetary Vehicle Adapter connects each Planetary Vehicle to the
nose fairing of the launch vehicle, and contains structural and mechani-
cal subsystems, including cooling ducts, and the cabling subsystem.
A completely new adapter configuration is required, from that designed
for Task A, to accommodate an increase in diameter from 120 to 260 inches
to match the Saturn Launch "ve_L±_e._^1 ....._hadapter weighs a total of 850
pounds, as designed for the 1971 mission, and is based on a truncated-
cone skin-stiffener concept. Reliability of each adapter has been
predicted to be 0.9990.
The adapter is attached to the base of the bus at the eight longeron fit-
tings, allowing complete separation of the adapter structure. A trade
study (Figure 4.2.1-6) shows that this arrangement, although producing
more weight than attachment at top of bus, will minimize the weight of
structure transported to Mars orbit. Periphery of the adapter is attached
to the nose fairing through a field joint, providing uniform loading at
the nose fairing.
The adapter contains the electrical inflight separation umbilicais to the
Planetary Vehicle and certain transducers which will be mounted on the
adapter and connected to the Launch Vehicle. The adapter supports the
ground cooling duct to electronic assemblies, provides for a destruct
system, and, may serve as part of an anti-contamination barrier.
4.2-1
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The proposed design, as related to the nose fairing, is based on the
following separation procedure:
i) The upper Planetary Vehicle Adapter remains attached to one segment
of the lower nose fairing when the nose fairing separates. This
attachment prevents possibility of the upper Planetary Vehicle
Adapter from assuming a trans-Mars trajectory.
2) Separation of the upper Planetary Vehicle Adapter from the other
segment of the lower nose fairing is done by pyrotechnically sever-
ing the lower nose fairing longitudinally into two halves, and con-
tinuing to sever semi-circumferentially one of the halves below the
field joint of the adapter to nose fairing.
The Planetary Vehicle Adapter, as sized for the 1971 mission with a
2000-pound Flight Capsule, weighs 850 pounds. For the 1975 mission
with 8000-pound Flight Capsule, the Planetary Vehicle Adapter is
expected to weigh approximately 1145 pounds. Since 1500 pounds have
been allocated for the adapter_ the differential weight could either be
used to standardize the adapter for all missions, or be reallocated
between the Planetary Vehicle and the adapter.
ADAPTER TOTAL WEIGHT SUMMARY--
Structural & Mechanical Subsystem
Cabling Subsystem
Destruct System Allowance
Flight Instrumentation Allowance
TOTAL
790 ibs
20 ibs
20 ibs
20 lbs
850 lbs
4.2-2
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4.2.1 Structural and Mechanical Subsystem
4.2.1.1 Summary
The Planetary Vehicle Adapter structure consists of two concentric
truncated conical shells_ with a flat upper shear deck closure panel
of conventional semi-monocoque magnesium construction. The inner cone
accepts concentrated loads from the Planetary Vehicle at eight locations
around its periphery. The shear deck and outer cone redistribute these
concentrated loads_ and present uniform loading to the nose fairing at
the periphery of the outer cone.
Bolted field joints are provided at the inner cone for attachment of
the Planetary Vehicle separation fittings_ and at the outer circum-
ference of the outer cone for attachment to the nose fairing. These
field joints also accommodate attachment locations for handling and
hoisting fixtures.
Desirable features include a conservative conventional design with structural
reliability of 0.9997. The structural and mechanical subsystem weighs 790
pounds.
4.2.1.2 Applicable Documents
Same as 4.1.10.2
4.2.1.3 Design Constraints and Requirements
In addition to the requirements of Volume A, Part I, Section 2.0 and applicable
requirements of Section 4.1.10, the following apply:
i) The attachment to the nose fairing is to be continuous within the
240 to 260 inch diameter envelope.
4.2.1-1
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2)
3)
4)
5)
The maximum allowable Planetary Vehicle Adapter weight is 1500 pounds.
The two Planetary Vehicle Adapters will be identical.
Except for hoist fittings, the transportation and handling loads will
not be a design condition for the structure.
The adapter will provide:
a) Adequate support points and/or clearances for the Planetary Vehicle,
including its stowed, deployable components
b) Retention of the separation system components following separation
c) Access for repair and replacement_ for test purposes; and for
inspection of the Planetary Vehicle
d) Sufficient capability so that no critical mechanical adjustments
will be required during matchmate to Planetary Vehicle, except
installation of the field joint.
4.2.1.4 Preferred Design and Functional Description
The Planetary Vehicle Adapter is the intermediate structure between the
Planetary Vehicle and the nose fairing. All inertial and vibration
loads originating in the Planetary Vehicle are transferred through the
Adapter and reacted by the nose fairing structure.
As shown in the trade study (Figure 4.2.1-5), a magnesium semi-monocoque
structural arrangement was selected for the adapter to provide uniform
loading at nose fairing, and to furnish minimum weight.
The adapter consists of sheet and stiffener structure in the form of an
inner-and-outer truncated cone with a shear deck (Figure 4.2.1-i). Other
elements are reaction and mounting rings and fittings. The sheet and
4.2.1-2
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stiffener are of high-strength magnesium alloy (AZ31B-H24 Sheet, Zk
60A-T5 Extruded Stiffeners), while rings and fittings are of 7075-T6
aluminum alloy.
The Planetary Vehicle Adapter is attached to the Planetary Vehicle with
eight field joint fittings, and is attached to the nose fairing with a
continuous bolted field joint. These field joints also accommodate
fittings for handling and hoisting fixture attachments. Axial, side,
bending, and vibration loads originating in the Planetary Vehicle are
transferred through the cones and shear deck structure, and evenly
distributed to the nose fairing structure. The configuration allows
access for installation of the field joint at the Planetary Vehicle, for
inspection of the separation mechanism for the Planetary Vehicle, and is
designed with splices to permit disassembly if required for transportation.
4.2.1.5 Performance Characteristics
Each Planetary Vehicle Adapter is designed with an ultimate factor of
safety of 1.25, and is capable of supporting a Planetary Vehicle (con-
sisting of a 2,100-pound spacecraft bus, a 400-pound science subsystem,
a 2,000-pound Flight Capsule, and a 15,000-pound propulsion subsystem)
through the launch environment defined in Volume A, Part I, Section 2.0.
Critical design loads for the adpater result from S-IC burnout limit
load conditions of 5.6 g's axial combined with 2.0 g's lateral. Because
of this combined loading condition, the adapter has an inherent capability
of supporting Planetary Vehicle gross weights, as defined in Figure
4.2.1-2, when lateral accelerations are reduced to zero. Effect of
launch lateral accelerations on the Planetary Vehicle gross weights is
also shown in Figure 4.2.1-3.
4.2.1-5
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The Planetary Vehicle Adapter, as designed for strength considerations,
has sufficient inherent stiffness to keep deflections of the Planetary
Vehicle well within the specified dynamic envelope under the design
steady-state loads. As shown in Figure 4.2.1-4, the CG of the Flight
Capsule deflects only 0.26 inch laterally and 0.42 inch axially under
the maximum anticipated limit loads and Flight Capsule forward CG
location.
4.2.1.6 Physical Characteristics
Weight of adapter structural and mechanical subsystem is itemized below:
Primary Structure Assembly
Skin
Stiffeners
Inner Panel Longerons (8)
Outer Ring
Upper Inner Ring
Lower Inner Ring
NIISC, _OU_±_±_ 9 $ a__, ....
Planetary Vehicle Separation Mechanism
Support Fittings (8)
V-Block Band-Clamp
Spring Mechanisms
Environmental Provisions
Cooling Ducts, Connectors, and Clamps
206 lbs
253
45
83
5O
45
48
15
i0
25
I0
730 lbs
50 ibs
i0 Ibs
TOTAL 790 ibs
The Planetary Vehicle Adapter is 20 feet wide and 2 feet high.
4.2.1-7
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4.2.1.7 Interface Definition
Planetary Vehicle Adapter interfaces are identified and described in
Table 4.2.1-1.
4.2.1.8 Reliability and Safety Analysis
A predicted reliability for the Planetary Vehicle Adapter is 0.9997.
The adapter contains no prestressed members or pyrotechnics, hence
represents no safety hazards.
4.2.1.9 Developmental Status
No major structural or mechanical development is required for the Planetary
Vehicle Adapter, since conventional materials and techniques are used
throughout.
4.2.1.10 Trade Study Summary
Trade studies to determine structural arrangement, material selection,
and location of the Planetary Vehicle in relation to the adapter are
summarized in Figures 4.2.1-5 and 4.2.1-6.
4.2.1-9
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4.2.2 Pyrotechnic Subsystem and Cablinq
4.2.2.1 Summary
The pyrotechnic subsystem transmits firing pulses to EED's, causing
separation of upper Planetary Vehicle from its adapter; severing of nose
fairing and adapter; separation of lower Planetary Vehicle; and initiation
of destruct subsystem. Cabling includes power and instrumentation cable
harness assemblies connecting Planetary Vehicle subsystems to S-IVB
subsystems. It also includes the umbilical connections to the Planetary
Vehicle.
4.2.2.2 Applicable Documents
I) AFHTR-127-1, "General Range Safety Plan," Volume 1 and Appendix "A".
"JPL Voyager Environmental Predictions Document, Preliminary," dated
September 17, 1965.
2) "JPL Voyager 1971 Preliminary Mission Description," dated October
15, 1965.
3) "JPL Performance and Design Requirements for the Voyager 1971 Space-
craft System, General Specification for, Preliminary," dated Septem-
ber 17, _=vo.
4.2.2.3 Design Constraints and Requirements
Design constraints and requirements are the same as for pyrotechnic sub-
system (Section 4.1.11), and for cabling and packaging (Section 4.1.13).
4.2.2.4 Preferred Design and Functional Description
Pyrotechnic subsystem consists of twisted, shielded cables connecting the
S-IVB pyrotechnic subsystem to EED's throughout the Planetary Vehicle.
Commands from S-IVB pyrotechnic subsystem initiate these functions:
4.2.2-1
l)
2)
3)
4)
BOEING-- SPACE DIVISION
D2-82709-6
Fire four EED's, separating upper Planetary Vehicle from adapter.
Fire four EED's, severing nose fairing and adapter, and allowing
separation of lower Planetary Vehicle.
Fire four HED's, separating lower Planetary Vehicle from adapter.
Initiate destruct subsystem (two EED's).
Cabling consists of the power and instrumentation harness assemblies con-
necting Planetary Vehicle subsystems to S-IVB subsystems and to Planetary
Vehicle umbilicals. Cabling techniques are described in Section 4.1.13.
Pyrotechnics and cabling required for the nose fairing will be defined and
incorporated during Phase IB.
4.2.2.5
Z)
2)
3)
Performance Characteristics
Input Signals: 4.5 amperes for 6 milliseconds for each EED fired
Output: Initiation of EED's in 6 milliseconds or less
Input Power Demand: 14 EED's at 4.5 amperes each = 63 amperes for
6 milliseconds
4.2.2.6 Physical Characteristics
Physical characteristics of the pyrotechnic subsystem and cabling are:
i) Size: 4 pyrotechnic cables 15 feet long_ 8 pyrotechnic cables 40
feet long; 14 EED's and 20 connectors; nonpyrotechnic cable harness
assemblies 40 feet long.
2) Weight: Pyrotechnic subsystem, 5 pounds. Cabling, 15 pounds.
Total, 20 pounds.
4.2.2.7 Interface Definition
Interfaces exist between (i) the S-IVB and the Planetary Vehicle cable
harness assembly (2) the cable harness assembly and Planetary Vehicle
4.2.2-2
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power and instrumentation subsystems (3) Planetary Vehicle subsystems
and associated umbilical (4) pyrotechnic cable harness assembly and upper
Planetary Vehicle adapter_ nose fairing and adapter V-band, lower Planetary
Vehicle adapter, and destruct subsystem.
4.2.2.8 Reliability and Safety Analysis
Pyrotechnic subsystem and cabling consist only of cable harness assemblies,
connectors and HHD's. Estimated reliability is 0.999934.
4.2.2.9 Development Status
As the only components are cable assemblies, electrical connectors and
EED's, no development effort is anticipated.
4.2.2-3
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4.3 PROPULSION SUBSYSTEM
The Planetary Vehicle requires propulsion capability for midcourse correc-
tions to reduce trajectory dispersions and perform required trajectory
biasing. Additional propulsion capability is required for inserting the
Planetary Vehicle into orbit around the planet Mars and for subsequent Mars
orbit trimming.
Because of the wide range in velocity increments and accuracies imposed
by these requirements, two functionally independent propulsion systems
have been selected to meet mission requirements. A restartable liquid mono-
propellant system, similar to the system used in the Mariner C program, was
chosen for providing low-level velocity increments for trajectory corrections,
orbit insertion vernier, and orbit trimming. A solid propellant motor, based
on a modification of a currently operational missile stage, has been selected
to provide retrograde propulsion for Mars orbit insertion.
The two propulsion subsystems have been integrated into a single propulsion
module, shown in Figure 4.3.0-1 which can be assembled and tested prior to
installation in the spacecraft. The weight of the propulsion module when
fully fueled falls within the mission requirement limit of 15,000 pounds.
Subsystem weight summaries are shown in Tables 4.3.0-1 and 4.3.0-2. Physical
interfaces between the propulsion module and the spacecraft have been
limited to electrical connectors and structural fasteners.
The midcourse and orbit trim subsystem consists of four hydrazine engines of
200 pounds thrust each_ the propellant feed subsystem; four propellant
tanks% nitrogen pressurization subsystem, and two nitrogen storage tanks.
4.3-1
BOEING-- SPACE DIVISION
D2-82709-6
Table 4.3.0-1 SOLID/LIQUID PROPULSION SYSTEM WEIGHT SUMMARY
LBS.
Midcourse/Orbit Trim Propulsion
Rocket Engine System
Propellant Feed System
Propellant Tanks
Pressurization Feed System
Pressurant and Container
Propellant Residual Allowance
Usable Hydrazine
87
17
263
19
282
I04
3,190
3,962
Orbit Insertion Propulsion
Rocket Motor Inerts
Thrust Vector Control
Roll Control Engine System
TVC and Roll Control N2 System
Usable Solid Propellant
965
333
5
52
9,045
10,400
Structure
Primary Support Frame
Hydrazine Tank Support
Nitrogen Tank Support
Solid Motor Support
Midcourse Engine Thrust Structure
Meteoroid Shielding, Bus Capsule
Meteoroid Shielding, Thermal Shield
Meteoroid/Thermal Support Structure
Miscellaneous Support
i16
12
3
64
27
32
34
38
11
337
Thermal Control
Shell
Capsule-Bus
Propulsion
Solar Shield
Thermal Shield
Instrumentation, Heaters & Switches
46.6
14.4
8.7
19
26
3.3
118
Cabling and Power Conditioning
Converters and Switch Installation
Cable Harness
ii .4
13.6
25
Contingency 158
TOTAL PROPULSION INSTALLATION 15,000
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Table 4.3.0-2 VOYAGER 1971-1977 MISSION SEQUENTIAL
WEIGHT STATEMENT
LBS.
Capsule 2,000
2,500
15,000
Bus & Science
Propulsion Module
Midcourse Correction Maneuvers
Start Burn (Planetary Vehicle)
Maneuver Propellant
Burn Out
19,500
1,663
17,837
Orbit Insertion Maneuver
Start Burn
Maneuver Propellant
Usable Freon
Expended Inerts
Burn Out
17,837
9,045
157
9O
8,545
Orbit Insertion Vernier
Start Burn
Propellant
Burn Out
8,545
1,201
7,344
Orbit Trim Maneuver
Start Burn
Maneuver Propellant
Burn _"+
7,344
326
7,018
Capsule Separation
Spacecraft (in orbit)
Bus & Science
Propulsion Inerts
5,018
2,500
2,518
LBS.
i0,000
3,500
15,000
28,500
2,430
26,070
26,070
9,045
157
90
16,778
16,778
760
16,018
6,018
3,500
2,518
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The orbit insertion subsystem consists of a modified Minuteman Wing VI
second stage motor, a Freon subsystem for pitch and yaw thrust-vector
control, two nitrogen storage tanks for roll control and Freon pressuriza-
tion, and an adapter ring for attachment to the propulsion module structure.
Two tangentially mounted roll control nozzles and their control valves are
located in the aft area of the midcourse and orbit trim subsystem to
counteract the roll moments caused by exhaust swirl of the solid motor during
orbit insertion. These nozzles provide six pounds thrust each and are
operated with nitrogen gas supplied from the orbit insertion thrust vector
control system.
The structure consists of a cylindrical web with a ring flange to which
the orbit insertion subsystem is installed, eight radial points to which
the spacecraft bus is attached, an annular truss network to transmit loads
between the bus and orbit insertion subsystem and the midcourse and orbit
trim subsystem, structural supports and straps for the propulsion components,
and a thermal shield.
The propulsion subsystem has been designed to fulfill all mission require-
ments from 1971 through 1977 without modification. This preferred design
has been sized for a 10,000-pound capsule and 3500-pound spacecraft bus,
while still meeting the orbit insertion_V design goal of 2200 meters per
second (m/sec) with a 2000-pound capsule, and exceeding the minimum require-
ment of 2000 m/sec for the 1971-1973 missions with a 3000-pound capsule.
Table 4.3.0-3 presents the capability of the preferred propulsion subsystem
for the 1971 through 1977 missions. As can be seen from this table, the
midcourse and orbit trim subsystem has been sized to provide the design
requirements of midcourse correction and orbit trim of 200 and 100 m/sec,
4.3-6
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PROPULSION SUBSYSTEM VELOCITY INCREMENT CAPABILITIES IN METERS
MISSION CAPSULE
'71-'73
(2500-1b
Bus )
WEIGHT
LB.
2000
3000
8000
10000
PER SECOND
'75-'77
(3500-ib
Bus)
MID-
COURSE
Av
200
200
200
ORBIT INSERTION AV
SOLID HYDRAFINE TOTAL
(VERNIER)
2050
1910
1350
200 1230
337 2387
267 2177
40 1390
0 1230
ORBIT
TRIM
Av
i00
i00
i00
i00
respectively, for the 1977 mission. For 1971-1973 payloads, the hydrazine
tanks are completely filled so there is additional hydrazine available to
augment the orbit insertion maneuver. In this manner, the same propulsion
module and propellant loadings can be used for all missions without modifi-
cation, and an additional vernier or variable total impulse capability is
available for the orbit insertion maneuver. Thus, for the 1971-1973 missions,
versatility is provided for a wide choice of Mars orbits.
Engine out capability is provided in the midcourse correction subsystem
without malfunction detection and switching. This factor, together with
the use of state-of-the-art components, contributes substantially to the
high probability of mission success for the planetary vehicle. The predicted
reliability for the spacecraft propulsion subsystem is 0.9960.
The propulsion module is designed so that the midcourse and orbit trim sub-
system and the orbit insertion subsystem can be tested separately or inte-
grally. Each subsystem is a module in itself, containing its own structure
and cabling. The two subsystems are mated at a ring joint to form the pro-
pulsion module.
Between the ring flanges and the mating joints are two alignment rings.
Each ring is tapered and contains sixty-four bolt holes. By rotating
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these rings, the orbit insertion subsystem alignment can be adjusted to
shift the propulsion module center of gravity to the desired envelope.
Analysis to date indicates that the selected propulsion subsystem meets
planetary quarantine requirements without use of heat soak sterilization.
In the midcourse and orbit trim subsystem, the self-sterilizing capability
of hydrazine kills organisms in tanks and plumbing down to the engine
control valves. After the first midcourse correction, the system downstream
of the engine valves will have been flushed with hydrazine, and the thrust
chambers will have been exposed to high temperature. All nitrogen used in
the propulsion subsystem is filtered to remove organisms. The interior of
storage tanks and plumbing is decontaminated with ethylene oxide before
loading fluids.
Limited testing to date indicates that the ejecta from the orbit insertion
motor are sterilized by the high combustion temperature. If necessary,
interior of the nozzle and the surface of the propellant grain will be
treated with ethylene oxide to prevent the ejection of organisms during
the motor starting transient. The thrust vector control and roll control
subsystems will be decontaminated internally with ethylene oxide prior
to charging with sterile Freon or nitrogen.
A detailed procedure for ethylene oxide decontamination of the propulsion
subsystem will be prepared and submitted to JPL for approval during Phase
IB, in preparation for subsequent demonstration when subsystem hardware
is available.
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The following sections present a further description of the preferred
propulsion system design. The supporting trade studies and analyses
leading to the selection of this design are described in Volume C.
D
D
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4.3.1 Midcourse and Orbit Trim Subsystem
4.3.1.1 Summary
The selected spacecraft midcourse and orbit trim subsystem shown in
Figure 4.3.1-1 is a multi-engine hydrazine system having a predicted
reliability of 0.9982. This configuration relies on Mariner-proven concepts
and makes maximum use of Mariner technology. The subsystem, which weighs
3962 pounds fueled, satisfies all Voyager mission midcourse and orbit trim
requirements for 1971 through 1977. System performance is summarized in
Table 4.3.1-1. The system uses four 200-pound thrust, regulated-pressure-fed_
radiation-cooled, hydrazine engines. These engines employ a Shell 405
spontaneous decomposition catalyst.
Thrust vector control through an angular range of _5 ° is accomplished by
four jet vanes per engine in a manner similar to that used on Mariner C.
By canting the engines toward the center of gravity_ this configuration
provides the capability to meet control requirements using TVC with one
of the engines inoperative. No malfunction detection or switching is
required.
A total of 3190 pounds of usable hydrazine is stored in four annealed titanium
cylindrical tanks containing bladders for positive expulsion. Regulated
nitrogen gas contained in two annealed titanium spherical tanks provides
pressurization of the bladders for expulsion of the hydrazine. Redundant
valving is used to prevent performance degradation from a single malfunction.
The valving is arranged so that the pressurant and propellant are isolated
after each firing.
4.3.1-1
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MIDCOURSE CORRECTION AND ORBIT TRIM PROPULSION
SUBSYSTEM SUMMARY DATA SHEET
Propellant
Usable Propellant Weight (N2H4)
Propellant Specific Impulse
Total Impulse
Number of Engines
Engine Ignition
Thrust per Engine
Thrust Vector Capability
Velocity Increment (Midcourse)
Velocity Increment (Orbit Trim)
Velocity Increment
(Orbit Insertion Vernier)
Predicted Reliability
Total Burn Time
Nitrogen Storage Pressure
Propellant Tank Pressure
Thrust Chamber Pressure
Hydrazine
3190 LB
235 LBF-Sec
LBM
749,650 LBF-Sec
4
Spontaneous
Catalyst
200 LBF
_5 degrees
200 M/Sec
i00 M/Sec
337 M/Sec
0.9982
937 Seconds
3500 PSIA
280 PSIA
150 PSIA
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The planetary quarantine requirements are satisfied by (i) the self-
sterilizing characteristics of hydrazine, (2) ethylene oxide decontamination
of hardware internal surfaces exposed to nitrogen and (3) aseptic loading
of nitrogen.
This propulsion subsystem is essentially the same as that recommended in
Phase IA, Task A, except that the thrust level has been increased to
accommodate the larger vehicle, and functional redundancy has replaced
the malfunction detection concept.
Factors leading to the selection of this configuration for the midcourse
correction and orbit trim subsystem are documented in Volume C.
The preferred configuration has incorporated sufficient redundancy so that
no single component failure will prevent mission success. Both pressurant
and propellant are positively isolated before and after first midcourse
correction, thereby minimizing leakage during the long cruise period.
4.3.1.2 Applicable Documents
i) Military Specification, MIL-P-$6536B, "Propellant, Hydrazine,"
13 March 1964.
2) "Mariner Mars 1969 Orbiter Technical Feasibility Study, E.P.D.
No. 250_'16 November 1964, Jet Propulsion Laboratory.
3) JPL Specification GMO-50198-ETS 12 December 1963, "Environmental
Test Specification Compatibility Test for Ethylene Oxide
Decontamination Requirements."
4) J-PL Specification XSO-SO275-TST-A, 24 May 1963_ "Environmental Test
Specification Compatibility Test for Planetary Dry Heat Sterilization
Requirements."
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5) JPL Specification _-4-610A, 1 April 1963, "Functional Specification
Mariner C Flight Equipment Post-Injection Propulsion System."
4.3.1.3 Design Constraints and Requirements
The design constraints and requirements for the midcourse and orbit trim
subsystem are as follows:
i) The subsystem will be capable of a minimum of four ignitions and
thrust terminations for fulfillment of the midcourse and orbit trim
maneuvers.
2) The subsystem will be capable of imparting to a i9,500-pound
Planetary Vehicle a minimum velocity increment of 200 meters per
second for fulfillment of maximum expected midcourse maneuver
requirements.
3) The subsystem will be capable of imparting to a 8545-pound Planetary
Vehicle a minimum velocity increment of 337 meters per second for
performing the orbit insertion vernier maneuver.
4) The subsystem will be capable of imparting to a 7344-pound
Planetary Vehicle a maximum velocity increment of i00 meters per
second for fulfillment of the maximum expected orbit trim maneuver.
Engine ignition is required in a space vacuum environment
under zero gravity conditions.
The subsystem will be capable of space vacuum environment storage
in excess of 400 days without loss in reliability or performance.
Engine nominal steady state vacuum thrust, with the four jet vanes
undeflected, will be no greater than 204 pounds, and no less than
196 pounds per engine.
6)
7)
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8) The vacuum specific impulse, on which propellant load and velocity
increment capability are to be determined, will be 235 seconds with
jet vanes deflected.
9) The preflight-to-launch ambient temperature range at the propulsion
module will be +50 ° to +lO0°F.
i0) The propulsion module temperature limits from time of launch through
termination of the mission will be from +40 ° to +llO°P.
Ii) Total impulse control for the midcourse and orbit trim maneuvers
will be provided by a spacecraft accelerometer with timer backup
to control engine burn time.
12) Thrust vector control during midcourse and orbit trim maneuvers will
be provided by four jet vanes on each engine. The jet vane assembly
will be capable of producing approximately _5 ° thrust vector deflec-
tion.
13) The effective midcourse and orbit trim engine thrust vector angu-
larity will be predictable within 1/4 ° of the geometrical centerline
of each engine, measured at a plane passing through the throat of
the engine.
14) The subsystem, in the fueled and pressurized condition, will be
safe for personnel to work around at ............... *..... _v
125OF.
15) The subsystem will not require liquid or gaseous umbilicals.
16) Capability for propellant loading or unloading while mated to the
Launch Vehicle will not be provided.
17) The subsystem will be designed %o be removable along with the orbit
insertion engine as a unit from the spacecraft.
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18) The subsystem will be designed so that no single failure mode of
its active components will cause a catastrophic effect on the
mission.
19) The subsystem will be designed to be independent of other Flight
Spacecraft functional elements wherever possible.
20) The subsystem and its components, when required to be subjected to
decontamination per JPL specification GMO-50198-ETS, will not have a
reduction in reliability.
21) The subsystem and each of its components will be designed to be
cleaned in and not contaminate a Class i00,000 clean room.
4.3.1.4 Preferred Design and Functional Description
The functional description and operational sequence of the midcourse and
orbit trim subsystem are as follows:
i) Description--The midcourse and orbit trim subsystem is packaged for
installation or removal from the spacecraft as a module. The
mechanization is shown in Figure 4.3.1-2. Key subsystem components
include engines, propellant and pressurant tanks, regulators and
valving. There are four 200-pound constant-thrust, radiation-cooled,
regulated-gas pressure-fed, hydrazine monopropellant engines. A
catalyst is used for hydrazine spontaneous decomposition. Multiple
restart capability is thus provided. Four jet vanes with electrically
powered actuators are installed at each engine, providing 2-axis thrust
vector control up to 5° on each chamber. The engines are grouped in
pairs, and canted 13° with their thrust axes through the Planetary
Vehicle center of gravity envelope to provide an engine-out capability.
The engines are located well aft to minimize the cant angle necessary
4.3.1-8
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ITEM
I
2
3
4
5
6
7
8
9
I0
11
12
13
14
15
16
17
18
19
20
21
22
QTY
4
4
16
2
2
4
2
2
2
4
4
4
1
1
1
2
1
2
4
2
2
3
NAME
ROCKET ENGINE ASSEMBLY
VALVE, PROPELLANT, SOLENOID LATCHING
JET VANE AND ACTUATOR ASSEMBLY
ORIFICE, PROPELLANT FLOW
FILTER, PROPELLANT
VALVE, PROPELLANT, NORMALLY CLOSED, SQUIB
VALVE, PROPELLANT, SOLENOID LATCHING
VALVE, PROPELLANT, NORMALLY OPEN, SQUIB
VALVE AND CAP, PROPELLANT, FILL AND TEST
BLADDER, PROPELLANT TANK, EXPULSION
TANK, PROPELLANT
VALVE AND CAP, VENT, MANUAL
VALVE, PROPELLANT, THERMAL RELIEF
VALVE, PRESSURE RELIEF
BURST DISC
REGULATOR, N 2 PRESSURE, DUAL
FILTER, NITROGEN
VALVE, NITROGEN, SOLENOID LATCHING
VALVE, N 2, NORMALLY CLOSED, SQUIB
VALVE, N 2, NORMALLY OPEN, SQUIB
TANK, NITROGEN PRESSURE
VALVE AND CAP, N 2 FILL AND TEST
6 - PRESSURE TRANSDUCER
3 - TEMPERATURE TRANSDUCER
Midcourse And Orbit Trim tvlonopropellant Subsystem
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to provide the engine-out capability_ and are external to a thermal
shield which is provided for protection against solar radiation
and radiant heat of the orbit insertion motor. The engine TVC torque
motors will be insulated for protection against plume heating of the
solid motor.
The hydrazine is stored in four cylindrical annealed titanium tanks
mounted as shown in Figure 4.3.1-1. These tanks contain a total
of 3190 pounds of useable hydrazine. Ullage space is provided within
the tanks to accommodate the liquid volume changes resulting from
operation within specified temperature limits. Positive expulsion
of the propellant is achieved by an elastomeric bladder, mounted in
each propellant tank as shown in Figure 4.3.1-3. The bladder is
installed with a perforated standpipe through the neck of the tank
and is sealed at both ends of the standpipe by means of seal rings.
As gas pressure is applied between the internal tank wall and the
bladder9 the propellant is forced out through the standpipe and
the bladder travels inward and collapses against the standpipe.
Expulsion efficiency is assumed to be 98_ for the purpose of
determining propellant loading and tank sizes. To minimize the
possibility of bladder damage during checkout_ the expulsion will
be limited to 90_. Mariner experience and development work accom-
plished to date indicate a suitable tank bladder material can be
compounded that will exhibit suitable permeability characteristics
and chemical inertness to avoid interaction with N2H 4 which could
produce a pressure rise in the tanks. Eighty-nine pounds of
nitrogen gas pressurant are stored in two spherical annealed
titanium tanks for engine propellant feed during interplanetary
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trajectory corrections and orbit trim maneuvers. The high pressure
nitrogen gas supply is also stored in annealed titanium pressure
vessels designed for a safety factor of 2.2 at maximum working
pressure and temperature. Redundant isolation valving is provided
in both the pressurant flow and propellant feed lines by series-
parallel circuits. The system is closed by no-leak squib valves
following the first trajectory correction maneuver, through the
extended standby period to the next duty requirement. The propellant
and pressurant feed lines are equipped with filters to minimize the
passage of contaminants into valves or regulators. Redundancy is
provided in the pressure regulation components, and backed up by
a burst disc and pressure relief valve to accommodate any gross
pressurization anomaly. All pressurant and propellant lines are
welded or brazed to minimize leakage.
2)
Austenitic stainless steels or super alloy tubing are used for the
nitrogen pressure and hydrazine lines. Tube connections are made by
utilizing the induction brazing process currently qualified for use
on the Lunar Orbiter spacecraft. In the event that no materials of
this type can meet the spacecraft magnetic requirements, an alternative
approach would be to use aluminum alloy tubing with brazable, corrosion-
resistant steel connectors adapted to the aluminum by a diffusion
bonding process. Diffusion bonding has been developed by Boeing under
NASA contract NAS8-I1307 (MSFC), "Research Study for Development of
Techniques for Joining of Dissimilar Metals."
Functional Block Diagram--A functional block diagram of the midcourse
and orbit trim subsystem is shown in Figure 4.3.1-4. A detailed
definition of interfaces is provided in Section 4.3.1.7.
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3) Logic Diagram--A diagram illustrating the control logic is shown in
Figure 4.3.1-5.
4) Flow Diagram--Propellant and pressurant flow is shown in the pro-
pulsion subsystem mechanization diagram_ Figure 4.3.1-2.
5) Operational Sequence--The operational sequence is the normal flight
procedure and covers starting, operating_ and shutting down the liquid
midcourse and orbit trim subsystem engines and components throughout
the mission.
For each operation, the initiation and duration of engine firing
is predetermined on the ground for transmission to the spacecraft.
Computer and sequencer commands provide signals to energize the
nitrogen squib valves and the propellant squib valves. Propellant
enters the thrust chamber, passes through the catalyst bed, and
decomposes to provide thrust. Following attainment of the required
impulse, and upon autopilot command_ the computer and sequencer
provides a signal for closing the engine solenoid valves to
terminate propellant flow to the engine.
The operational sequence shown in Table 4.3.1-2 consists of three
or more events requiring operation of the midcourse and orbit trim
subsystems as follows:
a) First Interplanetary Trajectory Correction--The propellant
pressurization subsystem and propellant feed subsystem utilize
the same operating concept. Four squib valves mounted in series/
parallel isolate the nitrogen pressurization gas until the
first midcourse correction maneuver. Four similar squib valves
in the propellant feed lines isolate hydrazine until this first
maneuver. One branch is provided specifically for this maneuver
4.3.1-16
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and consists of two normally closed squib valves in parallel
and two normally open squib valves in series. To initiate
the first correction, the two normally closed squib valves in
the nitrogen system are fired open. If either valve fails to
open, the other has sufficient flow capacity to provide nitro-
gen to the regulators. The four regulators in series-parallel
provide redundancy. In the event any one regulator fails open or
closed, the regulating function will still be performed.
Regulated nitrogen is then available to the propellant tanks
to maintain pressure as the hydrazine is expelled. To allow
time for capacitors to recharge, the two squib valves are
opened one minute later, simultaneously with the four solenoid
valves at the four engines. Propellant then flows through the
catalyst bed in each engine where it is decomposed on contact.
To terminate the first maneuver, the four latching solenoid
valves at the engines and the two normally open squib valves
are commanded closed. The solenoid valves provide positive shut-
off and reduGe the shutoff _ransient. The normally open squib
valves with essentially zero leakage provide backup to the
solenoid valves and seal off the propellant until the next
midcourse correction maneuver. One minute later, the two
normally open squib valves in the nitrogen line are fired
closed to seal off nitrogen for added insurance against slow
pressure buildup in the propellant tank during the long time
interval until the next maneuver.
Second Interplanetary Correction--The remaining two normally
closed squib valves in the nitrogen valve bank are fired open.
The two latching solenoid valves in series with these squib
4.3.1-19
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valves are installed in the open position, so nitrogen is now
available for the second maneuver. Sixty seconds later, the
propellant valves are actuated. The two normally closed squib
valves, in series with the two latching solenoid valves (which
have been installed in the open position), are fired open.
Simultaneously, the four latching solenoid valves at the eL_gines
are commanded open. Propellant again flows to the four engine
catalyst beds, is decomposed and provides thrust. To terminate
the maneuver, all six latching solenoid valves are commanded
closed. From this point on, solenoid valves in series will be
relied upon to prevent or limit system propellant leakage. In
the nitrogen line solenoid valves in series will be relied
upon to prevent excessive subsystem nitrogen leakage. In the
event it is later found that there is the probability of a
second midcourse correction maneuver occurring significantly
earlier than 30 days prior to Mars insertion, an additional leg
with squib valves can be added to the subsystem for zero
leakage during the long coast period.
c) Subsequent Interplanetary Correction, Augmentation of Orbit
Insertion, and Orbit Trim Corrections--To initiate a correction
maneuver, the two nitrogen latching solenoid valves are simul-
taneously commanded open. Then, 60 seconds later, the six
latching solenoid valves in the propellant feed subsystem are
simultaneously commanded open. The reverse sequence is
followed for thrust termination.
Electrical Control--The electrical control system for the midcourse
and orbit trim system, shown in Figure 4.3.1-11, contains the input
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logic, power amplifier switch drivers, and associated power con-
verters for actuating the pressurant and propellant solenoid valves.
The input logic circuits accept control signals in the form of
pulses from either the C&S or the command subsystem. These signals,
which are amplified by the switch drivers, control the relays that
switch power to the appropriate coil of the latching solenoid
valves. Separate input signals are required for the "ON" and "OFF"
positions of the valves. Power converters are utilized to convert
2.4 kc prime power to regulated 28 v.d.c, for the logic circuits
and switch drivers. Because of the high peak power required by the
solenoid valves, they are driven from the high power, unregulated
d.c. supply. The input circuits, switch driver, and power con-
verters are parallel redundant to meet system reliability
requirements.
7)
The jet vane actuator motors are driven directly from the autopilot
jet vane electronics. A position feedback signal from the actuator
motors to the autopilot completes the jet vane control loop. The
reference voltage for this feedback signal is supplied from the
autopilot.
Sterilization--Based on sterilization tests conducted by Boeing,
hydrazine exhibits the characteristic of being self-sterilizing.
Further testing in Phase IB is recommended to determine that this
characteristic is sufficient to prevent viable micro-organisms
from being ejected during a Mars orbit trim maneuver. The e_tire
midcourse and orbit trim propellant subsystem will be wetted with
hydrazine during the first midcourse maneuver, and will remain
filled with hydrazine to the engine shutoff valves after
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completion of the maneuver. The hydrazine will then have adequate
time to sterilize this portion of the system before the Planetary
Vehicle approaches Mars. Downstream of the engine valves, the
catalyst bed and nozzle will be at a high temperature during this
first firing and it is expected that a combination of heat, the
flushing action of the propellent and gases, and the sterilizing
effect of the hydrazine will rid the engines of micro-organisms.
To verify this method as an effective means of sterilization,
engine hot firings will be conducted as a part of the Phase IB
sterilization tests and the ejecta examined for viable micro-
organism content. The nitrogen pressurization subsystem will be
decontaminated with ethylene oxide, purged, and charged with aseptic
nitrogen.
4.3.1.5 Performance Characteristics
Pertinent performance characteristics presented in this section include
engine, jet-vane, pressurization subsystem, and overall monopropellant
performance. Physical characteristics are provided in Section 4.3.1.6.
i) Engines--Monopropellant engine performance characteristics are
shown in Table 4.3.1-3. The following performance characteristics,
including thrust, specific impulse, start and shutdown impulse,
size, and weight, are design specifications for the required new
monopropellant engine. These engine characteristics are based on
those of similar engines that are currently being designed and
tested under NASA contract 7-372. The monopropellant engine
envelope is shown in Figure 4.3.1-6. The effect of initial
catalyst-bed temperature on pressure rise delay time is shown in
Figure 4.3.1-7. These pressure rise delay times are of particular
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Table 4.3.1-3 MONOPROPELLANT ENGINE DATA
Status
Propellant
Engine Thrust, Vacuum
Engine Specific Impulse,
Vacuum, Steady State
Expansion Ratio Ae/At
Exit Area
Chamber Pressure
Start Response Lag
Shutdown Response Lag
Minimum Total Impulse Bit
Throttle Ratio
Restart Capability
Design Burn Time
Ignition
Cooling
Weight, Dry, per engine
Size Length
Diameter
Thrust Vector Type
A _ 1
_ug±e
Actua ti on
Fuel Inlet Pressure
Additional Development Required
Hydrazine, MIL-P-26536B
200 LBF
235 LBF - sec/LBM
50
38.2 sq. in.
150 psia
25 ms on to first rise
625 ms first rise to 90_, cold
i0 ms off to first drop
140 ms first drop to i0_
50 ib-sec
None
Multiple
1500 seconds
Spontaneous Catalyst
Radiation
13.64 LB
2.85 LB for jet vanes
14.9 inches
7.0 inches
Jet Vanes
±5 °
D.C. Torque Motors; Position Feedback
260 psi nominal
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t
3.7
2.6
9.6
14.9
Figure 4.3.1-6: 200-Pound Monopropellant Hydrazine Engine
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significance for minimum velocity increment midcourse maneuvers
following long coast periods, as delay times will vary by a factor
of five within the allowable subsystem temperature control limits.
Engine thrust chamber and nozzle surface temperatures at various
axial stations are presented in Figure 4.3.1-8.
Engine exhaust plume characteristics that affect spacecraft thermal
balance are shown in Figure 4.3.1-9.
Jet Vanes--A jet vane performance curve showing thrust deflection
for a given vane deflection is given in Figure 4.3.1-10. Vane
performance is based on vane lift and drag data from JPL (Mariner)
Specification MC-4-610A.
Pressurization--The pressurization portion of the subsystem uses
regulated nitrogen gas for positive propellant feed to the engines.
Pressurization components include two interconnected N2 pressure
tanks, squib and solenoid valves with redundant flow paths,
redundant pressure regulators, filter, burst disc and relief
valve. The tanks are charged to an initial pressure of 3500 psia,
and contain a total of 89 pounds of nitrogen.
The propulsion pressurization system pressures (in pounds per
square inch absolute) are:
Storage pressure, initial
Regulator inlet pressure, nominal
Regulator outlet pressure, nominal
Propellant tank pressure, nominal
Relief valve cracking pressure, nominal
3500
3500 to 1000
280
280
330
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Figure 4. 3. I- 8: Thrust Chamber And Nozzle External
Temperatures- hlonopropellant Engine
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CONDITIONS
PC = 150 PSIA
TC = 226.0°R
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Me = 4.4
8e = 9°
'1' = 1.35
P _ = VACUUM
Re =4.25 INCHES
24
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,J7Zo i M=30.835Z 16 _ P = °00018u /" T = 18.43
- ;/ /
P = .00197
O 12 _ T =34.69
Z T = 69.2
M= 12.07
_ P = .21
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Figure 4.3.I-9: Hydrazine Engine Exhaust Plume
Characteristics
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Figure 4.3.1-10: Jet-Vane Deflection Vs Thrust Vector Deflection
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Monopropellant Subsystem--Pertinent subsystem performance parameters,
including total impulse, impulse duration, and propellant weight, are
shown in Table 4.3.1-4. Interplanetary trajectory correction total
impulse is based on the maximum initial gross weight of 19,500 pounds
and a velocity increment of 200 meters per second with a 2000 pound
capsule. Orbit trim total impulse is based on a maximum initial gross
weight of 7,344 pounds and a velocity increment of i00 meters per
second.
Maneuver
TABLE 4.3.1-4 MIDGOURSE CORRECTION AND ORBIT TRIM
PROPULSION SUBSYSTEM PERFORMANCE
PARAMETERS
Total
Impulse
(LBF-Sec)
Engines
Burn Time
(Sec)
Interplanetary Trajectory
Corrections
Orbit Trim Maneuvers
Orbit Insertion Vernier
TOTAL
390,800
76,550
282,300
749,650
Propellant
Weight
(LB)
489
95
353
937
1663
326
1201
3190
4.3.1.6 Physical Characteristics
A subsystem weight statement is shown in Tables 4.3.0-1 and 4.3.0-2. Power
requirements and power interfaces are shown in Table 4.3.1-5 and
Figure 4.3.1-11, respectively. Physical characteristics of this system
are given in Table 4.3.1-6.
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Table 4.3.1-5
MIDCOURSE AND ORBIT TRIM SUBSYSTEM POWER REQUIREMENTS
MISSION
SEQUENCE
ist Midcourse
Correction
2nd Midcourse
Correction
3rd Midcourse
Correction
ist Orbit
Trim
2nd Orbit
Trim
OPERATION
Startup
Shutdown
Startup
Shutdown
Startup
Shutdown
Startup
Shutdown
Startup
Shutdown
COMPONENT
4 Latching Solenoid Valves
4 Latching Solenoid Valves
4 Latching Solenoid Valves
8 Latching Solenoid Valves
8 Latching Solenoid Valves
8 Latching Solenoid Valves
8 Latching Solenoid Valves
8 Latching Solenoid Valves
8 Latching Solenoid Valves
8 Latching Solenoid Valves
POWER
WATTS
240
240
240
480
480
480
480
480
480
480
Note: i. Power required for squib valve actuation will
be provided by the Pyrotechnic Subsystem.
2. Power for the TVC jet vane torque motors will be
provided by the Autopilot.
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Table 4.3.1-6
PHYSICAL CHARACTERISTICS
MIDCOURSE CORRECTION AND ORBIT TRIM SUBSYSTEM
Subsystem Inert Weight
Subsystem Length Overall
Subsystem Outside Diameter
Subsystem Inside Diameter
Cylindrical Hydrazine Tanks (4)
Volume per Tank
Length
Diameter
Material
Spherical Nitrogen Tanks (2)
Diameter
Material
Number of Engines
Engine Arrangement
Engine Cant Angle
772 pounds
139 inches
ii0 inches
56 inches
13.7 Ft 3
74 inches
21 inches
Annealed Titanium
21.4 inches
Annealed Titanium
4
Grouped in Pairs
13 °
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4.3.1.7 Interface Definition
Physical and functional interfaces between the midcourse propulsion
subsystem and other subsystems are defined in Table 4.3.1-7. Included
also are interfaces with the operational support equipment.
4.3.1.8 Reliability and Safety Analysis
The high reliability of the midcourse and orbit trim subsystem is based
on simplicity and redundancy. Positive isolation of pressurant from
propellant, and propellant from engine-inlet solenoid valves minimizes
leakage. A combination of regulators, squib-actuated valves9 and
solenoid-actuated valves is used to control the gas pressuran% and pro-
pellant flow. This redundant valving network provides positive isolation
of both pressurant and propellant after each operation of the mono-
propellant engines. A nonpropulsive re]ief valve is provided downstream
of the regulators to prevent over-pressurization of the propellant
tankage. The engines are operated together. If one engine experiences
a malfunction, it will not be shut down or isolated. The remaining
three engines are capable of providing adequate thrust and thrust vector
control to compensate for the asymmetry. A thermal relief valve is pro-
vided to permit expansion of the propellant trapped between the
isolation valves and the engine inlet valves. The monopropellant
engines_ operating at relatively low pressures and temperatures 9 have
high reliability.
The reliability of the midcourse and orbit trim subsystem was determined
by combining the probability of failure of all of its components.
Probable number of failures during the mission for each component or
group of redundant components which must perform a function for mission
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BOglNG-- SPACE DIVISION
D2-82709-6
co
(D
n_
H Z
co
%o
z
O
H
(O
8
co
8
C3
H
I
<
z _ o_ g _ o_ _o _
- _ _ = _ _ _ _ _
- o o o ._ _
>- _ _ _ _ _ _ _ _ ._
o
o_
_,_
o= o o_ _
_._ 8o- o o_, o _
_ _ _. _ o_ _ o_
._ =_ . _ _ ._ .?_
O × x x x x
x x x x >_ x
x
x x x x x x x x x >4
_._ _ _ _ o_ _
•._ _ _ _ _
co _
o c
o_
_ _ o_
_ _ _ .
z _ _
0 ,_ _ _ o o
m
z , , _ _ _ o_ • ._ _ oo
_ _ +_+_
o _
.SS _ .o d ..
_._c
+_ ._ _ _ o _ _
.H_ k +_ k _
_o o_
o
o>
o
+_
o
-o
o
O_ ?, _, T, _ _ .S = _ =
r_ _ r0
o o o _2 u
j S S _
4.3.1-36
BOEING--SPACE DIVISION
D2-82709-6
success were summed to obtain a combined failure expectancy for the
subsystem. From this result, the subsystem reliability was determined
to be 0.9982. This analysis is shown in Table 4.3.1-8. The high
value of unreliability for piping, tanks, and connections for the N2
pressurization system accounts for leakage over the long mission time
period which would affect the accomplishment of the orbit correction
maneuvers.
A failure mode and effect analysis was performed for the liquid mono-
propellant subsystem. One hundred seventy-eight failure modes were
e_tablished, evaluated and then classified as being remote and non-
remote. The remote type failure modes reflect failures primarily in
structures and are discussed in greater detail in the following para-
graph. The non-remote failures are of primary importance and totals
for each failure source were computed as percentage of all non-remote
failures. Seven of the failure sources which make up 83.5_ are, in
order of severity, leakage and sealing, mechanical, fabrication,
installation, electrical, human error, and structural. The preferred
design configuration is based on the elimination and/or reduction of
all failure modes.
The distribution of the failure probability was related to criticality
of failure effects. The probability of failure modes was expressed as
probable, less probable, slight, and remote. The catastrophic failure
category is of extreme importance and no failures of this category were
found to occur in the "probable" and "less probable" classifications.
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Table 4.3.1-8
MONOPROPELLANY MIDCOU_SE A} D ORBIT Tl
Ax 106
N2 Tubing, Tanks, Fittings
Valve, Squib, N.O., N2
Valve, Squib, N.O., N2
Valve, Squib, N.C., N2
Valve, Solenoid, N2 - Close
- Open
- Leak
Filter, N2
Regulator, Pressure, N 2
N2H 4 Tubing, Tanks, Fittings
Bladder, Prop. Expulsion
Filter, Prop.
Valve, N.C. Squib, Prop.
Valve, N.O. Squib, Prop.
Valve, N.C. Squib, Prop.
Valve, Solenoid, N2H4 - Close
- Open
- Leak
Check Valve, Thermal Relief
Relief Valve, Burst Disc
Engine
Orifice
Jet Vane Assembly, IVC
Predicted Reliability - 0.9982
FAILURES/
HR OR CYCLE
0.167
25
25
25
1
1
.5
3.3
2.4
0.0047
2OO
3.3
25
25
25
i
i
.5
i
0.001
i00
.15
15
SUBSYS 7EM RELIABILIIf
NAt
t
HR OR CYCLE x 106
5112 hr 855
1 cycle negl.
i cycle negl.
1 cycle negl.
3 cycles negl.
3 cycles 6
4364 hr negl.
1
negl.
96
8OO
2
negl.
negl.
negl.
negl.
negl.
negl.
negl.
i0
negl.
negl.
negl.
1770
i
Redun.
Redun.
Redun.
Redun.
2
Redun.
.3 hr
.3 hr
5112 hr
i cycle
.3 hr
i cycle
i cycle
i cycle
4 cycles
4 cycles
4364 hr
0.3 hr
5112 hr
4 cycles
.3 hr
.3 hr
1
1 quad
4
4
2
Redun.
Redun.
Redun.
Redun.
Redun.
Redun.
1 quad
2
3of 4
4
3of4
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Operational procedures for the spacecraft propulsion subsystem will be
formulated to ensure maximum safety of personnel, equipment and facilities.
Factors to be considered in establishing procedures pertain to all
potential hazards 9 including three primary hazards: fire, explosion, and
toxicity. The following three e_ements must be present for a fire to
occur: heat, oxidizer_ and fuel. The elimination of any of these ele-
ments will preclude the danger of fire.
In the elimination process, factors to be considered during propellant
servicing, subsystem checkout_ and propellant transfer are as follows:
i) Propellant Servicing and Subsystem Checkout
a) Proper grounding to certified ground.
b) Avoidance of sparks from tooling
2) Propellant Transfer (Storage to 0SE)
a) Proper common bond and grounding
b) Proper tooling for making connections
3) Propellant Transfer (0SH to Propulsion Subsystem)
a) Proper grounding
b) Proper tooling
c) No smoking in operations areas
4.3.1.9 Development Status
i) Subsystem--The hydrazine monopropellant preferred midcourse cor-
rection subsystem employs the same basic design concept as the
Mariner propulsion subsystem and would exploit the propulsion
technology gained in that program. The chief differences between
this preferred subsystem and the Mariner propulsion subsystem are
summarized as follows:
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a) Thrust level and number of start capabilities are greater
because of different mission requirements.
b) Series-parallel redundancy has been incorporated to ensure
that a single component failure will not cause mission
failure.
c) Catalyst beds have been incorporated rather than hypergolic
start cartridges because of the greater number of starts and
favorable development progress of spontaneous catalyst beds.
d) Multiple engines provide engine-out capability, efficient
packaging, and permit low thrust per engine for lower risk
development.
Although these deviations make the development and qualification of
a new subsystem necessary, nevertheless, it is still similar enough
to the Mariner propulsion system to allow the incorporation of
similar hardware. Consequerltly, the preferred subsystem design
offers low de velopme:_t risk and no major development problems can
be foresee:;.
Hydrazine Engines--Experief_ce has beel, gained and technology
develope:1 on the Mariner program with hydrazine monoprope]lant
engines. A deviation from the Mariner engine concept is recommended
in the catalyst bed. The requirements for the several operations
of the inidcourse and orbit trim propulsion ec,gines require that a
simple and reliable means for restarting an engine, after long shut-
down periods, be provided. At the preser, t stage of development,
there is confidence within the industry that a catalyst will fulfill
all requirements. In the JPL EPD 250, "Mariner Mars 1969 Orbiter
Technical Feasibility Study," page 11-128, it was stated, "The
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spontaneous catalyst has been developed under NASA Contract NAS 57-9
and is at the stage where it can be considered for flight use."
The problems of pres_re transients during start of a hydrazine
engine with spontaneous catalyst bed are recognized. Proper design
of the reactor and injector will assure smooth operation. Verifi-
cation tests will be performed as a part of the sterilization tests
discussed below.
Engine firings are recommended in Phase IB to further investigate
the sterilization effectiveness of hydrazine as applied to the mid-
course correction and orbit trim subsystem. As discussed in para-
graph 4.3.1.4, some testing has been conducted by Boeing which
demonstrated that hydrazine is self-sterilizing, but before other
sterilization measures can be dispensed with, it must first be shown
conclusively that the combination of hydrazine exposure, heat and
flushing action during the first midcourse maneuver are completely
effective in decontaminating the engines.
It is recommended that five test firings be conducted in a vacuum
with an engine incorporating the final internal geometry of the
flight configuration. The duration of each firing will be the
minimum pulse required to provide the ten day separation time for
the arrival of the two Planetary Vehicles at Mars. Prior to each
firing, the engine will be contaminated with viable micro-organisms.
The engine ejecta will be examined to determine the effectiveness
of decontamination of each firing.
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Regulators--It is proposed to use the JPL regulator design used on
Mariner in the preferred subsystem, with only a change in size to
allow for higher flow demands. This regulator, which incorporates
simplicity by use of the Belleville spring concept, and is of all-
metal, welded construction with internal filter, has already
demonstrated its capability for deep space application. Its pressure
range and tolerance band of _3 psi at rated temperature and _5 psi
at temperatures from 14° to 157°F are adequate for this application.
Other Components--The remaining subsystem components such as tanks,
valves, and filters are essentially off-the-shelf type hardware
except that more rigid qualification testing, traceability, config-
uration, and qualification control requirements will be necessary.
4.3.1.10 Trade Study Summary
Trade studies conducted on the midcourse correction subsystem are as
follows:
l)
2)
3)
4)
5)
6)
7)
8)
9)
Monopropellant vs. bipropellant systems
Optimum engine number and arrangement
Propellant storage
Thrust vector control jet vanes vs. gimbals
Malfunction characteristics and engine-out capability
Propellant positive expulsion
Pressurization methods
Propellant feed system configurations
Thermal control
These trade studies are presented in detail in D2-8270g-IO, Volume C,
(Confidential).
4.3.1-42
/
/
/
/
CONTENTS
PAGE
\
i
BOEING-- SPACE DIVISION
D2-82709-6
4.3.2 Orbit Insertion Subsystem
4.3.2.1 Summary
The selected spacecraft orbit insertion subsystem shown in Figure 4.3.2-1
consists of a solid-fueled motor, a liquid Freon secondary injection
thrust vector control, and a nitrogen gas roll control to compensate for
exhaust gas swirl effects. The solid fueled motor plus vernier provides
a 7833 _^^* .... (2387 m/s) orbit insertion ,,_i_,, • _ _+•==_-F_-second v= lncre,,,e,,_ for
the 1971 mission based on a 2000-pound capsule weight as shown in Figure
4.3.2-2. This results in a maximum g-loading on the Planetary Vehicle of
3.5 g's. The subsystem weighs 10,400 pounds and has a predicted relia-
bility of 0.998.
The preferred orbit insertion subsystem is a modified, solid-fueled
Minuteman Wing VI second stage motor• This selection was made as a
result of the propulsion trade studies which compared solid propellant
motors, Titan IIIC Transtage, and the Lunar Excursion Module for this
application. The trade studies and factors leading to this choice are
documented in Volume C. The orbit insertion solid motor data is
s_mmarized in Table 4_3_2-!_
To adapt the Minuteman second stage to the Voyager application, the
following modifications are required:
• Shortened motor case--Approximately 36 inches will be removed from
the cylindrical portion of the motor case. This will reduce the
total impulse and maximum thrust to the required values.
• Extension of nozzle skirt--A 15-inch extension on the nozzle skirt
will be required to reduce the exhaust plume thermal load on the
solar panels. This extension will result in an improvement in
specific impulse of 5.2 seconds.
4.3.2-1
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Table 4.3.2-1 ORBIT INSERTION PROPULSION SUBSYSTEM
PERFORMANCE PARAMETERS
Thrust, average
Motor Specific Impulse
Total Impulse
Expansion Ratio
Exit Area
Chamber Pressure (average)
Ignition Delay Time (time to 90_)
Action Time
TVO Angle
Injector Valve Response
Value
33,870 LBF
32.5/1
2370 sq. in.
255 psia
300 milliseconds
78 sec
2° max
43.8 cps
Classified--Information is shown in Volume C, D2-82709-I0
(Confidential)
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• Modification of thrust vector control system--The hot gas pressurant
supply will be replaced with stored nitrogen gas to eliminate possible
contamination of solar panels and other sensitive areas with the gas
generator exhaust. The stainless steel Freon injectant tank will be
replaced with an identical tank fabricated from 6A1-4V titanium. In
addition, a four-pound stainless steel ring in the nozzle throat assembly
will be replaced with non-magnetic material. These changes are necessary
to meet magnetic requirements. Several other detail parts of the motor
assembly contain varying amounts of stainless steel. Subsequent analysis
will establish the magnetic effect of these parts. Materials substitu-
tion will be made where required. In addition, the electrically-driven
hydraulic supply system currently used for powering the first stage of
the thrust vector control injector valve will be deleted. Instead, Preon
will be used in all stages of the valve. This change minimizes inter-
dependence between subsystems.
• Roll Control--The hot gas roll control system currently used in the
Minuteman second stage to counter motor swirl torques will be deleted.
A pair of 6-pound-thrust nitrogen thrusters, powered by the Preon
pressurant supply, will be added to the propulsion module to accomplish
the same purpose.
• Sealing of rocket motor--The nozzle will be sealed to permit maintaining
positive pressure on the propellant grain during space storage. Other
seals in the nozzle assembly and motor case will be tested during Phase
IB to assure their capability in space environment. In addition, tests
will be continued to determine the capabilities of the propellant grain
to survive long storage periods in a hard vacuum.
All of the foregoing changes are discussed in greater detail in Section
4.3 •2.4.
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The solid fueled motor chosen for use is similar to that used in Phase IA
Task A except that it produces more thrust to accommodate the larger vehicle
and is cylindrical in shape instead of an oblate spheroid.
4.3.2.2 Applicable Documents
i) Minuteman Data Book (Revision 1), GM-TR-OI65-O0478 (Section 4.0)
(Confidential)
4.3.2.3 Design Constraints and Requirements
The design constraints and requirements for the orbit insertion subsystem
are as follows:
i) The subsystem will provide the capability of imparting to a 4500-pound
mass (2000 LBM capsule plus 2500 LBM bus) a minimum velocity increment
of 2.0 km per second for fulfillment of orbit insertion maneuver
requirement to an accuracy of 43 feet per second.
2) Thrust vector control during orbit insertion maneuver will be provided
by the solid-fueled motor secondary fluid injection system. The
secondary injection system will be capable of producing a maximum
deflection of the thrust vector of the solid-fueled motor of 2
degrees.
3) Flight spacecraft acceleration resulting from the orbit insertion
rocket motor thrust will not exceed 4.5 g's for the no-capsule
condition.
4) The orbit insertion subsystem will be capable of being installed and
removed from the propulsion subsystem without disturbing the midcourse
and orbit trim subsystem.
5) The subsystem must be capable of space vacuum environment storage in
excess of 4(>3 days without causing any deleterious effect on the
flight spacecraft or performance.
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6)
7)
8)
9)
io)
il)
i2)
The subsystem, in the fueled and pressurized condition, will not
endanger personnel in the vicinity at ambient temperatures up to
125°F.
The subsystem will not require liquid or gaseous umbilicals.
Capability for propellant loading or unloading while mated to the
launch vehicle will not be provided.
The subsystem will be designed to be removable as a unit from the
spacecraft.
The subsystem will be designed to be independent of other flight
spacecraft functional elements wherever possible.
The subsystem and its components, when subjected to required
sterilization, will have no reduction in capability.
The subsystem and each of its components will be designed to be
cleaned in and will not contaminate a Class i00,000 clean room.
4.3.2.4 Preferred Design and Functional Description
The following is a functional description of the selected orbit insertion
subsystem which consists of a solid fueled motor, secondary liquid injec-
tion thrust vector control and gaseous nitrogen roll control. The
mechanization of the thrust vector control and roll control is shown in
Figure 4.3.2-3.
l) General Description--The orbit insertion solid-fueled motor is
shown in Figure 4.3.2-4. The motor chosen for the preferred system
is basically a shortened Minuteman Wing VI second stage.
The motor, plus vernier, provides an orbit insertion velocity
increment of 7833 feet per second based on a 2000 pound capsule.
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Total motor weight, exclusive of the thrust vector control system,
is lO,OlO pounds. Propellant weight, exclusive of thrust vector
control, is 9045 pounds, which results in a mass fraction A', of
0.904. Solid fueled motor data are presented in Table 4.3.2-1.
Major motor components are: propellant, case, igniter, safe and
arm device, nozzle, liner and insulation, and thrust vector control.
Propellant--The selected propellant, ANB-3066, is in production for
the Minuteman Wing VI second stage motor. This propellant meets
all performance and structural requirements. It is an aluminized
carboxyl-terminated polybutadiene propellant of which over 4,000,000
pounds have been produced. The vacuum-delivered specific impulse
with an expansion ratio of 32.5 (contoured nozzle), is classified
(presented in D2-82709-I0). Propellant burning rate is 0.27 inch per
second at 255 psia. The propellant is non-detonating; it is rated
as a Class 2 explosive hazard. The qualification temperature range
applicable to the above Minuteman motor is +60 o to +lO0°F. Demon-
strated propellant temperature limits are -15°F to +135°F.
Motor Case and Nozzle--The Minuteman titanium chamber is a weldment
of several forged sections. In the cylindrical section, there are
two rings joined by a circumferential weld. At each end of the
cylindrical section, other circumferential welds join forward and
aft Y-joint closure skirt assemblies. Modification to the chamber
involves shortening this cylindrical section by 36 inches. This
will be done by shortening one or both of the forged rings leaving
the Y-joint/closure/skirt assemblies unchanged. This modification
will not require a change in tooling, welding, heat treat, or forging
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techniques. It is felt that all the design and test experience of
the Minuteman Wing VI chamber will be directly applicable, since
only the length of the cylindrical section will be changed. The
Minuteman Wing VI chamber has been subjected to five successful burst
tests to demonstrate the adequacy of the design and to qualify vendors.
To date 350 chambers have been successfully hydro-proof-tested to 672
psi (1.70 times proposed maximum operating pressure). This proof test
is required for each chamber fabricated. There has never been a
failure in a hydro-test for the Minuteman Wing VI chamber.
The design selected by Boeing utilizes the Minuteman nozzle throat
section unchanged. Nozzle design consists of a submerged, molded
entrance section, a non-eroding tungsten throat insert, a molybdenum
support ring, an ablative primary exit cone insert, steel and tita-
nium structural members, and a silica-phenolic ablative exit cone
extension. The nozzle exit cone is lengthened 15 inches. This
extension is provided to limit solar panel temperature during rocket
firing. The expansion ratio is increased from 24.8 to 82.5 and approxi-
mately 5.2 seconds of specific impulse is gained by this change.
The nozzle exit cone is manufactured with silica-phenolic tape
wrapped on a mandrel and cured under heat pressure. The wrapping
is in two layers, each layer having a different angle between the
tape and the nozzle center line. At the forward end, a metal flange
is attached to the assembly and secured in place using a wrap of
epoxy-impregnated glass roving. Lengthening this exit cone 15 inches
involves building a mandrel of longer length, and wrapping the exit
cone longer. Adjustment in number of wraps of tape for thickness
BOEING--SPACE DIVISION
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4)
required for structural purposes (such as seal attachment) can
easily be accomplished. Here again, Minuteman component develop-
ment and qualification testing, as well as material evaluation and
processes development, are directly applicable to the Voyager program.
Igniter and Safe and Arm--Ignition of the solid motor is provided by
a forward mounted igniter. This is the same igniter that is used
on the present Minuteman Wing VI motor and no changes to it are
required. A safe and arm device, located at the forward end of the
igniter, prevents inadvertent ignition.
Thrust Vector Control--Thrust vector control is provided by seconddry
liquid injection into the exhaust nozzle through four modulated flow
injector valves controlled by servo action upon autopilot signal.
The Freon I14B2 injectant is stored in an elastomer laminate bladder
fitted within a toroidal metal tank, positioned around the motor
nozzle. Prior to ignition of the solid motor, the normally closed
squib valves are actuated admitting the stored high pressure nitrogen
to the pressure regulators to pressurize the Freon tank. Burst
discs between the tank and injector valves rupture prior to reach-
ing system operating pressure.
The thrust vector control system differs from that used on the
Minuteman motor as follows:
The Freon storage tank will be identical to the current Minuteman
tank except that it will be fabricated from 6AI-4V titanium in-
stead of 17-7PH stainless steel. This change is necessary because
of the magnetic characteristics of the stainless steel. The Minute-
man bladder made of a Viton and Dacron laminate will be used unchanged.
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Nitrogen stored in two spherical annealed titanium tanks at 3500
psi will be used to pressurize the Freon supply. Nominal Freon
pressure is 450 psi. This change eliminates the hot gas pressurant
system, currently used on Minuteman, which could contaminate sensi-
tive areas of the spacecraft with exhaust constituents. This
approach is conservative in that it provides a cooler environment
for the expulsion bladder during thrust vector control operation.
The separate hydraulic supply for the injector servo valve will
be eliminated. The Minuteman TVC system employs a self-contained
hydraulic system powered by an electrically driven pump for con-
venient checkout in the silo. To simplify the system and eliminate
the hydraulic pump power drain, Voyager servo valves will be operated
by the pressurized Freon. Ground checkout of the servos will still
be possible since the servo valve plumbing is isolated by check
valves and provided with a test connection. The Minuteman servo
valves were originally designed for use with Freon so no incompati-
bility of dynamics or materials is anticipated. The maximum by-
pass flow from the servo valves, approximately one gallon during
the burn time of the motor, is vented overboard.
6) Roll Control--Roll control is required during solid motor firing to
counteract exhaust swirl _^^* T_e_=_s .... e current Minuteman stage
utilizes a pair of hot gas thrusters to provide the necessary roll
moment. In the preferred design, these thrusters and gas generator
will be replaced with a pair of 6-pound thrust nozzles utilizing
nitrogen from the TVC pressurant system as propellant. This change
will eliminate the possibility of contamination of sensitive areas
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on the spacecraft by the gas generator exhaust plume. Quad-solenoid
valves at the nozzle inlets control flow to the nozzles and provide
redundancy to assure flow. A schematic of this system is given in
Figure 4.3.2-3.
4.3.2.5 Performance Characteristics
The propulsion subsystem performance parameters discussed below include
subsystem tolerances, sensitivity, and transients. Table 4.3.2-1 sum-
marizes the propulsion subsystem performance parameters.
i) Propulsion Subsystem Sensitivity Coefficients--Sensitivity coeffi-
cients describing start burn or burnout weight variations as a
function of specific impulse variations are given in Table 4.3.2-2.
Coefficients are based on propulsion subsystem nominal weight break-
down values given in Table 4.3.0-1. Contingency allowances are incor-
porated as spacecraft inert weight.
Table 4.3.2-2 ORBIT INSERTION PROPULSION SUBSYSTEM
SENSITIVITY COEFFICIENTS
UNITSCONDITION
Constant Start Burn Massl
Constant Burnout Mass
Constant Start Burn
and Burnout Mass
_MBo LBM
_I s LB F
SENSITIVITY
COEFFICIENT
LBM/Sec
_MsB LB M
_-_s LBF
I
2)
LBM/Sec
_( A V) FT/Sec
Is LBF
LBM/Sec
SOLID MOTOR VERNIER
+22.4 +6.3
-44.8 -7.8
+23.0 +4.7
Transients--The thrust-time transient associated with the solid
motor is shown in Figure 4.3.2-5. Motor and propellant temperature
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Figure 4.3.2-5: Orbit Insertion Subsystem
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is assumed to be 70°F.
Solid Motor--The orbit-insertion rocket motor nominal vacuum thrust
time trace will produce flight spacecraft maximum accelerations as
shown in Figure 4.3.2-6. Vacuum thrust and chamber pressure time
traces are provided in Figure 4.3.2-7. Solid propellant properties
will be as shown in Table 4.3.2-3.
Functional Block Diagram--A functional block diagram of the orbit
insertion propulsion subsystem is given in Figure 4.3.2-8. This
block diagram, in conjunction with the midcourse and orbit trim
propulsion subsystem block diagram in Figure 4.3.1-3 comprises the
spacecraft propulsion block diagram.
Logic Diagram--A diagram illustrating the control logic of the orbit
insertion propulsion subsystem is shown in Figure 4.3.2-9. This
diagram, in conjunction with the midcourse and orbit trim propulsion
logic diagram in Figure 4.3.1-5 comprises the spacecraft-propulsion
logic diagram.
Thrust Vector Control--The thrust vector control duty cycle, shown
in Figure 4.3.2-10 is based on a vehicle lateral center-of-gravity
offset of 0.25 inch and a conservative installed motor nominal-thrust
vector angularity of 0.25 ° . The minimum distance between the thrust
vector trunnion point during secondary injection and the spacecraft
center-of-gravity during burning is 88 inches. The thrust vector
control valves are sized for a maximum deflection angle of 2 degrees
which is adequate for quickly stabilizing the vehicle following
retro-thrust ignition. The secondary injection system will operate
at a pressure of 450 psi. Hight and one half pounds of nitrogen are
provided for secondary injection pressurization.
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TABLE 4.3.2-3
PROPZLLANT PROPFRTI£S - ORBIT INS£RTION MOTOR
Performance
Delivered Vacuum Isp (LBF-Sec/LBM) (Assumed)
Average Thrust (LBF)
Maximum Thrust (LBF)
Maximum Chamber Pressure (psia)
Propellant Ballistic Properties
Burning Rate at 500 psia (in./sec)
Burning Rate Exponent
Density (LBM/in3)
Mass Flow Coefficient (LBM/LBF-Sec)
Desiqn Data
Throat Area (in. 2)
Exit Area (in.2)
Expansion Ratio
Nozzle Configuration
Volumetric Loading (percent)
Physical Properties
(77oFandStrainRateof 0.74in./min/in.)
Modulus (psi)
Strain at Maximum Stress (96)
Max. Stress (psi)
Burning Rate Characteristics
Classified
33,870
52_500
400
.337
.33
.0638
.0O63
72.91
2370
32.5
Contoured
86.0
392
49
88
3 4 5
PRESSURE (10 2 psia )
6 7
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Figure 4.3.24: Logic Diagram Orbit Insertion
4.3.2-23
BOEING-- SPACE DIVISION
D2-82709-6
o
o
o
o
(].)
¢.)
o
t-
O
,m
CD
c-"
Z
O "_
_.; f-
,,, O
o v
_-- O
z
o _
O "--
_- t/1
t_
o _-
o
o
¢5
I
,B
t.L
",4" c0 ¢4 ,--
9
I
i
o
(S::I::I_I03C]) ::rIONV _I01D:IA lSFI_N1
¢4
4.3.2-24
PPropellant
No. of Nozzles
Thrust Level
Flow Rate
Nitrogen Stored
Moment Arm
Angular Acceleration
I
sp
Duration
Expansion Ratio
Inlet Pressure
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7) Subsystem Performance--The orbit insertion propulsion subsystem
performance is presented in Table 4.3.2-1.
8) Roll Control--The roll control subsystem provides a moment of 30
foot-pounds to counteract the moment induced by swirl of exhaust
gases in the solid motor. Data are presented in Table 4.3.2-4.
9) Electrical Power--The orbit insertion propulsion subsystem electrical
power requirements are provided by the pyrotechnics subsystem and
guidance and control subsystem.
Table 4.3.2-4
ORBIT INSERTION ROLL CONTROL DATA
Gaseous Nitrogen
2
6 LBF
.088 LBM/Sec.
3.3 lbs. _
5 ft.
.236°/sec
68 LBF-Sec
LBM
90 _ec, (intermittently _
40:1
450 psia
* Nitrogen obtained from solid Motor YVC nitrogen supply
D
4.3.2.6 Physical Characteristics
Grain Design--The grain for the proposed motor is a modified Finocyl design.
This design has been successfully demonstrated on the Minuteman missile.
The proposed grain configuration results in a regressive thrust-time trace_
with low inertial loads.
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Insulation--Motor internal insulation is molded co-polymer styrene
butadiene rubber. This insulation has demonstrated i00 percent reliability
on the Minuteman program. At the major diameter of the Finocyl slot, where
the insulation is exposed for nearly the full duration of the firing,
the insulation is 0.28-inch thick.
Physical characteristics are summarized in Tables 4.3.2-4 and 4.3.2-5.
4.3.2.7 Interface Definition
The interfaces with spacecraft equipment include electrical power, guidance
and control, telemetry, command, structural and mechanical, pyrotechnic,
thermal control, and operational support equipment. These interfaces
are shown in Table 4.3.2-6.
4.3.2.8 Reliability and Safety Analysis
The reliability of the orbit insertion propulsion system is 0.9977.
The subsystem reliability was obtained by combining the probability of
failure of all components. The probable number of failures for each
component or group of redundant components which must perform a function
for mission success were summed. The analysis of this subsystem is shown
in Table 4.3.2-7.
A failure mode and effect analysis was performed for the solid motor sub-
system. One hundred forty-two failure modes were established, evaluated
and then classified as being remote and non-remote. The remote type
failure modes reflect failures primarily in structure. The non-remote
failures are of primary importance, and totals for each failure source
were computed as a percentage of all non-remote failures. The following
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seven failure sources, in order of severity, comprise 82,3_ of all failures:
leakage and sealing, fabrication, mechanical, installation, electrical,
Table 4.3.2-5
ORBIT INSERTION PROPULSION PHYSICAL CHARACTERISTICS
Propellant
Propellant Weight
Inert Weight
TVC Injectant Weight
Ignition
Cooling
Size
Length
Diameter
TVC Type
Nozzle Throat Area
Nozzle Exit Area
Nozzle Misalignment, 3a
Expansion Ratio
Case Material
Status
Aluminized Polybutadiene
9045 LBM
965 LBM
203 LBM
Pyrogen
Ablation
144.32 inches
52.0 inches
Freon I14B2
Secondary Injection
72.9 in 2
2
2370 in
_0.02 degrees
32.5
Titanium 6 A1-4V
Operational - modification
required
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Table 4.3.2-7
ORBIT INSERTION ENGINE AND TVC RELIABILITY
Motor, Solid
Valve, Fill
Valve, Squib
Tank, N2, Tubing &
Connections
Valve, Relief - Closed
- Open
Tank, Freon, Tubing &
Connections
Bladder, Freon
Torque Motor
Valve, Injector
Regulator, N2 Pressure
Valve, Solenoid, Roll
- Closed
- Open
- Leak
Jet, Roll Control
x 106
FAILURES/
HR OR CYCLE
50
.2
25
.17
.5
.5
.08
200
4.5
25
2.4
1
1
.5
.4
N
i
i
Redun.
i
2 Redun.
2
1
i
4
4
quad
quad
quad
quad
2
t
HR OR CYCLE
1 cycle
.i Mr
i cycle
5040 Hr
.i Hr
.i Hr
.i Hr
i cycle
i0 cycles
i0 cycles
.i Hr
.i Hr
.i Hr
.i Hr
.i Hr
NAt.
x i0°
5O
negl.
negl.
847
negl.
negl.
negl.
2OO
180
I000
negl o
negl.
negl°
negl.
negi.
2277
Predicted Reliability for Orbit Insertion Subsystem = 0.9977
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structural, and human error. The preferred design configuration is based
on the elimination and/or reduction of all failure modes.
The distribution of the failure probability was related to criticality
of failure effects. The probability of failure modes were expressed as
probable, less probable, slight, and remote. The catastrophic failure
category is of extreme importance, and no failures of this category were
found to occur in the "probable," or "less probable" classifications.
Safety Considerations--The solid motor will be installed in accordance
with the requirements of applicable safety procedures and practices of the
launch facility for a Class 2 explosive.
4.3.2.9 Development Status
The preferred spacecraft propulsion design uses concepts, components, and
materials that rely on existing experience and available technology. To
increase confidence further in the selected propulsion subsystem, the
following tests are proposed for Phase IB.
I) Plume Heating and Clouding Test--Several sub-scale motors will be
fired to obtain measurements of exhaust plume thermal radiation
intensity effects and the quantity and effect of any exhaust residue
accumulated on spacecraft optical surfaces or other critical surfaces.
2) Vacuum Storage Tests--The effects of long term space vacuum storage on
the propellant, igniter, and nozzle ablative material should be inves-
tigated. In event pressure sealing during space storage is found to
be necessary, the pressurant and pressure level must be established
and sealing concepts verified.
4.3.2-30
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It is proposed that propellant specimen, igniters and sub-scale motors
be subjected to long term storage environments. Some specimens,
igniters and motors should be exposed to a hard vacuum and others
exposed to nitrogen at several low pressure levels. All should be
subsequently fired, and physical and performance characteristics
such as bonding, grain slump, start temperature ranges, and specific
impulse should be evaluated.
In the event the results of these tests or the sterilization tests show
that hermetic sealing of the motor case is necessary, long term
vacuum storage of full scale Minuteman second stage motor seals
should be conducted to evaluate the adequacy of existing seals and
to verify a diaphragm type seal at the nozzle. Leakage rates should
be monitored continuously and if at any time during the tests,
evidence is obtained to indicate the existing seals may be inadequate,
tests of new seal concepts should be initiated.
Injector Valve Storage Test--The thrust vector control injector valves
will remain filled with Freon following final checkout to provide
pressurization and immediate response upon valve actuation. Tests
will be conducted to evaluate the effect of long term vacuum storage
upon performance of the valve stored with Freon. Other fluids will
also be evaluated to determine possible use of alternate preservatives.
Sterility Test of Motor Ejecta--Solid motor firings will be conducted
under controlled conditions to determine the microbial content of
the rocket motor ejecta. Surface decontamination of the motor grain
and other surfaces, by use of ethylene oxide, will also be explored.
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Results of these tests will be used to establish sterilization or
decontamination requirements for the solid rocket motor.
4.3.2.10 Trade Study Summary
The propulsion configurations considered in the trade studies are as
follows:
i) A solid unit for orbit insertion, with a liquid midcourse correction
subsystem, sized for the 1971 through 1977 requirements.
2) A solid unit for orbit insertion, with a liquid midcourse correction
subsystem, sized to maximize orbit insertion velocity differential.
3) The Apollo Lunar Excurison Module descent propulsion subsystem for
orbit insertion, trajectory correction, and orbit trim maneuvers.
4) The Titan III-C transtage for orbit insertion, trajectory correction,
and orbit trim maneuvers.
These trade studies are presented in detail in Volume C of the Voyager
Spacecraft System Document, D2-82709-8.
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4.3.3 Cablinq Subsystem
4.3.3.1 Summary
Design practices, parts, materials, and processes for fabricating reliable
cable assemblies for the propulsion system will duplicate those for the
spacecraft discussed in 4.1.13. Cabling system for the midcourse pro-
pulsion system is shown by electrical schematic (Figure 4.3.1-10). Cabling
system for the orbit insertion system will be a simpler version of the
system shown in Figure 4.3.1-10. Total cabling system weight for propul-
sion system is 25 pounds.
4.3.3.2 Applicable Documents
Applicable documents are as shown in 4.1.13.
4.3.3.3 Design Constraints and Requirements
Constraints and requirements of the subsystem functions and of the referenced
documents, which dictate design of cable assemblie% are listed in 4.1.13.
4.3.3.4 Preferred Design and Functional Description
Under the preferred design, cables will be mounted to the propulsion system
structure with sufficient rigidity to withstand launch and space flight
environments, and in a manner to protect cables against micrometeoroids
and severe temperature changes.
Cable assemblies will be separated by function:
i) Power circuitry will be routed separately from all other systems, using
separate connectors when possible. Where only one connector is required,
power and signal wiring will be separated, with power pins located
close to connector shell.
4.3.3-1
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2)
3)
Each pyrotechnic circuit cable assembly will be fabricated and
installed separately from all other circuits. The three basic
cables are:
a) Orbit insertion motor (EED) firing harness
b) Midcourse correction and orbit trim (EED) firing harness.
Signal circuits will be separated from (I) and (2) above.
4.3.3.5 Physical Characteristics
Practices and procedures for design, fabrication, and testing of propulsion
subsystem cabling will duplicate those defined in 4.1.13 for spacecraft
cabling subsystem.
4.3.3.6 Reliability and Safety
Reliability and safety practices described in 4.1.13 for spacecraft cabling
subsystem will also be used on propulsion subsystem cabling.
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4.3.4 Structural Subsystem
4.3.4.1 Summary
The primary structural assembly consists of: a magnesium semi-monocoque
shell with provision for attachment of the motor case skirt at the base
of the shell; eight aluminum-alloy side beam truss subassemblies; and the
base frame assembly, for tank support and structural attachment to the
bus shell. A secondary aluminum-alloy truss assembly, extending below
the basic shell and side beams, supports the midcourse engines, roll
control thrusters, and the propulsion module thermal insulation. The
entire assembly is attached at the base of the eight longeron fittings
of the bus. Selection of this arrangement was based on results of a
trade study which compared accessibility, tank size, and weight of two
possible arrangements. The design provides maximum access to accommodate
removal and installation of the orbit insertion motor, with the module
assembled to the bus. Hoisting-and-handling fittings for the propulsion
module are provided at the longeron attachment fittings. Adjustment rings
at the motor attachment ring permit angular adjustments of _I o in 1/64 °
increments of the longitudinal axis of the orbit insertion motor on
installation.
Weight of the structural assembly is 337 pounds. Conventional design,
n_sten t ,.,_+_
of 0.9997.
The system is similar to that used for Task A, except the components sup-
ported are larger, and the reaction control system components are mounted
to the bus subsystem.
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4.3.4.2 Applicable Documents
Same as Section 4.1.10.2.
4.3.4.3 Design Constraints and Requirements
In addition to the requirements of Volume A, Part I, Section 2.0, the
following requirements apply:
i) The propulsion subsystem will be installed as a unit within the
Spacecraft Bus.
2) Except for hoist fittings9 transportation and handling will not be
a design condition for the structure.
3) The maximum weight of the propulsion subsystem is 15_000 pounds.
Maximum thrust is 52,500 pounds.
4) The structure subsystem will provide for:
a) Support of the propulsion subsystem during ground handling and
b)
c)
d)
e)
f)
g)
flight.
Supporting and reacting the forces from the midcourse and orbit
trim engines, and from the orbit insertion motor.
Alignment of the orbit insertion motor thrust vector relative
to the center of gravity of the Planetary Vehicle.
Transportation and handling of the propulsion subsystem.
Compatibility with the thermal control concept of the propulsion
subsystem.
Maximum accessibility to propulsion subsystem components.
Installation and removal of the orbit insertion motor from the
aft end of the propulsion module assembly.
4.3.4-2
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4.3.4.4 Preferred Design and Functional Description
The propulsion module structure, located inside the bus assembly (Figure
4.3.4-1) supports the orbit insertion motor, four midcourse and orbit
trim engines (in two clusters), one set of orbit insertion roll control
thrusters, four hydrazine (N2H4) tanks, two nitrogen tanks, and inter-
connecting tubing and valving.
The propulsion support assembly is at%ached........ to _h_ bus _,,._=_mh1'"through
a field joint at eight places, and is arranged to permit installation and
removal of the orbit insertion engine with the propulsion module attached
to the bus assembly.
The structural arrangement consists of a central AZ 31B-H24 magnesium
alloy semi-monocoque shell 58 inches in diameter and 37 inches long,
eight radially-spaced 7075-Y6 aluminum alloy truss side beams, a 7075-T6
aluminum alloy truss base frame, a 6AI-4V titanium alloy conical skirt
support ring and lower support trusses of 2219-T6 aluminum alloy for each
of the midcourse engine clusters and roll control thrusters.
Yhe primary thrust loads encountered during boost and orbit insertion
are transferred to the bus assembly through the side beams and inner shell.
Lateral and torsional loads are transferred to the bus assembly through
the inner shell and base frame.
Yhe orbit insertion motor is supported uniformly with its lower skirt
attached (by 64 bolts) to the support ring at the base of the inner shell.
The long N2H 4 tanks located radially between the side beams are supported
by the lower base frame for thrust and lateral loads, in addition to being
laterally supported at the mid-point through the ring frame at the top of the
4.3.4-3
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inner shell. The small spherical N2 tanks are supported in cradles
attached to the lower base frame. The midcourse engine clusters and roll
control thrusters are mounted on tripod truss supports attached to lower
base frame.
Alignment of +i.0 ° of the orbit insertion motor on installation is accom-
plished through two pre-drilled mated cam rings of aluminum alloy (located
between the flange of the skirt support ring and the lower flange of the
inner shell). Adjustment as fine as 1/64 ° of the orbit insertion motor
alignment angle can be made by rotating these cam rings through the bolt
space increments.
Handling-and-hoisting fixture attachment fittings are provided at each
of the eight longeron attachment fittings. In addition9 the entire
propulsion module can be hoisted by attachment of a fixture to the upper
skirt of the orbit insertion motor.
Meteoroid shielding is incorporated as part of the thermal shields which
close the forward and aft end of the bus. The shield consists of 0.006
and 0.016 aluminum alloy sheets attached to the faces of the forward
insulation blanket, and 0.005 and 0.010 aluminum alloy sheets attached
to the faces of the aft insulation blanket. These shields also provide
excellent protection to the insulation blankets during handling, installa-
tion, and maintainence operations.
4.3.4.5 Performance Characteristics
The structure for the propulsion subsystem is designed to support the
orbit insertion motor and the midcourse engine subsystem. The crit-
ical design condition for this structure occurs during launch9 at which
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time limit accelerations of 5.6 g's axially and 2.0 g's laterally are
considered to act simultaneously. Because of this combined condition,
the structure is capable of sustaining 6.7 g's axially as a singular
condition. The maximum axial acceleration during orbit insertion is 5 g's
with 3.5 g's at ignition considering a "no capsule" condition. Sufficient
structural strength of the propulsion module structure is provided by the
launch condition to allow orbit insertion g levels of 22.4 maximum with a
2000-pound capsule.
4.3.4.6 Physical Characteristics
Weight of the propulsion structural subsystem is itemized below:
Primary Support Frame
Hydrazine Tank Support
Nitrogen Tank Support
Orbit Insertion Motor Support
Midcourse Engine Support
Roll Control Thruster Support
Meteoroid Shielding - Forward
- Aft
Miscellaneous Support Structure
Pounds
i16
12
3
64
27
53
51
ii
337
4.3.4.7 Interface Definition
The major interfaces of the propulsion structural and mechanical sub-
system are identified and described in Table 4.3.4-1.
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4.3.4.8 Reliability and Safety Analysis
The predicted reliability of the propulsion module structure is 0.9997.
This figure is based on a judgment assignment of 30Z of all spacecraft
structural failures to the propulsion module structure. The design,
fabrication, and testing of this structure is straightforward and well
within state-of-the-art. Design-governing loads will be those experienced
during launch and boost. Accordingly, survival through launch will
virtually assure failure-free operation for the entire mission.
4.3.4.9 Development Status
No major structural or mechanical development is required for the pro-
pulsion module s%ructure since conventional materials and techniques are
used throughout.
4.3.4.10 Trade Study Summary
A trade study, summarized in Figure 4.3.4-2, evaluates structural weight
and accessibility of two propulsion module support structures.
4.3.4-9
BOEING-- SPACE DIVISION
D2-82709-6
Z
_N
m_ o_
I
0
<0
_Z
_m
i-- u-i
_x_
>._ _
g o_ . _ _._ _ _._
_=. _-_Z_ _'_
o
o
v_ I
0
6J
I
,.,.4
CD
K.,
O"1
,i
I.u
4.3.4-10
/
/
/
/
/
%
CONTENTS
' * PAGE •
4.3_* Temperature Control Subsystem 4.3.5-1 f*"
•_ 4.3.5.1 Summary 4.3.5-1 -'_'
_ 4.3.5.2 Applicable Documents 4.3.5"2
4_3.5.3 Design Constraints and Requirements j,_'3.5-2
Preferred Design & Fundlonal D_ription _ 4.3.5-2
4.3.5.5 Performance Characteristics / f 4.3.5-7
_/ 4.3.5-13
_;_3.5.: i anxiety AnalySis 4.3.5-13
Statu_ -_ 4.3.5-15
Iry 4.3.5-15
/
\
DD
BOEING_SPACE DIVISION
[72-82709-6
4.3.5 Temperature Control Subsystem
4.3.5.1 Summary
Temperature control is required for propulsion subsystem components which
include the solid propellant_ the midcourse monopropellant in the
tanks and lines; the secondary injection Freon_ and the midcourse engine
catalyst beds_ jet vane actuators_ and flow valves. The temperature con-
trol subsystem is essentially the same as that offered in the Task A Final
Report_ it controls the temperature within the propulsion module between
75°F and llO°F until completion of orbit trim.
The propulsion module does not contain any long-term heat-generating com-
ponents. Thermal control_ therefore9 is achieved by a proper balance of
the solar heat absorbed on the Sun-facing areas_ with the heat lost to
space from the insulating barrier and five space-facing louver assemblies.
The Mariner C propulsion subsystem was thermally coupled to the bus
electronics. However_ on Voyager, the thermal coupling between the
propulsion subsystem and the bus is minimized because each has different
temperature requirements. This concept also simplifies thermal design
and testing.
Relocation of the orbit insertion nozzle to face the Sun is thermally the
most significant design change from Task A. Increased thermal capacitance
(4500 BYUpF) compensates for solar flux variation and provides a
15 ° margin for orbit insertion propulsion over the 95 percentile 75-
llO°F design range. Temperature control is achieved within this range
with a reliability of 0.9998. Total subsystem weight is 118 pounds.
4.3.5-1
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4.3.5.2 Applicable Documents
Applicable documents are listed in Section 4.1.12.2.
4.3.5.3 Design Gonstraints and Requirements
All statements made under Section 4.1.12.3 apply to the propulsion module
temperature control subsystem, except as noted.
Operating Temperature Limits - Propulsion temperature limits will be
established by flight acceptance testing margin requirements. The mini-
mum test temperature is 39°F, 5°F above the freezing point of the hydra-
zine. With a normal louver control range of 35°F_ and the required mar-
gin of 36°F (20°G) on both sides, an upper FAT of 146°F is required. The
compartment flight temperatures will be between 75OF and llO°F during
operational mission phases.
Thermal Isolation of Engines, Nozzles and Motor Gases - All engines, noz-
zles, and motor cases will be installed in a manner which limits the heating
during each burn sequence as follows:
i) Solar/engine heat shield outer surface:
a) Maximum local temperature will not exceed llO0°F
b) Maximum average temperature will not exceed 900°F
2) Solar/engine heat shield inner surface:
a) Maximum local temperature will not exceed 180°F
h) Maximum average temperature will not exceed 140°F
4.3.5.4 Preferred Design and Functional Description
Temperature control of the propulsion system is achieved by proper balance
of the solar heat absorbed by the orbit insertion nozzle, the midcourse
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correction nozzles, the solar/engine heat shield, the controlled solar
absorber surfaces, and the heat lost to space from external surfaces and
temperature-actuated louvers. Salient features of the subsystem are
shown in Figure 4.1.12-i. Low-power electric heaters are provided on the
midcourse subsystem components for functional redundancy. The temperature
control subsystem is designed to provide the greatest possible margin for
unavoidable variations in the heat balance between the propulsion system
and its environment. This is basically the same concept used for the bus,
except that the propulsion is not slaved to a large internal power dissipa-
tion.
Figure 4.3.5-1 is a temperature control functional diagram of the propulsion
subsystem. The diagram illustrates that the dominant factor in this control
is the solar input.
l) Thermal Mass - The mass of the propulsion subsystem provides a
thermal capacitance of over 4500 BTU/°R loaded, and 400 BTU/°R after
the orbit insertion maneuver.
2) Louvers - Five louver assemblies, each 18" x 15" (1.9 ft2), are pro-
vided on the primary bus structure for temperature control of pro-
pulsion. The louver blades are identical with those used on the
electronics (described in Section 4.1.12), except that the actuators
are set for 75-ii0°F, and sense the temperature of the monopropellant
tanks.
3) Solar Absorber Plates - Five plates, each measuring 0.5 square feet
and coated with Catalac Black, are provided on the Sunward side
adjacent to the louver assemblies (Figure 4.3.5-2). This location
places the plates directly under control of the louvers, and also
4.3.5-3
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minimizes the effect of plume radiation. Analysis indicates that the
plates are required as a passive means to adjust solar influx to capa-
city of the louvers. The solar/engine heat shield conductance is limited
by the engine heating.
Nozzle Cover - During transit, the solid motor nozzle is covered to
reduce the influx of solar heating to a level which provides accept-
able propellant grain temperatures. The thermal conductance of the
cover is about 0.005 BTU/hr-ft2-°R. All materials and coatings are
diffuse black. The cover is jettisoned by engine ignition.
Solar/Engine Heat Shield - The insulation on the Sunward side of the
module is comprised of two sections, and serves as a solar shield during
Earth-Mars transit, and as a heat shield during motor firing. The
disk section (Figure 4.1.12-1) is built up of 6 outer layers of 5-mil
titanium foil backed by l0 layers of 2-mil aluminum foil, with all
layers separated by fiberglass netting. The outer titanium surface is
diffuse (_s/_ IR = 1.36, _ IR = .64). The conical section is 5 layers of
2-mil aluminum foil and i0 layers of aluminized mylar. All inside sur-
faces are specular (PIR = .95).
Thermal Coatings and Finishes - All internal tanks and plumbing are
coated with Catalac Black to achieve maximum thermal coupling by direct
interchange and by reflections from the specular radiation shield.
External finishes were noted in the preceding paragraphs.
Insulation - A low-emittance shield is provided on the orbit insertion
motor case to reduce heat transfer to the midcourse tanks after the
solid motor fires. The entire propulsion subsystem is enclosed by
multilayer aluminized mylar insulation.
Electric Heaters - The monopropellant tanks and the midcourse engine
4.3.5-6
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catalyst bed valves and jet vanes do not require electric heat for
normal conditions. However, electric resistance heater elements, con-
trolled by ground command, are provided for temperature control func-
tional redundancy for these critical items.
4.3.5.5 Performance Characteristics
Analysis indicates that the preferred temperature control provides ade-
quate margins for all mission phases. A summary of propulsion temperatures
is given in Table 4.3.5-1.
TABLE 4.3.5-i
PROPULSION SYSTEM COMPONENT TEMPERATURES
Component
Solid Motor Case
Solid Nozzle
Midcourse Tanks
Midcourse Engines
Midcourse Plumbing
and Valves
Solar Shield Ext.
Nozzle Cap Exterior
Absorber Plate
Near Mars After Orbit End of
Earth Encounter Insertion Mission
102°F 80°F 340°F Max 20°F
llO°F 88°F 800°F Max 30°F
95°F 75°F llO°F Max 53°F
238°F ll2°F 550°F Max 107°F
lO0OF 76oF ......
120°F Max 63oF
164°F 51oF lO00°F Max 27°F
248oF 120°F ......
168oF 63OF --- 26oF
Prior to launch, orbit insertion propulsion is 70°F; midcourse propulsion
50°F. The total propulsion subsystem weighs 15,000 pounds loaded, repre-
senting a thermal capacitance of 4500 BTUpR (400 BTU/°R empty). The mid-
course propulsion (thermal capacitance = 1590 BTUpR) reaches its maximum
temperature 25 days after launch (Figure 4.3.5-3). The long time constant
of the orbit insertion propulsion, due to its thermal capacitance and
insulation, is a significant compensation for the changing solar flux
between Earth and Mars.
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In Earth-Mars transit, the louvers gradually close in response to the
midcourse propulsion temperature. A detailed discussion of the performance
of louvers, thermal coatings, and insulation is given in Section 4.1.12.5.
The effective area and conductance of the absorber plate is adjusted to
compensate for tolerances ia the thermal properties of the solar/engine
heat shield, orbit insertion and midcourse correction nozzles, and heat
leaks on the Sunward side. Figure 4.3.5-4 shows the effect on the temper-
ature change from Earth to Mars. The louver area and absorber area are
adjusted to keep the midcourse propulsion temperatures within 75°F-llO°F
range between Earth and Mars. Before the nozzle cover is jettisoned, the
average temperature is 75°F.
Midcourse correction, orbit insertion and orbit trim maneuvers represent
transient heating events for the propulsion module. The residual heat
content of the orbit insertion motor after the orbit insertion maneuver
is about i1,600 watt-hours. Effect on the midcourse propulsion and struc-
ture is illustrated in Figure 4.3.5-5. The maximum temperatures attained
depend on the case insulation and louver area as shown in Figure 4.3.5-6.
Since a value of 4 BTU/hr°R for the net conductance is expected, a louver
area of i0 ft2 is required to hold monopropellant tanks below llO°F.
Temperatures of the midcourse nozzle, catalyst bed, and valves caused by
solar occultation during maneuvers are shown in Figure 4.3.5-7. The mid-
course engines are insulated to maintain the catalyst bed temperatures
above 40°F during all conditions.
In Mars orbit, the louvers close to adjust for solar flux. Temperatures
remain above 75°F until orbit trim, after which the temperatures decrease
to 40°F, at aphelion.
4.3.5-9
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Thermal Balance for the Propulsion Module - The thermal balance for all
mission conditions determines the louver area, absorber area, and insula-
tions required for a design point. Table 4.3.5-2 presents a heat balance
summary for different mission phases. On the basis of the preceding
analysis, i0 square feet of louver area was chosen.
TABLE 4.3.5-2
PROPULSION THERMAL BALANCE
Heat Transfer Mechanism
Solar Shield
(Radiation)
Midcourse Nozzles
(Conduction)
O/I Nozzle
Solar Panel & Booster Attach.
Fixture (8)
(Conduction)
Capsule Interface
(Radiation)
Thermal Barrier
(Radiation)
Absorber Plate
(Radiation)
Electronics Assemblies
(Radiation)
Net Heat Leak
Heat Leak (Watts Input)
Near Encounter Solar 180-Days After
Earth w/Capsule Occultat. Encounter
34 16 -15 13
71 32 -i0 19
13 6 -5 -i
-2 -4 -13 -5
-15 -13 -20 -20
-21 -21 -25 -21
130 63 -40 47
-7 -3 -2 -2
l(Watts Input) 203 76 -125"
m
Propulsion Louver Dissipation Capacity 41 to 211 Watts
* System thermal capacity utilized for this case
30**
Results in average temperature of 45°F, which is acceptable for this
period.
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4.3.5.6 Physical Characteristics
Table 4.3.5-3 shows the propulsion module temperature control subsystem
estimated weights.
TABLE 4.3.5-3
TEMPERATURE CONTROL SUBSYSTEM WEIGHTS - LBS
PROPULSION
Shell Insulation (0.14 psf)
Capsule-Bus Insulation (0.183 psf)
Louvers (0.73 psf)
Shell Reflective Liner (0.03 psf)
Radiator Thermal Coating - Shell (0.125 psf)
Black Thermal Coating - Shell (0.0286 psf)
Black Thermal Coating - Propulsion (0.0286 psf)
Back-Up Heaters & Switches (.22 ibs/heater)
Solar Shield (i.0 psf)
Thermal Shield (0.265 psf)
Motor Case Cover (0.03 psf)
Shell Radiator
22.0
14.40
6.10
5.10
i.i
8.4
7.1
3.3
19.00
26.00
i .60
3.90
>
>
>
>
>
TOTAL 118.0
Physically installed on bus structure, but used for propulsion
temperature control.
4.3.5.7 Interface Definition
The propulsion module interface definitions are included in Table 4.3.5-4.
4.3.5.8 Reliability and Safety Analysis
Items discussed in Section 4.1.12.8 are applicable to the reliability
analysis of the propulsion module temperature control subsystem. Results
of the analysis for the propulsion temperature control subsystems are
shown in Table 4.3.5-5 and show substantial margin over the reliability
goal of 0.998.
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TABLE 4.3.5-5
RELIABILITY ANALYSIS
Louver Blade Reliability - Single 0.999023
Louver Assembly Reliability (i0 blades) 0.999971
Five Louver Assemblies 0.999855
Solar Shield Reliability 0.999988
Insulation and Coating Reliability 0.999982
Bus-Capsule Shield Reliability 0.999994
Total Propulsion Module Reliability 0.999819
I
4.3.5.9 Development Status
Most of the components and materials used in the propulsion temperature
control subsystem are identical with those used on the bus temperature
control subsystem, described in Section 4.1.12.9. The solar shield, how-
ever, is an exception. A development test of the solar shield will be
conducted during the Phase II activities.
4.3.5.10 Trade Study Summary
Major trade studies performed in arriving at the preferred propulsion
temperature control are summarized in Table 4.3.5-6 and discussed in
Volume C.
TABLE 4.3.5-6
PROPULSION TEMPERATURE CONTROL
TRADE STUDY SUMMARY
Title
Thermal Control
_ionopropellant
Engine
Alternate
i) Louvers and insulation with
back-up heaters
2) Louvers and insulation
3) Insulation with heaters
4) Solar louvers and insulation
l) Insulation
2) Electric heat
Selected Approach
Louvers and insu-
lation with back-up
heaters
Insulation (electric
heat back-up only)
4.3.5-15
u-- I
e_
111
e_
Z
0
111
ev"
_z
_ZO_
Z
111
_UZ--
--Z
wOU,,_,
Z_
_U
--ILl
W
0
I--
u
111
Z
0
M
r_O
I.LI _--
e_ w
u
F--
\/
/
/
/
t
CONTENTS
Subsystem Interface
Summary
Applicable Documents
Typical Experiment Descriptions
Auxiliary Equipment
Automation
/
/
I
m
z
m
qp,
BOEING--SPACE DIVISION
D2-82709-6
4.4 SCIENCE SUBSYSTEM INTERFACE
4.4.1 Summary
This section examines the interfaces between the science subsystem and
the spacecraft.
The objectives of the Voyager mission to Mars are SCIENTIFIC:
i) Investigate the existence and nature of extraterrestrial life, the
atmospheric, surface, and body characteristics of the planet; and
the planetary environment.
2) Investigate the interplanetary medium between the orbits of Earth
and Mars.
In 1971 these objectives will be, for the most part, fulfilled by
experiments performed by various scientific instruments which are a part
of the science subsystem. This subsystem will be furnished by JPL. In
order to facilitate the Task B study, the typical science subsystem named
in reference (9) has been used to:
i) Permit examination of interfaces between the science experiments,
other elements of the spacecraft, and the 1971 mission
2) Explore science subsystem characteristics as they affect spacecraft
subsystem design.
To ensure that the spacecraft design is flexible and can accommodate
changes and future decisions, the study included experiments with a
wide range of requirements. The eleven "Typical Science Experiments"
for Task A were increased to 15 experiments named in reference (9) for
Task B.
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The experiments and the four items of auxiliary equipment identified as
part of the science subsystem are listed below.
Spacecraft Body-Mounted Instruments Scan Platform-Mounted Instruments
* a) Plasma probe * i) Ultraviolet spectrometer
b) Cosmic ray telescope m) Infrared spectrometer
c) Cosmic dust detector * n) Infrared scanner
d) Trapped radiation detector o) Photo-imaging device
* e) Ion chamber
f) Magnetometer
g) RF noise detector
h) Ionosphere sounder
i) Bistatic radar
j) Gamma ray
Auxiliary Equipment
p) Planet scan platform
q) Power switching electronics
r) Magnetometer boom
s) Data automation
k) Gravimeter
Science experiments identified in Task A, (reference 13).
Major constraints considered are shown in Table 4.4.1-1. A functional
block diagram of the subsystem is shown in Figure 4.4.1-1.
4.4.2 Applicable Documents
i) D2-22899, Space Science Instrumentation Catalog, Boeing, Seattle
Washington (Submitted with Task A, July 1965)
2) Metzger, Van Dilla, Anderson & Arnold: Nucleonics_ 20, 64, 1962
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3) Study of Specific Methods for Measuring Lunar Gravity_ ASTIA
AD601 824
4) Space Probes and Planetary Exploration, W. R. Corliss, D. Van Nostrand
Company, Inc., Princeton, N. J.
5) EPD 250 Mariner Mars 1969 Orbiter Technical Feasibility Study, JPL,
Pasadena, California November 16, 1964.
6) TR 32-516, Ultraviolet Spectroscope of Planetary Atmospheres,
Charles A. Barth, JPL_ Pasadena, California
7) NASA-CR-52731 - Final Report for Study of Topside Sounder for Mars
and Venus Ionospheres from Mariner Spacecraft, T. Flattau and
R. Donegan, Airborne Instruments Laboratory, Deer Park, New York.
8) Infrared Grating Spectrophotometer for Space Applications, H. Sachs,
Proc. IRIS Vol. 6 #4, October 19/pp. 89-96
9) MA-OO2BBOO1-2A Guidelines for the Voyager Spacecraft Contractor
JPL, Pasadena, California, 12 November 1965
lO) Performance and Design Requirements for the Voyager 1971 Spacecraft
System, General Specification for (Preliminary) JPL, Pasadena, Calif.
September 17, 1965
ll) Voyager 1971 Preliminary Mission Description, JPL, Pasadena, Calif.
October 15, 1965
12) V-MA-O04-O02-14-03, Voyager 1971 Mission Guidelines, JPL_ Pasadena,
California, May l, 1965
13) D2-82709-i Voyager Spacecraft System, Final Technical Report, Volume A,
Preferred Design. Sections 3.13 and 4.5. Boeing, Seattle, Washington,
July 1965
14) TM 33-216, Proceedings of Magnetics Workshop, JPL, Pasadena, Calif,
September 15, 1965
15) Mariner C, Functional Specifications, JPL, Pasadena, Calif. December '62
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J J TRAPPED RADIATIONDETECTOP
J J ION CHAMBER
J_ RF NOISE DETECTOR
H IONOSPHERE SOUNDER
H BISTATIC RADAR
[ GAMMA RAY
I J
-1
! II
[ J
r BOOM MOUNTED J
[....... __1
rSCAN PLATFORM MOUNTED 1
j INFRARED SPECTROMETER
J j INFRAREDSCANNER I J
• , jI
J PHOTOIMAGING DEVICE
(U'v') SCAN PLATFORM MOUNTED
J ULTRAVIOLET
SPECTROMETER
DATA(1)
COMMAND(3)
POWER,(])--
(1)
.COMMAND (9)
POWER (1)_
DATA (8)
DATA_6)
DATA(3)
DATA_5)
DATA (2)
DATA(])
DATA(1)
COMMAND(2)
POWER (I)_
COMMAND(1)
POWER (I)
COMMAND{I)
POWE R( ] )
COMMAND{2)
POWER
COMMAND(2)
POWE R{3)
'COMMAND(2)
POWER (I)_
CO/vLMA N D(2 )
POWER (1)
{])
COMMAND(2)
POWER (1)
DATA (3),
POWER (5)
POSITION DATA (2)
,(3)
-COMMAN D(2)
POWER (4)
DATA (4) ........ ,_,
POWER (1)
J COMMAND(7) POWER (2)
DATA (8)
--JP'ATFO_DR,VEJ CONTROL(21ANDC NTROL POWER(_).POSIT,ONOATA(_).(2)
-COMMAND(2)
POWER (7),
L] PLATFORM DRIVE J CONTROL (2)
AND CONTROL I POWER (2)
JMAGNETOMETER
ELECTRON
IR SPECTROMETERELECTRON
.[IR SCA_'4NER ELECTRON
_J PHOTOIMAGING ELECTRON
J UV SPECTROMETERLECTRON
'ONE SHOT COMMANDS (8)'
BOEING--SPACE DIVISION
D2-82709-6
:s_DATA (4)
2S_ DATA (4)2
:S_ DATA (3)
:S_ DATA (8)
2S_ DATA (2)
POWER ( ] )'_"-_
POWER (1)_
POWER (2)_
POWER (1)_
POWER (2)_
COMMAND (5)
-- COMMAND (2)
COMMAND (2)
COMMAND (7)
COMMAND (2)
1
[
. I
• I
I
I
• I
• l DATA
i AUTOMATION
EQUIPMENT
I
LCONTROL (]5)._
i
SCIENCE POWER l --
SWITCHING J
SPACECRAFT INTERFACE
'1"
• J • TELEMETRY SUBSYSTEM
i _ DATA STORAGE SUBSYSTEM
POWER SUBSYSTEM
L,, COMMAND SUBSYSTEM
J_. COMPUTING AND
I_ SEQUENCING SUBSYSTEM
PYRO SUBSYSTEM
I
NOTE:
NUMBERS IN PARENTHESES
INDICATE THE NUMBER OF
FUNCTIONAL PATHS
REPRESENTED
TEST
PLUGS
I
I:
I
l
Figure 4.4. I-I: Science Subsystem
0
C7_
4.4-5 & 4.4-6
BOEING--SPACE DIVISION
D2-82709-6
4.4.3 TvDical Experiment DescriDtions
Typical experiments are described in this section.
tabulated in Table 4.4.3-1.
a)
Their interfaces are
PLASMA PROBE
Objective: Measure interplanetary solar plasma, plasma shock waves,
low energy trapped particles near Mars, if any exist.
b)
Instrument Description: Curved Plate Analyzer per Neugebauer and
Snyder, as described in References 1 and 15.
COSMIC RAY TELESCOPE
Objectives: Measure the quiet-time energy spectra of protons,
alphas, and heavier nuclei over a wide energy range, with energy
and background discrimination considerably better than previously
obtained. Measure variations of these spectra with maximum statis-
tical accuracy with present techniques, including features of Forbush
decreases as well as the ll-year cycle.
Measure both radial and azimuthal gradients existing in interplanetary
space during both quiet and disturbed times, including both integral
and differential measurements.
Measure comprehensively the features uf solar cosmic rays with
special emphasis on the spectrum and charge composition.
Instrument Description: In a University of Chicago Instrument
(Reference i_ 15: MC-4-221) modified to include a phoswich (Reference
4_ p. 333), the telescope consists of 3 semi-conductor detectors,
DI, D2_ and D3, together with a CsI crystal (S)/plastic guard scin-
tillator (G) phoswich. O 1 is a 5 cm2 surface barrier detector 400_
thick. D2 and O3 are lithium-drift silicon detectors 2000_ thick
4.4-7
BOEING--SPACE DIVISION
D2-82709-6
having respective areas of 5 cm 2 and i0 cm 2. Interspersed between
these detectors are 3 absorbers to extend the energy range. The
geometric factor is - 1 cm2 steradian.
Operation: In each mode, coincidence combinations are sorted,
counted and pulse-height analysis mode as shown.
MODE COINCIDENCE
i DI,S,G,D 2
2 DI,D2,D3,G
3 D1,D2,D3,S,G
4 D ,D ,D3,S,_1 2
5 G
Halpha(MeV)
0.8 - 15
15.0 - 90
90.O - i00
i00.0 - i000
i0
Ealpha (MeV)
2 - 60
60 - 360
360 - 440
440 - 4000
NA
I
Eelec(MeV) PHA
DI,D 2
DI,D 3
DI,S
Pulse-height analysis is with 7-bit accuracy, needing 14 bits, plus
2 for mode identification. During a solar cosmic-ray event, sampling
rate will be increased by a factor of 30, thus accommodating small-to-
medium-size events.
c) COSMIC DUST DETECTOR
Objective: Measure cosmic dust flux as a function of direction, distance
from Sun, momentum and distribution about planet.
Instrument Description: Combination capacitor penetration and micro-
phonic instrument mounted perpendicular to solar panels and to ecliptic
plane. Sensor measures momentum and direction of first impact which
exceeds microphone threshold in each data frame, also the number of
impacts exceeding the more sensitive capacitor-penetration threshold.
(References i, 4_ 5; 15: MC-4-224B modified.)
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J iNTERFACES |
OPTICAL
MECHANICAL
INPUT
ELECTRICAL
OUTPUT
SENSOR
RFREQUIREMENTS
ELECTRONICS
SENSOR
THERMAL
ELECTRONICS
SENSOR
RADIOACTIVE OR
NUCLEAR RADIATION
ELECTRONICS
P HOTOIMAGING DEVICE
NO STRAY LIGHT INTO THE OPTICS OF EITHER TV
CAMERA IS TOLERABLE DURING NORMAL OPERATIONS
"rv OPTICS MUST BE PROTECTED AGAINST MICROMETEOROID
DAMAGE DURING CRUISE pHASE.
IMAGE MOTION COMPENSATION INCLUDED
BOTH CAMERAS MOUNT ON PLANET SCAN PLATFORM AND
VIEW OF EACH CAMERA MUST BE UNOBSTRUCTED THROUGH IfiOI
DEGREES OF SCAN. WHEN SCAN PLATFORM IS DEPLOYED IN
THE OPERATIONAL POSITION THE ORIENTATION Of: THE TV
CAMERAS WITH RESPECT TO THE S/C AXES SHALL BE KNOWN
WITHIN 0.1 DEGREE. WIDE ANGLE 1W CAMERA TO BE BORE-
SIGHTED WITH RESPECT TO S/C + Z AXIS.
-50 V RMS, 2400 CPS SQUARE WAVE FROM S/C POWER.
FRAME COMMAND
LINE START COMMAND
LINE STOP COMMAND
READOUT COMMAND
AGC SIGNAL LEVEL (MULTIPLEXER COMMAND)
TARGET VOLTAGE (MULTIPLEXER COMMAND)
PLANET-IN-VIEW SIGNAL (REDUNDANT)
ENG IN EER ING TEMPERATUR E TO ENG. MUX ENCODER
SIGNALS TO DATA AUTOMATION EQUIPMENT:
DIGITAL PICTURE "ZEROES"
DIGITAL PICTURE "ONES"
PLANET-IN-VIEW SIGNAL
MULTIPLEXED DIGITAL OUTPUT
AAC LOGIC 1
AAC LOGIC 2
AAC LOGIC 3
FILTER AND SHUTTER POSITION
SENSORS AND ELECTRONICS W IlL BE DESIGNED TO MEET THE
CLASS II RFI REQUIREMENTS AS A MINIMUM OF JPL
SPEC. 30236-ETS-A.
THE SUBSYSTEM SHALL BE CAPABLE OF OPERATING OVER
THE TEMPERATURE RANGE ATTAINABLE fLY SPACECRAFT
TEMPERATURE CONTROL.
DESIGN OF ASSOCIATED CIRCUITRY WILL MINIMIZE EFFECTS OF
RADIATION.
SINCE LOCATED IN BUS COMPARTMENT t
RADIATION EFFECTS ANTICIPATED CONSISTENT
WITH CC&S AND TELEMETRY.
INFRARED SCANNER
LOOKS IN SAME DIRECTION AS TV CAMERASr (I.E.r
TOWARD MARS NADIR) I NORMAL TO SURFACE
UPTO 30 ° DEVIATIONS USEABLE. COOLING RADIATOR
MUST POINT AWAY FROM SUN AND MARS.
MOUNTS RIGIDLY ON STABLE PLATFORM WITH
TV CAMERAS AND IR SPECTROMETER.
50V RMS, 2400 CPS SQUARE WAVE FROM S/C POWER
POWER ON/OFF
CALIBRATE ,.
SELECT MS MODE
START MS MEASURE_ENT
STOP MS MEASUREMENT
SCAN AMPLITUDE 1
SCAN AMPLITUDE 2
SCAN AMPLITUDE 3
SCAN POSITION I
SCAN POSITION 2
SCAN POSITION 3
SCAN POSITION 4
SCAN POSITION 5
INSTRUMENT SETTING UPDATE.
THREE ANALOG CHANNELS TO DAE_ _+ 6 V DC.
MAXIMUM CURRENT I MICROAMP.
COMPATIBLE WITH NASA - JPL SIGNAL
CONVERTER FOR MARINER C,
MS SENSOR TEMPERATURE MEASUREMENT TO ENG,
MUX ENCODER
SENSORS AND ELECTRONICS WILL BE DESIGNED TO MEET
THE CLASS II RFI REQUIREMENTS AS A MINIMUM OF JPL SPEC.
30236-ETS-A.
ACCEPTS CIS-MARTIAN AND TRANS-MARTIAN SPACE
ENVIRONMENT. MUST BE THERMALLY WELL ISOLATED
FROM ELECTRONICS AND OTHER VEHICLE HEAT
I SOURCES.
I ACCEPTS CIS-MARTIAN AND TRANS-MARTIAN
SPACE ENVIRONMENT. ASSOCIATED ELECTRONICS
RELOCATED IN REMOTE ELECTRONICS HARDWAREI COMP
NOT SENSITIVE TO ANTICIPATED LEVEL=..
DESIGN TO MINIMIZE EFFECTS.
NOT SENSITIVE TO ANTICIPATED LEVELS. WILL BE
CONSISTENT WITH CC&S AND TELEMETRY,
INFRARE
POINTS TO MARS NAU
(UP TO 45 ° DEVIATIOi_
SORE SIGHTED WITHIN
MOUNTS ON IW-C_
TWO DEGREES OF FE
I. IN pLANE OF
2. PERPENDICUL
50V RMSr2400 CPS SQUA'
2RV RMS t 400 CPS SINGI
POWER ON/OFF
CALIBRATE
START SCAN
STOP SCAN
PBS OUTPUT
PBSE OUTPU
SIOUTPUT
MUX ENCODER.
SENSORS AND ELECTR
MEET THE CLASS II RFI
ISOLATED FROM HE
CRYOGENICS t RAD
TO -120OC (PBSE SE
ASSOCIATED ELECTROt
REMOTE ELECTRONICS
POSITION FOR THE PU
WITHIN THE OPERATIIx
SENSOR AND ELEC
TO MINIMIZE EFFE,
SPECTROMETER
NEAKLY NORMAL DESIRED
_T SURFACE USEABLE.
.1% OF IW CAMERA.
IRA PLATFORM.
!DOM
X_Bff
E TO PLANE OF ORBIT
WAVE FROM S/C pOWER
PHASE FROM S/C POWER
)G • 5 VOLTS TO DAE
;]TION
ATA
)ATA
TA
BE DESIGNED TO
IIREMEi-,rTE AS A
30236-ETS-A.
• SOURCES. COOLED BY
TION OR ACTIVE MEANS
soR).
CS ARE LOCATED IN THE
COMP, IN THE SL/C
OF MAINTAiNiNG THEM
TEMPERATURE DESIGN LIMITS
.L BE CHANGED
tF ANY RADIATION.
BISTATIC RADAR
I
STEERABLE ANTENNA DIRECTED WITH MAJOR LOBE TOWARD
EARTH PRIOR TO OCCULTATION AND AT MARS DURING
OCCULTATION
RECEIVER MOUNTED ON SPACECRAFT BODY IN ELECTRONICS
COMPARTMENT.
SPACECRAFT 2400 CPS SQUARE WAVE CONVERTED BY pOWER
SUPPLY TO REQUIRED DC VOLTAGES
POWER ON/OFF
±5VANALOG PHASE DATA
± 5V ANALOG AMPLITUDE DATA
±SV _N/'.LOQ ?IIASE DAIA
±5V ANALOG AMPLITUDE DATA
+5V ANALOG GROUP PHASE
±SV ANALOG LOOP STRESS
TEMPERATURE MEASUREMENT TO ENG. MUX ENCODER
NO INTERFERING R.F. EMISSION FROM ORBITER
WITHIN ONE OCTAVE OF SELECTED TESTIFREQUENCIES
SENSORS AND ELECTRONICS WiLL BE DESIGNED TO
THE CLASS II RFI REQUIREMENTS AS A MINIMUM OF JPL SPEC
30236-ETS-A.
ANTENNA MUST BE OPERABLE IN SPACE ENVIRONMENT
THE SUBSYSTEM SHALL BE CAPABLE OF OPERATING OVER THE
TEMPERATURE RANGE ATTAINABLE BY SPACECRAFT POWER
SUPPLY
NO PROBLEMS IN CIS-MA,RTIAN
OR TRANS-MARTIAN SPACE.
ULTRA VIOLET SPECTROMETER
MUST POINT AT 90 ° TO SUN LINE WHEN MEASUREMENTS ARE
TAKEN
MOUNTED ON SPACECRAFT BUS E
TWO DEGREES OF FREEDOM REQUIRED.
I. ROTATION ABOUT OPTICAL AXIS
2. MAINTAIN FIXED POINTING DIRECTION PARALLEL TO
S/C ORBIT pLANE
50V RMS, 2400 CPS SQUARE WAVE FROM S/C POWER
28V RMS, 400 C?S SINGLE PHASE FROM S/C POWER
RF NOISE DETECTOR
NONE
ANTENNA MOUNTED OUTSIDE THE VEHICLE MUST SNAP
OPEN AFTER THE SPACECRAFT IS INJECTED INTO ORBIT
THROUGH THE EARTH'S ATMOSPHERE.
DEHAVILAND ROD CONCEPT POSSIBLE.
POWER ON/OFF
CALIBRATE
UPDATE SLIT ANGLE.
I ANALOG OUTPUT, ± 5V FROM DETECTORS
UV SENSOR TEMPERATURE MEASUREMENT
SPACECRAFT 2400-CPS SQUARE WAVE CONVERTED BY POWER
SUPPLY TO REQUIRED DC VOLTAGES
POWER ON/OFF
ONE OK MORE ANALOG CHANNELSs 0-5'4
ELECTRONICS TEMPERATURE MEASUREMENT.
NO TROUBLE ANTICIPATED FROM UHF SOURCES.
SENSORS AND ELECTRONICS WELL BE DESIGNED TO MEET
THE CLASS II RFI REQUIREMENTS AS A MINIMUM OF JPL SPEC.
30236-ETS-A.
THE SUBSYSTEM SHALL BE CAPABLE OF OPERATING OVER
THE TEMPERATE RANGE ATTAINABLE BY S/C TEMPERATURE
CONTROL
JPL SPEC
ASSOCIATED ELECTRONICS ARE LOCATED IN THE REMOTE
ELECTRONICS HARDWARE COMPARTMENT IN THE SIC BUS
FOR THE PURPOSE OF MAINTAINING THEM WITHIN THE
OPERATING TEMPERATURE DESIGN LIMITS
NOT DETERMINED.
NOT DETERMINED. (_
SENSORS AND ELECTRONICS WILL BE DESIGNED TO MEET
THE CLASS II RFI REQUIREMENTS AS A MINIMUM OF JPL SPEC.
30236-ETS-A.
.< 300°C.
SUBSYSTEM SHALL BE CAPABLE OF OPERATING OVER THE
TEMPERATURE RANGE ATTAINABLE BY SPACECRAFT THERMAL
CONTROL
NOT SENSITIVE
< 10 RAD/HOUR
HELIUMVECTOR MAGNETOMETER pLASMA PROBE INSTRUMENT =rTRAPPED RADIATION DETECTOR
N/A
NONE NONE
THE MAGNETOMETER SENSOR IS LOCATED ON A
NONFERROMAGNETIC BOOM APPROXIMATELY 35FEET IN LENGTH
SO THAT PERTURBATION BY MAGNETIC-MATERIALS AND FIELDS OF THE
SPACECRAFT IS MINIMIZED.
ORIENTATION OF EACH AXIS OF THE MAGNETOMETER SENSOR RELATIVE
TO SPACECRAFT MUST BE KNOWN TO WITHIN ONE DEGREE.
ONE SENSOR AXIS SHALL BE PARALLEL TO THE SPACECRAFT AXIS TO
WITHIN ONE DEGREE.
50V RMS 2400 CPS FROM SPACECRAFT POWER SYSTEM
POWER ON/OFF
CALIBRATION "ON" PULSE
CALIBRATION "OFF" PULSE
BODY MOUNTED ABOVE AND BELOW SPACECRAFT
RELATIVE TO ORBITAL PLANE
50V RMS FROM SPACECRAFT pOWER AND SWEEP CONTROL FROM DAE
READOUT COMMAND
STEPPING CLOCK PULSE
BODY MOUNTED WITH OUTSIDE VIL_¢ IN 30 ° CONE IN
SOLAR AND ANTISOLAR DIRECTIONS
50V RMS 2400 CPS SQUARE WAVE
!POWER ON/OFF.
CALIBRATE SEQUENCE
SENSOR TEMPERATURE MEASUREMENT
THREe. DATA OUiPUIS (ONE FOR EACH AXIS) TO DAE.
_'_ 72 WORDS TO DAE ON COMMAND
(12 ENERGY CHANNELS FOR EACH OF B DIRECTIONS)
TEMPERATURE MEASUREMENT
5 LINES TO DAE CARRY PULSE RATE
AND COUNT RATE
TEMPERATURE MEASUREMENT
SENSORS AND ELECTRONICS WILL BE DESIGNED TO MEET
THE CLASS II RFI REQUIREMENTS OF JPL SPEC 30236-ETS-A
II
CLASS II RFI REQUIREMENTS AS A MINIMUM OF JPL SPEC.
3023_- ET E,-A
SENSORS AND ELECTRONICS WILL BE DESIGNED TO MEE"
THE CLASS II RFi REQUIREMENTS AS A MINIMUM OF JPL SPEC
30236-ETS-A.
DOSE RATE < 10 RAD/HOUR
DESIGN TO BE THERMALLY INDEPENDENT.
_ED ELECTRONICS ARE LOCATED IN _HE
REMOTE ELECTRONICS HARDWARE COMPARTMENT IN THE SPACECRAFT BUS
FOR THE PURPOSE OF MAINTAINING THEM WITHIN THE OPERATING
"EMPERATURE DESIGN LIMITS.
I OPERATES OUT ON BOOM AND NO RADIATION EFFECTS ANTICIPATED
SMALL HE_T GENER_T!ON
ELECTRONS<109 CM -2 SEC -1 ABOVE 40 KEV
PROTRONS_ALPHAS<I08 CM -2 SEC "1 ABOVE 40 KEV
INSIGNIFIOCNT HEAT GENERATION
2 I
J(Ee> 50 KEV) _IO-2CM-2SEC -I
- SINCE LOCAIED IN BUS COMPARTMENT - RADIATION EFFECTS DOSE RATES _ 10 RAD/HR. _)
CONSISTENT WITH C&S TELEMETRY ANTICIPATED.
COSMIC DUST DETECTOR
NONE
r MOUNTED ABOVE SPACECRAFT TO LOOK AT PARTICLE
'IONS IN THE ECLIPTIC pLANE, ONE SIDE INTO THE
CT FLUX AND THE OTHER INTO THE RETROGRADE FLUX;
:RENCE AXES ARE TO BE LOCATED WITHIN _3 e
' _MS FROM SPACECRAFT POWER PLUS CALIBRATE AND
#ER ON/OFF
S OUMPED BY PARALLEL LINES TO DAE UPON COMMAND
SENSOR TEMPERATURE MEASUREMENT
SENSORS AND ELECTRONICS WILL BE DESIGNED TO MEET
! CLASS II RFI REQUIREMENTS AS A MINIMUM OF JPL SPEC.
36-ETS-A.
ISCRS AND ELECTRONICS TO BE DESIGNED TO OPERATE
ER TEMPERATURE RANGE ATTAINABLE BY SPACECRAFT
_pEJ' aTURE CONTROL
NOT SPECIFIED
<" 10 RAD/HR
IONIZATION CHAMBER
NONE
BODY MOUNTED ON SPACECRAFT SO THAT SPACECRAFT
COMPONENTS SUBTEND MINIMUM POSSIBLE SOLID ANGLE
POSSIBLy ON A BOOM)
SPACECRAFT 2400 CPS SQUARE WAVE CONVERTED BY
POWER SUPPLY TO REQUIRED DC VOLTAGES
PO_RON_FF.
TWO LINES CARRYING PULSE TO DAE
CLASS II REQUIREMENTS AS A MINIMUM OF JPL SPEC.
30236- ET S-A
iNSiGNIFICANT HEAT GENERATION
ONBOARD BACKGRC_JND J(Ee> 0.5 MEV)'_ I CM -2 SEC "1
-KEp >10 MEV)< 1 CM "2 SEC -I
DOSE RATE <_ I0 RAD/HOUR
CO.e,_IC RAy TELESCOPE
NONE
MOUNTED SO THAT A 60 e OPENING ANGLE WITH APEX AT
FRONT DETECTOR HAS UNOBSTRUCTED VIEW OF SPACE
POINTING AWAY FROM THE SUN.
POWER ON/OFF.
CALIBRATE MODE ON/OFF.
SOLAR FLARE MODE ON/OFF.
A CONSECUTIVE SEQUENCE OF 21 BITS.
USUAL SHIELDING PRECAUTIONS FOR RFI
SENSORS AND ELECTRONICS
i SHALL BE CAPABLE OF OPERATING WITHIN TEMPERATURE
RANGE ATTAINABLE BY SPACECRAFT TEMPERATURE CONTROL
SYSTEM.
PROTONS ALPHAS ( _> 1 MEV/NUC) Po210 CALIBRATION
SOURCES SHIELDED
ELECTRONS (0.18_: E_0.35 ME"/) FROM REST OF SPACE-
CRAFT SYSTEMS.
_10 PAD PER HOUR
GAMMA-RAY SPECTRC
NONE
BODY MOUNTED SO THAT S/C COMP(
MINIMUM SOLID ANGLE (POSSIBLY Oi
50 V RMS TO POWER SUPPLY, GAIN
• CALIBRATE SIGNAL
POWER ON/OFF
PULSE TRAIN READOUT TO D
CLASS II REQUIREMENTS AS A MINII
30236-ETS-A
ONBOARD _'-RAy BACKGROUND
J(E_b'7 KEV) .4 1.0 CM
J(E_>.I MEV)_<0.01 CM
DOSE RATE _I0 RAD/HOL
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TABLE 4.4.3-1: TYPICAL SCIENCE EXPERIMENTS INTERFACES
ENTS SUBTEND
% BOOM)
!
t
NTROL FROM DAE
M OF JPL SPEC
L
IONOSPHERIC SC_JNDER
NOT AVAILABLE
TWO DIPOLE ANTENNAS MOUNTED ON OPPOSITE SIDES
OF SPACECRAFT BUS 60 FEET TIP TO TIP PARALLEL TO MARS
SURFACE
SPACECRAFT 2400 CPS SQUARE WAVE CONVERTED BY POWER
SUPPLy TO REQUIRED DC VOLTAGES
POWER ON/OFF
CALIBRATE
START SOUNDING SEQUENCE
2 CHANNELS - ANALOG/PULSEWIDTH MODULATED
RANGE DATA
ECHO AMPLITUDE DATA
SENSORS AND ELECTRONICS WILL BE DESIGNED TO MEET
THE CLASS II Pd:l REQUIREMENTS AS A MINIMUM OF JPL
SPEC 30236-ETS-A
ANTENNA MUST BE SPACL_t/ORTHY
IN THERMALLY CONTROLLED COMPARTMENT IN SPACECRAFT
BUS
GRAVITY GRADIENT
NONE
BOLT-DOWN TO SPACECRAFT BODY
MUST NOT BE P',.ACED WITHIN 4
METERS OF MOVEABLE MASSES,
SPACECRAFT 2400CPS EQUARE WAVE CONVERTED BY POWER
SUPPLY TO REQUIRED VOLTAGES
POWER ON/OFF
CALIBRAT E SIGNAL
ONE DIGITAL OUTPUT
I SENSORS AND _[CTRONtCS W_LL BE DESIGNED TO MEET THE
CLASS II RFI REQUIREMENTS AS A MINIMUM OF JPL SPEC
30236-ETS-A.
LOCATE IN THERMALLY CONTROLLED COMPARTMENT
NO PROfiLEMS ANTtCIPATED NO PROBLEMS ANTICIPATED
/
I INTERFACES I
OPTICAL
MECHANICAL
INPUT
ELECTRICAL
OUTPUT
SENSOR
ELECTRONICS
i RF REQUfREMENTS
SENSOR
THERMAL
ELECTRONICS
SENSOR
ELECTRONICS
RADIOACTIVE OR
NUCLEAR RADIATION
MAGNETIC
ENVIRONMENTAL
iI PERFORMANC E PARAMETERS t i
RELIABILITY
SENSLTIV_TY
DYNAMIC RANGE
RESOLUTION
SENSOR R_SE_NSE
SIGNAL CHARACTERISTICS
BIT RATE
IIEfIYSlCAL CHARACTERISTICSIIAND ICONSTRAtN TS t l
SENSOR
WEIGHT
ELECTRON ICS
SENSOR
VOLUME
ELECTRONICS
L
SENSOR
POWER
ELECTRONICS
I
OPERATING TEMPERATURE
LIMITS SENSORS
ELECTRONES
i i
,_ON-O PERATING SENSORS
TEMPERATURE LIMITS
ELECTRONICS
I I ii
SAFETY CONSIDERATIONS
DESIGN SHOULD CONFORM TO THE MINIMUM
USE Of MAGNETIC MATERIALS REQUIREMENT
OF JPL SPEC, 31252,
SPACECRAFT MOTION OR VIBRATION MUST BE CONTROLLED
TO MINIMIZE CAMERA POINTING ERRORS.
ii
_" s = 37,9 x 10 _6 hr "1 PER SENSOR.
_" e = 41,8 x l0 _6 hr -] PER ELECTRONICS
0.0075 FT-CANDLE-SECONDS AT THRESHOLD S/N RATIO FOR
HIGH CONTRAST PICTURES. FILTER LOSSES ARE NOT INCLUDED.
i I
64:1 ILLUMINATION WITH AUTOMATIC VIDEO GAIN CONTROL.
"iV #h A SURFACE AREA OF 50 X 50 KM, 50 M RESOLUTION
AT 1000 KM ALTITUDE
W #2: COVER A SINGLE AREA OF 365 X 365 KMs365M RESOLUTION
AT 100D KM ALTITUDE
EXPOSURE TIME VARIABLE FROM .Ol to 0.5 SECONDS.
i
SIZE l(_g ELEMENTS X lgD0f LINES ON A 0.44" X 0.44" FORMAT
CAMERA E]: 4° COVERAGE ANGLE
FIELD OF VIEW CAMERA E2:29 ° MAX COVERAGE ANGLE.
66,700 BITS PER SECOND TO DAE, SIMULTANEOUSLY
I PICTURE EVERY 2 MINUTES FOR EACH SYSTEM.
SENSOR El - 15 POUNDS SENSOR #2 - 10 POUNDS
ELECTRONICS #1 - 8 POUNDS ELECTRONICS t2 - 8 POUNDS
SENSOR El - 10" X IS" X25" SENSOR t2 - 3" D X 15"
11 3 - 6" X 6" X 2" 3 - 6" X 6" X 2"
ELECTRONICS I( 2 - 6" X 6" X I" ELECTRONICS 12 2 - 6" X 6" X I"
II
SENSORS II, #2 - 1 WATT EACH
ELECTRONICS t1, E2 - 9 WATTS EACH
-20OC to +40°C
- 10":L to +70°C
,rE_EE_TURECHANpE<_'C,/MIN,
-50°C to +100OC
-40°C to +125°C
NO SPECIAL CARE NEEDED
DESIGN SHOULD CONFORM TO MINIMUM USE OF MAGNETIC
MATERIALS REQUIREMENTt JPL SPEC. 31252
SHOCK PROTECTION DURING BOOST.
JPL SPEC
X = 9.6 X I0 -6 HR -| (SENSORS AND ELECTRONICS)
X = 20.0 X 10 -6 HR -I (OPTICS AND MECHANICAL)
D"=I0IIc_ (CrS)I/2WATT"I (PbS)
O _ = 4 x 10 B CM (CPS) I/2 WATT -I (BOLOMETER)
D* = 1.5 x 1013 CM (CPS) 1/2 WATT -1 (Si DIODE)
106
SPATIAL: 0.4 X 0.4 MILLIRADIANS iVISUAL)
0.B X 3.2 MILLIRADLANS (WATER VAJK)R)
0.8 X 0.8 MiLLIRADIANS (THERMAL)
THERMAL 2° (_ 260OK
(SAMPLE RATE 1.25 STRIPS/SECOND).
ELECTRONE BAND PASS: - V_SUAL ALBEDO 2B0 C_;
H20 VAPOR 34 CPS THERMAL BAND 139 CPS
S/N 9.7X 104 FOR .01 ALBEDO INCREMENT.
2.6 FOR I% H2O ABSORPTION,
6.2 FOR 2° THERMAL CHANGE.
5000 BPS
TOTAL = 14.1 x 106 BITS PER ORBIT (TYPICAL)
20 LBS.
i
2 LBS,
=
14" D X 15"
7" X 7" X 3"
6W
3,7W
-20 ° TO -40OC (NORMAL RANGE -4OC PBS DETECTORt
BY SELF-CONTAINED RADIANT COOLING .)
TEMPERAI_RE CHANGE _2 e C PER MINUTE
ii
-50 _ TO +70 ° C
ii
NO SPECIAL H_ZARDS.
DESIGN SHOULD COH
MAGNETIC MATERIAL!
PROTECT OPTICS
(OPTICS AND ME(
_, (PHOTOSURF. & E
in
L)_ = 10!ICM (CPS)
D* = )0 _° C.M (CPS)
D* = 1.5 x 1013 CM
WAVE LENGTh:
PbS - 250._
PbSe - 8 ._.
S/N I_
17 6PS
l_/ORBIT(L_
i
27 LRS.
ELECTROf
15" X 14"
8" X 8" X
IW
9_
-120°C to 0°C
TEM,
O°C TO +50°C
-150°C TO +40oC
-70OC TO +125°C
CARE IN INSTALLIN3
DEVICES USED TO RD_(
AND TO IMPLEMENT O
_)RMTO INIMUM USE OF
!EQUIREMENT t JPL SPEC. 31252
_ROM LAUNCH SHOCKS
ANICAL) = ]0.0 X 10 -6 HR -I ,
CT.) = 27.7 X 10 -6 HR -I .
2 WATT "1 (PbS)
_2 WATT "1 (PbS-)
CPS) 1/2 WATT -I ($1 DIODE)
0.03 MICRONS
:c (1-3)
EC (3.7)
.'L CALIBRATION)
10.5_LBS
!RATURE CHANGE _ 2°C MID
ND TESTING PYROTECHNIC
VE PROTECTIVE SUPPORTS
IERATION.
VEHICLE FIELDS BELOW I GAMMA DESIRED
DESIGN SHOULD CONFORM TO MINIMUM USE OF MAGNETIC
MATERIALS REQUIREMENT, JPL SPEC. 31252
JPL SPEC
DESIGN TO MINIMIZE SHOCK.
_. = 31.6 X 10 -6 HR -i .
20 M ICROVOLTS/METER
NOT SP_C IFiED
NOT SPECIFIED
NOT SPECIFIED
NOT SPECIFIED
REAL TIME 1.4 BPS
STORE TIME 56 BPS
6.5LBS.
<250 IN 3
DESIGN SHOULD CONFORM TO MINIMUM USE OF
MAGNETIC MATERIALS REQUIREMENT, JPL SPEC. 31252
JPL SPEC
= 144.8 x 10 -6 HR -I
MICROAMPS
~ 0.050
i06
1.0 ANGSTROM @ 3000 _, WAVELENGTH
S -13 PHOTOCATHODE
i
NOT SPECIFIED
HiGH RATE = 2500 BPS
LOW RATE = 130 BPS (ENTIRE ORBIT FOR SEVERAL ORBITS)
B.5 x 106 BITS PER ORBIT (TYPICAL ORBIT)
20 LBS.
DESIGN SHOULD CONFORM TO MINIMUM USE OF
MAGNETIC MATERIALS REQUIREMENT, JPL SPEC. 31252
JPLSPEC
_, =3.5X 10-6HR -I.
4 LBS.
I
9" X 10" X 20"
8" X 8" X 2"
2W
10w
-50°F TO +150°F
JPL SPEC
1.6 WATTS TOTAL
-15O°C TO +125°C
0°C TO +50°C
-150°C TO +125°C
-SO°C TO +125°C
NO SPECIAL REQUIREMENTS.
NO SPECIAL REQUIREMENTS,
20 MICROVOLTS/METER
,os
NOT SPECIFIED
20 CPS/CHANNEL
S/N 100
1.7 BITS PER SEC
2 LB
2.5 LB
ROD ANTENNA UP TO 75 FT LONG (EXTENDED)
6" X 3" X 3"
2W
.IPL SPEC
NOT SPECIFIED
NO HAZARDS
CHANGEI MAGNETICFI LDOBEHELDTOS0.1GAMMAATSENSOR.
MAXMAGNETICFIELD CAUSED BY S/C AT SENSOR, SHALL BE:
._ I GAMMA FOR A DEMAGNETIZED S/C UNDER ALL NORMAL
OPERATING CONDITIONS
L0 GAMMA FOR A S/C EXPOSED TO A MAGNETIC FOELD OF AT
LEAST 25 OERSTEDS
DESIGN TO MEET EARTH, SPACE ENVIRONMENTS
= 14.3 X T0-6HR -1
+ 0.25 GAMMA PER AXIS
:E 364 GAMMA
NOT SPECIFIED..
5 CPS MAX M
NOT SPECIFIED
CRUISE 18.4 BPS, ORBIT 46 BITS CONTINUOUS READINGS
CONTINUOUS READINGS THROUGHOUT CRUISE & ORBIT PHASES
<: 0.8 LB
,_ 4.7 LB
3" DX5"
2 - 6" X 6" X 2"
7W e 9°5W pEAK DURING IO-SEC IGNITION
-55 e TO +55" C
-20 ° TO +65 ° C
THERMAL CONTROL MUST BE PROV1DED FOR TEMPERATURE
EXTREMES _ OPERATING TEMPERATURES
NONE
MINIMUM USE OF MAGNETIC MATERIALS JPL SPEC 31252
JPL SPEC
A = 12.7 X ]O-6HR -I
SHIELDED CURRENT_ LOOPS
NOT AVAILABLE
8.6 (104) to 8.6 (10") PARTICLES aM -2 SEC -1 IN EACH ENERGY
INTERVAL
12 ENERGY CHANNELS FROM 15 TO 5000 EV. EACH 15% WIDE
6 DIRECTIONAL CHANNELS OF 15 ° SUBTEND ANGLE
10 BITS PER SEC (AVERAGE)
1O.LB
6 X 6 X 8 INCHES (2 UNITS)
2.8 WATrS
-I0oC TO 50°C
-30° C TO+70 ° C
50"C
IDESIGN SHOULD CONFORM TO MINIMUM USE
IMATERIALS REQUIREMENT_ JPL SPEC. 31252
JPL SPEC
_. _ 6(10 "6) HR "l
1 CM 2 STERADIAN (GEOMETRICAL FACTOR)
0. I TO 50t00o COUNTS/SEC
DECTORS A, 8, C, & D D: PORTIONS ONLY
A,B: Ee's _ 40 KEV C: Ee>_70 KEV 5-_ KEV_ Ep2_ 8 MEV
Ep'I_50O KEV Ep:_90O KEV ' 900 KEV _ Ep<_ 5.5 MEV
READ OUT ONCE PER 20 SEC
MEASURE PULSE RATE
3. I BITS PER SEC (AVERAGE)
1.9LB
1 LB
40 IN. 3
40 IN. 3
DO NOT OPERATE HIGH VOLTAGE SQUARE WAVE GENERATOR
UNTIL OUTSIDE OF EARTH ATMOSPHERE.
0
40O MW
oI0 TO +50 ° C
-I0°C TO +50°C
-30 T O +60 _ C
-30 TO +60 ° C
DO NOT TURN ON UNDER iNTERMEDIATE PRESSURES
SHOULD CONFORM TO MINIMUM USE Of: MAGNETIC
,LS REQUIREMENT, JPL SPEC. 31252
JPL SPEC.
_. = 2.1X I0-6 HR -i
TORS: MASS • i0 "13 GM_VELOCITY > 2 X 105C_VSPC,J
MOMENTUM _" 2 X 10 "° DYNE-SEC
rICAL TRANSDUCER: MOMENTUM > 10 -5 DVNE-SEC
0 to 7 COUNTS PER READOUT INTERVAL
8 LEVELS OF MOMENTUM
2 DIRECTIONS OF IMPACT
NOT SPECIFIED
BINARY PULSE, 6 VOLT AND 10_ SEC WIDE
1.6 BITS PER SEC (AVERAGE)
3 LB
i
2 LB
I" X 10" X I0"
2"X3"X3"
o3/w
o.2w
-100 ° TO +200= C
•-40" TO +100_C
f -150 ° TO+250" C-70 o TO +125=C
i NO HAZARD
MINIMUM USE OF MAGNETIC MATERIALS PER JPL SPEC
31252 PLUS USUAL PRECAUTIONS tN ELECTRICAL CIRCUIT
SHIELDING
JPL SPEC
RELIABILITY X = 11.9 X 10 -6
CAN BE DESTROYED BY MICROMETEOROID PENETRATION
OMNIDIRECTIONAL GEOMETRIC FACTOR OF GM TUBE _7 CM
GM TUBE 0-50,000 COUNTS PER SEC
ION CHAMBER 0-100 PULSE PER SEC
PARTICLE THRESHOLDS/ ELECTRON ENERGY "_ 0.5 MEV
OMNIDIRECTIONAL PROTON ENERGY >10 MEV
MEASUREMENT READOUT EVERY 20 SEC
MEASURE PULSE RATES
3.1 BIT PER SEa (AVERAGE)
2.5 LB
5 IN, DIA SPHERE+ CYI.INDER I/2 IN. DIA 2.5 IN. LONG
2 X 2 X 4 INCHES
10 -5 WATTS
0.5 WATTS
-30 e TO +70 e C
-30 ° TO +70_C
-50 ° TO +80 _ C
-50e TO+g0 ° C
NO HAZARDS
DESIGN TO CONFORM TO MINIMUM USE OF MAGNETIC
MATERIALS REQUIREMENT.
DESIGN TO MEET EARTH, LAUNCH, AND
SPACE ENVIRONMENTS.
= 5.3X I0 -6 HOUR -I.
E > 0.8 MEV E _2 MEV Ee> 0.1R MEV.p
ENERGY APPROXIMATELY 1 MEV/NUC TO I BEV/NUC: RATE
0.5 TO 104 SEC "1
ENERGY_400 KEV; RATE /-.:_5%.
ONE MEASUREMENT PER 2-SECOND SAMPLING iNTERVAL,
NOT SPECIFIED
PHA 16 BITS PER SAMPLE 1 SAMPLE PER 2 SECONDS
CRUISE MODE
RATE 10 BITS PER SAMPLE I SAMPLE PER 4 SECONDS
L
7.3 LB
13 INCHES BY 8 INCHES BY 6 iNCHES
MINIMUM USE OF MAGNETIC MATERiAl
JPL SPEC
10.24 x 10 -6 HR -1
DETECTOR AREA =5.8 CM 2
0 TO 128 COUNTS PER CHANNEL PEI
HIGH-GAIN LEVEL 8 TO 200 KEV IN 6-_
LOW-GAIN LEVEL 0. I TO 2.2 MEV IN 6
PULSE TRAIN FROM STORAGE
4.5 BITS PER SEC AVERAGE
i2LB
4.SLB
_10oC TO +35.C. 0TO50 ° C
-3mC - +60°C
-30eC TO +70* C.
-30°C - +60 _ C
DO NOT OPERATE IN PRESSURE RANGE 10 "5 TO 10 MMHG
5.2-S" DIA x 13" LENGTH
6X6XSIN.
0.5 WATTS
1.5 WATTS
S JPL SPEC 31252
i
i
I READOUT
IEv CHAM_ELS
_"K EV CHANNELS
i0 SEC
UNIT
_.TE PRESSURES
DESIGN SHOULD CONFORM TO MINIMUM USE OF MAGNETIC
MATERIALS REQUIREMENT t JPL SPEC 31252
I
JPL SPEC
4.92 X 10 -6 HR "1
-120 DBm
40 DB
5 KM
IC'W
3.8 BtTS/SEC
2 LB
24.5 LB
420 IH 3
IW
-iSO" T0+125 u C
0° TO +50 ° C
-150 a TO+125 ° C
-50 _ TO +12-5 a C
NONE
MAGNETIC SHEILDING REQUIRED
JPL SPEC
MUST RE CAGED TO WITHSTAND MAJOR SHOCKS
= 8,62 x lO"6 HR "1
3 x 10 "9 C.M SEC -2 CM -I
3 x 10 "9 TO 3 x 10 "4 CM SEC "2 CM "1
I PER MINUTE MAX (RESPONSE)
DIGITAL
I BPS
20 LBS
4.5 IN. DtA. x 16.5 iN. LONG
4W
JPL SPEC
JPL SPEC
NO SPECIAL HAZARDS
MAGNETIC
ENVIRONN_NTAL
| PERFORMANCE PARAMETERS I_
RELIABILITY
SENSITIVITY
DYNAMIC RANGE
RESOLUTION
SENSOR RESPONSE
SIGNAL CHAR? CTERISTICS
BIT RATE
PHYSICAL CHARACTERISTICS AND CONSTRAINTS |
SENSOR
i WEIGHT
ELECTRONICS
SENSOR
VOLUME
ELECTRONICS
SENSOR
PO_._R
ELECTRONICS
SENSOR OPERATING TEMPEP_TURE
LIMITS
(SELF CONTROLLED)
ELECTRONICS
SENSORS
NON-OPERATING
TEMPERATURE LIMITS
ELECTRONICS
SAFETY CONSIDERATIONS
//-_ 4.4-9 & 4.4-i0
d)
e)
BOEING--SPACE DIVISION
D2-82709-6
TRAPPED RADIATION DETECTOR
ObOective: Measure medium energy protons and electrons in inter-
planetary space. Search for weak trapped radiation particles at
Mars.
Instrument Description: Mariner C Type. Detectors A, B and C
measure total number of particles which penetrate a shield. Shield-
ing provides directional sensitivity and energy discrimination from
tube to tube. Detector D measures proton and alpha particle flux
only. (References i, 4_ 15: MC-4-225.)
IONIZATION CHAMBER
Objective: Measure the average omnidirectional flux of ionizing
radiation and, with the Geiger-Mueller counter, determine the average
specific ionization of the flux. This flux will include galactic
cosmic rays, solar cosmic rays, and other possible sources such as
trapped radiation. The instruments can detect changes in the ioniza-
tion rate of about 2_g.
Instrument Description: These Neher and Anderson counters, des-
cribed in Mariner C functional specifications have been standards
of comparison since mid-1930's. (References i_ 4_ 15: MC-4-226A.)
Operation: An integrating electrometer measures current in the
ionization chamber, which is a O.OiO-inch-thick stainless-steel one-
liter sphere containing argon at 60 psi. The ON tube produces a
pulse for each charged particle passing through its sensitive volume
(cylinder 1.3 cm diameter by 6.2 cm long). Both counters detect
particles of the same energy range.
4.4-11
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MAGNETOMETER
Objective :
Measure magnetic field vector to a strength of 256 gamma _ 0.5 gamma
in (i) the vicinity of Mars (2) the interplanetary spiral field
(3) the galactic field perpendicular to the plane of the ecliptic.
Measure field perturbations caused by collisionless shocks in inter-
planetary space.
May provide a rough orientation reference to confirm Canopus lock-on.
Instrument Description: The helium magnetometer (References i, 4, 14; 15:
MC-4-233, Range and sensitivity to be modified per Reference i0.) uses a
sensing cell, containing helium gas maintained in a metastable state.
Its absorption of resonant helium-glow light is related to the magnetic
field in the cell.
g)
Operation: Three orthogonal helmholtz coils for X Y & Z axes null
the absorption in the cell. These coil currents provide the analog
signal output, measured throughout flight at uniform intervals in
each of the several modes.
RF NOISE DETECTOR
Objective: Measure interplanetary noise due to planetary emmissions.
Measure RF noises associated with solar flares. Measure Martian
spherics.
Instrument Description: The instrument (Reference 4: p. 422.) con-
sists of an antenna and a broadband linear receiver. In addition
to cruise objectives, operations during cruise calibrate noise
temperature.
4.4-12
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IONOSPHERIC SOUNDER
Objective: Measure amplitude and altitude of ionosphere layers in
Mars upper atmosphere.
i)
Instrument Description:
The Ionospheric Sounder (Reference 4 and 7) consists of a transmitter,
antenna, receiver, clock, and a peak detector. The sounder measures
both range and echo amplitude. Transmitter operates interrupted-
continuous-wave, on 4 discrete frequencies, between 1 and 7 mega-
cycles per second. A trigger starts transmitter and clock simultan-
eously, and the leading edge of the echo stops the clock. The
desired range resolution is 5 kilometers; therefore, the clock runs
at approximately 60 kc/second. Clock pulses are transmitted to the
data automation equipment (DAE) and peak amplitude of the echo is
also transmitted as analog/pulse width data.
BISTATIC RADAR
Objective: Measure integrated electron density between Earth and
Mars. Measure Mars ionosphere and atmosphere scale height, altitude,
and surface density.
Instrument Description:
Experiment uses two earth-based transmitters and a dual frequency
spacecraft receiver. (Reference 4: p. 421) Amplitude and relative
phase of two frequencies are measured; also group phase differences
and loop stress. During cruise, phase differences measure inte-
grated electron density. During occultation, amplitude and phase
fluctuations both measure atmosphere and ionosphere scale heights
and densities.
4.4-13
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BOEING--SPACE DIVISION
D2-82709-6
Relative characteristics of 50MC and 425MC signals are again used to
differentiate between atmospheric and ionospheric phenomena.
GAMMA-RAY SPECTROMETER
Objective: Measure solar gamma-ray flux in the x-ray range from 8
to 200 kev in 6 key steps, and from O.1Mev to 2.2 Mev in 66 Key steps.
Instrument Description: Basic design resembles that for Ranger 3
(References 2, 4) adapted to a preferred x-ray range.
Operation: CS I scintillation crystal, responding to both gamma rays
and particles, is surrounded by a plastic guard scintillator which
responds only to particles. A pulse analyzer passes the gamma ray counts
only. A 32-channel pulse height analyzer determines the gamma ray
event energy.
GRAVITY GRADIOMETER ("GRAVIMETER")
Objective: Measure gravitational anomalies of Mars, and the plane-
tary oblateness which is not readily measured from observation of
the very nearly equatorial satellites Deimos and Phobos.
Instrument Description: The vibrating string gradiometer (Reference
3) provides gradient measurements without being adversely affected
by minor spacecraft accelerations. Two identical proof masses are
suspended between three ribbons, which are vibrated at their natural
frequencies. Sum of the two end-ribbon natural frequencies, and hence
tensions, is a function of the overall mounting forces only. The
center ribbon natural frequency is determined by the mounting forces
and the acceleration gradient between the two masses.
4.4-14
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Operation: The primary planetary gradient observed near periapsis is
estimated at 300 times the instrument threshold_ the oblateness effect
at 3 times threshold, whence anomalies should be discernible.
ULTRAVIOLET SPECTROMETER
Objective: Measure atmospheric phenomena.
Sunlit Side - Resonance re-radiation, fluorescence, scattering,
absorption.
Twilight (Very near the terminator) - Atmospheric illumination by the
sun, radiation caused by particle bombardment, recombination effects.
Beyond Terminator - Recombination effects, radiation caused by particle
bombardment.
Instrument Description: The ultraviolet spectrometer consists of a
telescope, monochromator, detectors, and associated electronics. The
telescope uses folded, all-reflective optics to collect energy and
focus it on the monochromator entrance slit. The monochromator
assembly consists of an entrance slit, a single large collimating
and focusing mirror, a plane reflection grating, and an exit slit.
Energy dispersed by the grating is focused on the exit sllt, which
selects a narrow band for detection. Entire spectrum is scanned to
a resolution of IX or better by rocking the grating. Two photo-
multiplier tubes (i000-2300_ and 1500-3000_ respectively) are
required to provide maximum sensitivity over the entire range. The
instrument employs two scan rates: i0 sec/scan and 40 sec/scan
(Reference 5, 6, 12).
4.4-15
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Operation: The spectrometer is mounted on the UV platform so as to
point in the plane of the orbit at an angle 90 ° from the Sun,
with the entrance slit parallel to the limb and to the evening termi-
nator. Two calibration sources are included: a mercury lamp for
spectral-line location; and the small tungsten lamp for intensity
calibration. Calibration is accomplished periodically during orbit,
under command of the DAE.
INFRARED SPECTROMETER
Objective: Determine amount of water vapor and carbon dioxide in
the Martian atmosphere, and interpret geophysical characteristics of
the surface by measuring the:
I)
2)
3)
Absorption - H20 and CO 2 bands (1.4#, 2.7#, 4.3#)
Wavelength regions opaque from Earth (5-7#)
Light and dark areas on surface in 0.55 - 1.0# region.
Instrument Description: A typical infrared spectrometer includes
collecting optics, monochromator, detection devices and electronics.
Two infrared detectors will be required to cover the region from
1 - 7_: lead sulfide (PbS) 1 - 3M and lead selenide (PbSe) 3 - 7#.
Both need controlled temperatures. A third detector, a silicon
photo diode, differentiates between light and dark areas on Mars.
(Reference: i, 5, 8, 12, 15; MC-4-237).
Operation: A vibrating reed chopper modulates the light beam to
improve signal-to-noise ratio.
The grating is rocked so that the detectors scan the desired
portion of the spectrum every 60 seconds.
4.4-16
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INFRARED SCANNER
Objective: Measure surface temperature and near IR albedo variations
of planet surface. Measure water vapor distribution of planet atmos-
phere or surface.
Instrument Description: The instrument is a variation of the Te
Company multisensor scanner (References 1,5) with three sensing
elements capable of providing overlay pictures of the planet surface.
Essential elements of the system are: collecting optics, beam splitter,
filters, detectors, associated electronics.
Incoming radiation is collected and divided by dichroic beam split-
ters so the 3 bands of energy are incident on 4 difference detectors.
Energy between 0.55 and 1.OMis detected by a silicon photodiode. Ther-
mal radiation between 8 and 12Mis detected by a thermistor bolometer.
The 2.7_water vapor absorption band is measured by a cooled lead sulfide
cell.
Operation:
is created by the rnfm+_mnm] _+;_ Of z_-_ mirrors.
dimension is provided by the motion of the vehicle.
be compared with the photoimaging.
A continuous scan pattern across the track of the vehicle
The other scan
The scans will
During the scan flyback, all channels are presented with a controlled
radiation standard for calibration. The reference is a 330OK black
body on which is superimposed an 1800OK tungsten source for
D
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calibration. An additional one-minute calibration is desired 30
minutes prior to crossing the morning terminator. This calibration
is initiated by the DAE.
PHOTOIMAGING DEVICE
Objective: Photoimages for topographic and color data:
I) Nadir viewing desired (within 300 of surface normal usable)
2) Close approach desired
3) View the illuminated surface in three regions:
i0° to 50° from morning and evening terminators
Near local noon
4) Middle to south latitudes (+i0 ° to -40 ° )
Photoimages for surface reflectance data:
(a) Only during orbits with near approaches passing within
about one-half a Mars radius of the Sun-Mars line
(b) Camera axis pointed 180 ° from Sun and parallel to Sun-Mars
line
(c) View near subsolar point to limb.
Instrument Description: The two separate television cameras obtain
photoimages of the surface of Mars_ using optics9 vidicon sensor_
oscillator_ preamplifier9 sweep generators9 amplifiers_ shutter
control 9 and power supply (References i_ 12_ 15: MC-4-236).
Operation: The photoimages will be coincident with the infrared
scanner to compare the results.
To avoid repetition_ see expanded analysis in Task A, Final Report
Volume A_ Part II9 Section 4.5_ Reference 13.
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Auxiliary Equipment
4.4.4.1 Planet Scan Platforms
The typical Science Subsystem installation provides two planet scan
platforms; one for the photo-imaging, IR spectrometer and infrared scan-
ner; one for the UV spectrometer. The first platform is located on the
spacecraft with a clear field of view so that it can be pointed towards
the Mars surface along a line-of-sight which is within 30 ° of local ver-
tical at the Mars surface. Two-axis gimballing is sufficient to meet
this requirement. The picture raster should be squared up with the direc-
tion of travel, consequently the gimbal axis closest to the spacecraft
should be nearly perpendicular to the orbit plane, or alternatively a
three-gimbal platform could be used.
Planet scan platform pointing is controlled by the platform electronics
to a local vertical as sensed by platform control and an offset command
given by the DAE. The platform is held fixed while instruments are
actually making observations, and its pointing angle is updated during
dead time between observations.
T_^ UV
•,,_ spectrometer platform is mounted so the gimbal axis nearest the
spacecraft is parallel to the Sun line. The outer gimbal axis is paral-
lel to the spectrometer line-of-sight and is used to ensure that the slit
is parallel to the limb or to the terminator.
4.4.4.2 Power Switching Electronics
Under the command of the DAE, the power switching electronics control
the power to the individual instruments.
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4.4.4.3 Magnetometer Boom
The length of the magnetometer boom depends on the residual magnetism of
the spacecraft. Estimates indicate about 35 feet. The magnetometer boom
will affect the dynamic stability of the spacecraft, therefore, it is
assumed that the boom will be retractable during orbit insertion.
4.4.5 Data Automation
The DAH is assumed to perform six functions for the science subsystem:
command storage, planet scan platform control logic, instrument control
and sequencing, data processing and routing, temporary data storage, and
data recording and playback control.
A functional block diagram of a typical DAH is shown in Figure 4.4.5-1.
Real Time DAE
Prelaunch
Cruise
Pre-Capsule Launch
Early Orbit
Late Orbit
Real Time DAE
One of the major interfaces between the science subsystem and the space-
craft is between the DAE, the data storage, and the telemetry subsystems.
In the typical Science Subsystem, the DAE is divided into real time and
non-real time sections, with the following modes of operation.
Non-Real Time DAE
Flare
Early Orbit
Late Orbit
Occultation
Table 4.4.5-i shows the equivalent data bit rates, i.e., average
rates allocated to each instrument sending back real time data
during each flight mode. The present telemetry allocation to
science in the cruise mode is one 12-word section of the 26-word
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master telemetry frame, plus the use of the 5-word "tape-reproduce
channel." Into this format, the DAE blends data from 9 experiments,
consisting of approximately 130 separate measurements whose word
lengths vary from 2 to 20 bits. This may be accomplished by using
variable word lengths and various methods of sub-commutation. When
the "tape-reproduce channel" is used to play back flare or maneuver
data, some real time data is lost.
Other real time modes are modifications of the cruise mode. In the
pre-capsule launch mode, the cosmic ray telescope data is suppressed
to make way for the increased capsule engineering requirement. The
early orbit mode permits higher rate data acquisition from a number
of instruments where it may be desirable. During late orbit, all
but a minimum number of cruise instruments are turned off, because
of the lower rate limitations, and to make way for planet instrument
"events" which should be telemetered in real time.
Non-Real Time DAE
Stored data requirements for the non-real-time operation modes are
shown in Table 4.4.5-2. The NRT DAE will have at least 4 operating
modes.
The flare mode is used to record in rapid sequence and to play back
particle event data resulting from solar flares. Events are charac-
terized by the fact that different energy particles will arrive at
the spacecraft at different times.
Measurement
Cosmic Ray Telescope
Trapped Radiation Detector
The following is typical:
Time after Flare
20 to 30 minutes
20 minutes to 30 hours
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Ion Chamber
Plasma Probe
Magnetometer (shock front fluctuation)
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Time after Flare
20 minutes to 30 hours
20 to 60 hours
20 to 60 hours
Since the first one to two hours of a flare are of primary interest,
a typical science subsystem is configured so that if either the cosmic
ray telescope, the trapped radiation detector, or ion chamber measures
an abrupt change outside a pre-set level, all 3 instruments will immed-
iately go into the flare mode in which all 3 are sampled at lO times
the normal rate for 2 hours, and data recorded on tape. In like man-
ner, the plasma probe and magnetometer are sequenced at 5 times their
rate when triggered by appropriate logic. During the flare mode,
periodic data is also sent in real time. Since it may be desirable to
employ rapid sampling for a variety of reasons, the flare mode can be
enabled by ground command.
During the early-orbit and late-orbit modes, the terminator crossing
signal from the spacecraft starts each sequence. Measurements will
be made after appropriate time delays, as controlled by instructions
stored in the DAE. Extensive command storage permits great flexibility
in sequencing instruments. Instruments can be turned off when no
longer needed during a given orbit.
Observation sequences for the planetary scan experiments will change
because the direction of the Sun changes continuously with respect
to the orbit. Platform pointing angle and operating time of each
instrument must be updated, preferably from orbit to orbit. For a
4.4-26
BOEING_SPACE DIVISION
D2-82709-6
40-degree orbit inclination, Figure 4.4.5-2 shows how measurement
times change over a 60-day period.
Backup capability will be provided in the DAE. Special operating
modes will permit re-programming the measurement sequence if desired.
All science commands will have direct Earth command backup capability.
The DAE will also have capability to re-route data to alternate tape
recorders in the event the designated recorder fails.
4.4.6 Science - Spacecraft Interfaces
The science subsystem and spacecraft interfaces are shown in Table 4.4.3-1.
In the integration of the science subsystem with the spacecraft during
Phase IB, interfaces in addition to those treated above will concern the
interface working group meetings, including:
Surface Coverage--This aspect of photo-imaging was analyzed in Task A
Report (Reference 13, section 4.5). Figure 4.4.6-i showns an extension
of that analysis for an orbital period approximately one-half the planetary
day, at 40 ° orbit inclination.
Maqnetometer Boom--The magnetometer boom design may affect dynamic
stability of the spacecraft, particularly during orbit insertion. The
boom design, in turn, is affected by the spacecraft magnetic characteris-
tics. Since the magnetometer boom is part of the science subsystem an
interface exists.
Science/Data Storage--Depending on the resolution requirement for a
photoimaging experiment using a vidicon YV system, problems may arise in
matching the vidicon storage characteristics and tape recorder capacities.
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Dual Spacecraft Interaction--If a significant difference exists in the
orbit inclination of the two identical 1971 orbiters some of the plane-
tary observation instruments may be occulted by the spacecraft in their
present position. Additional studies of location and orientation of the
science instruments and Canopus sensor would be required.
Future Missions--Although the experiments for 1973 and beyond are not
yet defined, types of instruments can be predicted and the nature of
the interfaces estimated. These considerations should underlie the
deliberations of the interface working group to ensure maximum versatil-
ity of the spacecraft.
Science 0SE--0perational support equipment and associated software is
defined in Volume B, Task B, see D2-82709-79 Section 4.4.
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PROGRAM SCHEDULES AND IMPLE_NTATION PLAN
5.i INTRODUCTION
This section presents a synopsis of program scheduling and implementation
planning accomplished in conjunction with the Spacecraft System technical
approach described in preceding sections. The information provided here
as part of the Phase IA--Task B report will be expanded and given further
analysis to provide a comprehensive Implementation Plan in Part 2 of
the Phase IB proposal.
The content of this section differs from that submitted in the Phase IA--
Task A report. The scope of coverage reflects the Task B Supplemental
Agreement to the Phase IA Statement of Work and the Phase IB RFP require-
ments for separate management plans. The changes to scope from that pro-
vided as part of the Task A report are as follows:
• The Task A Section 5.0 Schedule and Implementation Plan included
organization and management plan data to be submitted
separately with Part 1 and Part 2 of the Phase IB Proposal.
• The Task A Section 6.0 System Reliability Summary has been included
in Section 3 of this document. The Reliability Program Plam is to be
submitted as part of the Phase IB proposal.
• The Task A Section 7.0 Integrated Test Plan Development discussion is
omitted. The Integrated Test Plan will be submitted as part of the
Phase IB proposal. Test program features are discussed in the analysis
of the major scheduling segments included in this section.
Section 5 is organized for presentation and analysis of major scheduling
segments, a description of PERT analysis supporting the schedules, and a
discussion of significant program interface coordination considerations.
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Each section is introduced with the pertinent schedule segmentand
followed by a discussion of the significant features and rationale.
The Phase IB schedule is presented first and is in the form of major
milestones against level 2 items of the Voyager Work BreakdownStructure.
Phase II schedules are presented in three parts. The first covers the
flight spacecraft and major test models. The second covers Operational
Support Equipmentand facilities. The third expands the early part of
Phase II and covers the implementation of the individual subsystems. A
fourth subsection presents a digest of _ajor milestones comparing the
implementation of the 1971 and 1973 missions. The additional sections
cover PERTanalysis and program interface coordination.
5.2 PHASEIB SCHEDULE
Figure 5-1 presents a schedule of significant Phase IB milestones estab-
lished against Level 2 categories of the Voyager Work BreakdownStructure.
The seven month period is characterized by an intensive JPL/Boeing team
effort to complete the Voyager Spacecraft System definition and to upgrade
technical and managementplanning with the Mariner background and JPL
experience. As defined by the JPL guidelines, a technical and management
team will work at the JPL facility in Pasadena for the first three months
to enable a rapid transfer of experience and mutual understanding of the
work ahead. Milestones related to tasks done primarily at JPL during this
period are depicted by arrows as opposed to the triangles for other
milestones.
From an overall viewpoint, activities during Phase IB are guided by the
need to accomplish three significant milestones:
@ A System Requirements Review. (SRR)
• A System Preliminary Design Review. (PDR)
• Final submittal of Phase IB data (including Part 1 of the CEI
Specification s )•
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It is presently planned that the System Requirements Review be conducted
at the end of the first three months of performance under Phase IB contract.
The System Preliminary Design Review is planned for the end of the fifth
month, and final data submittal is planned for the early part of the
seventh.
For additional pacing of the Phase IB activities, two additional interim
milestones are planned. These are: i) A preliminary release of Part I
of all Contract End Item Specifications (CEI's) at the end of the second
month_ and 2) A second System Requirements Review at the end of the fourth
month.
Effective and orderly assembly of preliminary Part I CEI specifications
requires an early updating of the JPL System Specification. This activity
is conducted in conjunction with, and under the direction of, the Jet
Propulsion Laboratory team.
Identification of Contract End Items is accomplished as a constituent
part of the System Specification and is included as a Contract End Item
Specification tree. The CEI's to be identified include Prime Equipment,
Facility, Requirements and Identification CEI's{ and End Item Specifications
for Engineering Critical Components, Logistically Critical Components, and
Software.
All contractual and supporting documentation is to be compiled and indexed
to permit complete and accurate identification of source requirements.
Preliminary mission and system analyses are to be completed to a degree
sufficient to develop top level and subsequent levels of functional flows.
These sequential flows serve as a basis for the systematic development of
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Requirements Allocation Sheets, Time Lines, and other System Engineering
documentation. These, in turn, serve as the foundation for preliminary
Contract End Item Specifications.
Concurrent with the development described above, the following parallel
activities are accomplished:
• During the early phase of the program, trade studies are identified.
Preliminary resolution of the trades including potential alternates
are factored into related functional sequence flows and Requirements
Allocation Sheets in order to maintain currency in
requirements documentation.
• Preliminary design is also initiated and establishes successively
more detailed definition of functional requirements, performance
characteristics, interface requirements, and configuration definition.
These data impact upon the requirements definition process and stim-
ulate further delineation of detail in the Contract End Item
Specifications.
• Reliability Assurance, Quality Assurance, Safety, and Human Engineering
actively participate in the development of analyses, standards,
definition of constraints, updating of plans, and the establishment
of functional requirements.
I Planetary Quarantine personnel update and begin implementation of
the Planetary Quarantine Plan during this period. Additional Planetary
Quarantine trade studies are identified and operational functional
requirements and design requirements are established.
• The Test Board is organized at the beginning of Phase IB %o implement
its initial function of updating the Integrated Test Plan. It also
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guides the preparation of all plans developed in support of the
Integrated Test Plan, and establishes policies and control media
governing implementation of the test program.
D
All activities described above are initiated during the first two months
of the Phase IB contract and are conducted in cooperation with, and under
the direction of, JPL at Pasadena. The Boeing team assigned to this
_*-== of qualified technical personnel and keyactivity includes a o_a_
management personnel representing the areas of System Engineering, Design
Engineering, and Test Engineering. In addition, resident personnel are
assigned from Manufacturing, Quality Engineering, Reliability, Facilities,
Procurement, and Business Management. This group of management personnel
technically qualified in their respective assignments are to have the
responsibility and authority to make Voyager decisions and commitments.
The Boeing team at JPL is supported in depth by the remainder of the
Voyager Spacecraft Project organization at the Boeing Space Center in
Kent, Washington. Adequate communications and liaison trips are planned
to close-couple these resources to the task at JPL and to maintain homo-
geneity of direction and understanding.
D
The third month of the Phase IB contract period includes an iterative
application of the system requirements definition process conducted
during the first two months. This results in refinement and amplification
of functional requirements for the system. The three months of resident
team activity at JPL is concluded with a System Requirements Review. The
System Requirements Review constitutes a formal summation of work accom-
plished in the period9 and will include projected estimates of accomplishment-
by-milestone during the balance of the Phase IB activity.
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Preliminary Part I CEI Specifications are internally reviewed and
supporting data packages are submitted to JPL sufficiently in advance
of the System Requirements Review to permit a detailed performance
critique. Work item packages are developed concurrent with the System
Requirements Review and supported with detailed direction sufficient to
assure absolute compliance with the JPL intent. Subsequent to the review,
a detailed schedule for accomplishment of all work items is agreed to.
Continuous support is provided to JPL for updating of the System
Specification and Mission Specification for the 1971 Voyager program to
ensure currency of the functional requirements under review. A Mission
Engineering Panel established by JPL and supported by assigned contractor
personnel provides assurance of compatibility.
Test facility requirements are refined and summarized just prior to the
SRR. This allows for inclusion of the latest input from subsystem design
organizations and for the determination of facilities required to accom-
plish system test. Early in Phase IB a Boeing Interface Control Group
is established consisting of Boeing personnel to be assigned later to the
JPL Interface Control Working Group.
Activation of the interim working group under JPL direction facilitates
the establishment of the Spacecraft System requirements resulting from
requirements of the other Voyager systems. System Interface Requirements
are established and submitted for approval at the System Requirements
Review.
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In summary, submittals for the System Requirements Review at the end
of the third month are listed below.
z)
2)
3)
4)
5)
6)
7)
8)
9)
Updating support data for the 1971 Spacecraft System Specification.
Updating support data for the 1971 Mission Specification.
Preliminary CEI specs Part I
Preliminary Trade Reports
Preliminary Test Facility Requirements
Preliminary Interface Requirements
Data packages from:
a) Spacecraft Bus-subsystems
b) Spacecraft Bus-0SE
c) Planetary Vehicle Adapter and 0SE
d) Propulsion Subsystem-0SE
e) AHSE, STC, LCE and NDE
Spacecraft Operations, Facilities, and Interface requirements.
Planetary Quarantine Trade Study Report
Upon completion of the System Requirements Review the primary transfusion
of JPL technical guidance to the Boeing team should be sufficient to
warrant return of the bulk of the team to its in-plant residence.
To maintain continued guidance, it is understood that JPL intends to provide
a cadre of management personnel at the Contractor's plant for the remainder
of the Phase IB contract.
The next principal milestone is the conduct of a formal system Prelim-
inary Design Review (PDR) at the end of the fifth month. The two months
of activity include continued refinement of all Contract End Item Speci-
fications, updating support to the System and Mission Specifications and
completion of preliminary design packages.
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During the two months preceding the December 1st Preliminary Design
Review the following major items are submitted for JPL approval.
• Updated Part I of all CHI's
• Mission Analyses Document
• Data System Functional Analyses Report
• Field Test Plan
• Spares Provision Plan
• Parts, Materials and Process Specifications
• Updated Reliability, Safety and Quality Program Plans
In addition the Class II mockup and the following Preliminary Designs are
completed:
• Spacecraft Bus
• Spacecraft Subsystems
• System and Subsystems OSE
• Planetary Vehicle Adapter
• Propulsion
To assist in the preparation for the PDR and to provide an interim summary
of a large part of the data subject to the formal review process, a second
System Requirements Review is scheduled for the first of November. This
review covers the same scope of material as the first SRR, but verifies
incorporation of the work items and additional depth of detail generated.
The PDR is scheduled for the end of the fifth month of the contract period
to permit response to critique, work items, and updating the CEI Specs
before the final report_ and to permit a sufficient time and technical
basis for Phase II contract definition. Following the PDR it is expected
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that JPL will provide a detailed statement of commentsand critique of
technical and contract performance. Also expected are specific directions
for any changes to the total data package for Phase IB and direction for
any pre-implementation activities prior to Phase II go-ahead. Scheduling
of these tasks is then worked out for the balance of Phase IB period.
Concurrent with the requirements definition and preliminary design
activities of Phase IB_ selected hardware development activities are
anticipated. The Task B technical updating and program scheduling have
identified a list of fourteen breadboards or development items which are
recommended for Phase IB testing. They are:
l) High gain antenna (thermal and vibration effects test).
2) High gain antenna deployment, drive and latch mechanisms test.
3) Traveling Wave Tube Amplifier tests.
4) Single thread telemetry subsystem breadboard.
5) Packaging chassis (thermal and vibration effects test).
6) Computing and Sequencing breadboard.
7) Gyros and closed loop electronics breadboard.
8) Solar panel clouding and plume heating test.
9) Electrical subsystem failure sensing and switching breadboards.
i0) Battery over-charge hazard testing.
ii) Vacuum test of solid propellant, igniter and sealing.
12) Solid engine firing test to determine micro-organism status.
13) Hydrazine propulsion firings to determine micro-organism status.
14) Long term storage test of thrust vector injector valve with Freon.
Early implementation of these tests requires early procurement, approval of
principal subcontractors and commitment to facilities. Completion of these
tests is scheduled prior to the PDR so that firm design decisions can be made.
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Following PDR all of the management plans are completed and submitted to
JPL for approval as a basis for Phase II contract definition. It is
expected that JPL will provide an RFP for costing of the Phase II pro-
gram in context with the Phase II contract definition and Statement of
Work development. A smooth transition into Phase II work without
significant delay is the basis for Phase II scheduling described in
following subsections.
The final data submittal at the end of Phase IB includes all of the
updated management plans as well as the following significant items.
• Part I CEI Specifications
• System Engineering Documentation
• Interface Requirements Document
• Mission Analysis Document
• Mission Performance Support Document
• Mission Operations Support Plan
• Data System Functional Analysis Report
• Integrated Test Plan
• Configuration Document
• Planetary Quarantine Data
• Preliminary Detailed Test Plans
• Final Class II Mockup Drawings.
5.3 PHASE II SCHEDULE
The Phase II schedule and implementation planning summarized herein
reflects the source data and guidelines provided for the Phase IB proposal
as well as that provided for Task B. The fundamental benchmark for the
schedule is the unyielding launch window of some 45 days that exists four
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years from the start of Phase II. Three Flight Spacecraft, related
Operational Support Equipment, supporting services and software and a
proficient team of operating and supporting personnel are the products
which the implementation plan is to bring to absolute readiness for the
launch date. The plan must also provide for support of a year long
mission ready to accept the feedback of data and incorporate its
influence on mission objectives, design and test of the Voyager System
for its next bi-annual launch opportunity.
Precision scheduling based on detailed analysis of all tasks is required
to pace the program to its mandatory milestones. To provide a margin of
assurance before establishing the detailed definition and phasing of
activities_ two ground rules were established.
i) A launch date of April 97 1971, was selected for scheduling purposes.
This date represents the earliest possible time for launching within
the guidelines given and provides a potential several weeks of margin.
2) A ready standby point was established six months prior to the sched-
uled launch date. At this point all Spacecraft System preparations
up to the point of joining with the Launch Vehicle are scheduled for
completion. This self imposed margin provides a "time savings account"
at the disposal of the Spacecraft System Manager. Throughout the
system implementation program "withdrawals" may be made at the dis-
cretion of only the System Manager to apply as schedule assurance
measures.
Additional assurance measures at the beginning of the program are also in-
corporated. Analysis of design and development tasks for each subsystem
has revealed disproportionate flow times in some cases. In order to reduce
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the schedule risks_ selected development items have been designated for
early testing to begin prior to Phase II. These items were identified
in the previous paragraph covering the Phase IB schedule.
To provide the necessary continuity of effort leading to detailed system
design, no break has been scheduled between Phase IB completion and Phase
II go-ahead. Maintenance of the momentum gained in Phase IB while working
as a team with the JPL personnel is considered a vital step toward program
assurance. Phase II go-ahead is therefore assumed to be February 17 1967.
Objectives in scheduling have been relaxed only when risks associated
with relaxation were balanced by the risks of adherence. Some of these
objectives are:
• Type Approval Test should be complete before fabrication of flight
articles. With adequate development testir_g the design change risk
as a result of Type Approval Testing is reduced. Concurrency of
fabrication of flight articles with Type Approval Testing is allowed
in the case of structural parts where the risk of re-fabrication or
change to a small percentage of items was considered less critical
than delay effects on the system level assembly task.
• Type Approval Test hardware for incorporation into system level
testing on the Proof Test Model should not be assembled before
Type Approval Testing at the subsystem level is completed. It is
considered a greater advantage to prepare the PIM set of hardware
concurrently with the other Type Approval Test units to allow as
early a start on PTM testing as possible. Start of PTM testin_ is
not begun, however, before subsystem level Type Approval (except
life test) is complete. Another exception to this is the orbit
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insertion propulsion subsystem which completes TAT a month and one-
half after PTM tests begin. This is not considered a risk in that
a dummy rocket motor is used on the PTM for safety reasons.
• All Type Approval Tests must be complete before Flight Acceptance
Testing begins on fliqht hardware units. Two sets of Type Approval
units are provided. One set is Type Approval Tested except for
life testing. The second is started into life testing. Conduct
of FACI at the conclusion of normal Type Approval Testing of the
first set has been allowed. Completion of life testing after
flight units have been accepted for delivery to the system level
is considered an allowable risk.
The foregoing represent considered judgments which have been made in
implementation planning and which are to be reviewed as added system
detail evolves. In all cases, the Mariner operations reports and current
Lunar Orbiter experience are also consulted to provide a sound basis for
judgment.
The Phase II schedule has been established through many iterations. The
logic of major test steps has been worked back from the launch operation
to determine the significant branches to the testing "tree". PERT nets
for development of individual subsystems and OSE have also been worked
from design and development toward type approval and readiness for incor-
poration into the system level. PERT flow checks have been accomplished
to determine the critical paths and to evaluate available slack time.
The PERT networks are being further developed and tied into the total
program management networks. The PERT techniques discussed later in
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Paragraph 5.4 will be a continuing tool in the monitoring and control of
program activities and events.
Further discussion of the Phase II schedule is divided into four parts
for clarity of schedule presentation and analysis. First, the space-
craft hardware and major test model schedule segment is analyzed to give
overall perspective. The second subsection relates the OSH and facilities
schedule in support of the major spacecraft units. The third subsection
goes into spacecraft subsystem detail to show the evolution of lower
level units to support system level testing. A fourth subsection isolates
the 1973 mission preparations and considers the schedule relationships
to the 1971 mission preparations.
5.3.1 Spacecraft System
Figure 5-2 presents the portion of the program schedule dealing with
the major test models and the flight and spare spacecraft. This schedule
is the result of trades within and between the following significant
items: approaches to testing, number of test models, available time,
inter-relationships of design and procurement and fabrication, cost
effectiveness factors and program assurance values. Some of the mile-
stones which give a general pacing of the program are placed at the top
of this figure. Related milestones are also brought forward from the
OSH part of the program schedule to show some of the key relationships.
The spacecraft schedule and its rationale are outlined in the following
paragraphs by discussing each of the test models and the spare and mis-
sion spacecraft. A tabulation of the test models and their abbreviated
nomenclature is given below in the order they are discussed and scheduled
on the figure:
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Figure 5-2: Voyager Spacecraft Master Schedule -- Spacecraft
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• Structures Development Model - SDM
• Dynamics Development Model - DDM
• Propulsion Development Model - PDM
• Attitude Control Development Model - ACDM
• Thermal Control Development Model - TCDM
• Dynamics Type Approval Test Model - DTATM
• Structures Type Approval Test Model - STATM
I • Engineering Test Model - ETM
i • Proof Test Model - PT_
The general flow of the schedule can be described in terms of the four
categories of testing named by the JPL guidelines - Development, Type
Approval, Flight Acceptance, and Combined System Testing. The first year
and a half of Phase II is devoted to detailed system design and is sup-
ported by breadboard, engineering model and major development model
testing. This period is culminated by completion of CDR's. In the next
year the final drawings are converted to Type Approval Test (TAT) hard-
ware and the design, processes, support hardware, software and personnel
are all verified. This period closes with the conduct of FACI's upon
the end product system elements. The next year is characterized by
Flight Acceptance and Combined System Tests. The final 6 months are the
"Ready Standby" assurance period and final system preparations for
launch.
Environmental interface data is required for the Saturn V. This data is
required as a sound basis for the following major model tests.
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Structures Development Model - SDM
Early development testing of the spacecraft structural concept
and its interfaces is required to provide a firm basis for
Critical Design Review. In consonance with guidelines provided
by JPL and in recognition of development test requirements iden-
tified in Section 4.0 of the Preliminary System Specification,
a full scale vehicle model is provided. Static load testing of
the vehicle structure and mechanisms is required to experimentally
substantiate analytical determinations of load deflection and
ultimate safety margins. The SDM is also used to verify processes
for 20 foot roll-ring forgings and for bonding of titanium fit-
tings in thin wall aluminum tubing. The testing also provides
experimental verification of preliminary stress analysis and
allows comparison with strains measured during dynamic testing.
Following three months of static tests, the SDM is refurbished
and outfitted with simulated distributed masses and pyrotechnics
for evaluation as a Separation Test Model. In this two month
phase of testing the SDM experimentally determines Planetary
Vehicle/Planetary Vehicle Adapter separation characteristics and
the Capsule emergency separation mode response. The functional
characteristics of the separation mechanism concept and the
support structure flexibility effects upon boom and panel deploy-
ment are also evaluated. Early developmental OSE handling
apparatus are evaluated in conjunction with the testing.
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• Dynamics Development Model - DDM
The DDM is a full scale Planetary Vehicle structure and appendages
with necessary stiffness, mass and dynamic characteristics of the
flight vehicle. Dynamics testing of the full scale DDM is required
to resolve uncertainties in vibration environment to which each
part of the vehicle is subjected. Vibration and shock dynamic
modal surveys are conducted for the launch, transit and Mars orbit
phases of flight and are used to confirm modal and frequency data
used in loads analysis. The testing of the DDM is also used to
evaluate the need for dampers; provide a basis for component test
requirements; establish procedures, levels and test fixtures for
Type Approval Testing and to determine appendage frequency
characteristics for use in attitude control subsystem tests and
studies.
Upon completing three to five months of dynamic testing, the DDM is
refurbished for combination usage in propulsion subsystem testing.
Propulsion Development Model - PDM
Some of the elements of the nvnn,,1______,_,,subsystem are tested early
in Phase IB as indicated in Paragraph 5.2. In order to provide a
realistic test bed for evaluation of the subsystem in its assembled
state, a full scale structure for the propulsion module is required.
The testing of the PDM is required to verify dynamic interaction
into the Spacecraft structure and to substantiate analyses of struc-
tural responses. The PDM also serves as the integrated propulsion
unit for testing of pressure, leakage and flow characteristics
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while under vibration. Development firings are conducted for the
dynamic and heating effect input to the structure as well as to
establish pre-Type Approval confidence in the subsystem.
Following completion of testing of the propulsion subsystem per-
formance and effects, the propulsion model (PD_) is combined with
the dynamics model (DDM) to represent a total Planetary Vehicle.
The combined vehicle model is instrumented with the flight con-
trolling sensors and other dynamics pickups for propulsion inter-
action testing. This testing is required to determine the closed-
loop behavior of the guidance and attitude controlling functions
in the presence of the mid-course propulsion firing environment.
No completely adequate simulation of the orbit insertion propul-
sion interaction environment is thought to be feasible on the
ground. However, a vacuum firing of the midcourse engines in
the space environmental chamber is considered a necessary step
toward mission assurance. The combined PDM and DDM is to be
mounted in a soft mount in the Kent Space Chamber and the dynamics
sensors are to be connected in closed-loop operation through the
flight controlling electronics. Dynamics interactions detected
in this test are also applied to establishment of Type Approval
Test vibration environment for the Proof Test Model testing.
Attitude Control Development Model - ACDM
The Attitude Control Development Model provides an opportunity to
integrate guidance and control breadboard developments with the
development of the cold gas reaction control engineering model.
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The testing is required to substantiate analytical derivation of
system transfer functions, response characteristics and guidance
sensor requirements. The ACDM is a rigid body, scaled down, mass-
inertia simulated structural device. The model is mounted on an
air bearing to permit non-viscous rotation about three axes.
Guidance and flight control sensors and the autopilot electronics
plus the cold gas reaction control assemblies are mounted on the
model with properly scaled positioning, moment and mass relation-
ships.
The tests on the ACEN evaluate the closed-loop operation of the
sensors, electronics9 reaction jets and dynamic responses.
Acquisition and lock-on of celestial references; convergence to
limit cycle stabilization; execution of maneuver commands; operation
as a function of occultation or brightness variation of celestial
references; and determination of expendable consumption rates are
some of the investigative objectives of the testing. This testing
concurrent with detailed system design is necessary to ensure an
effective Type Approval Test period on the Proof Test Model and
to support the subsystem CDR's. As another assurance measure,
the ACDM is updated with the later electronics built for the
Engineering Test Model spacecraft. This second phase of ACDM
tests incorporates early design changes resulting from the first
phase and from the SDM and DDM structural tests.
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Thermal Control Development Model - TCDM
To complete the series of major development model tests at below-
system-level as recommended by the JPL guidelines and outlined by
the Preliminary System Specification, the Thermal Control Develop-
ment Model is provided. As evidenced by the Mariner program ex-
perience, early testing is needed to augment engineering analysis.
This model is carried through several periods of testing, updating
and exposure to varied environments and interfaces.
The TCDM is a full scale Voyager Spacecraft structure outfitted
with thermally simulated units to represent the electronic sub-
systems and other heat producing or conducting elements of the
system. Correct mass, specific heat, conductance and reflection
characteristics are required for all simulated units.
Experimentally derived data is compared with analytically derived
data and both are verified by checks of actual individual sub-
system elements as they are produced. This iterative process
must occur throughout the design phase as assurance against major
design changes during Type Approval Testing on the PTM. A major
part of the testing is done in the simulated thermal-vacuum
environment. Time temperature histories of all equipment bays,
mechanisms and appendages are required for all mission phases
and expected power profiles. Heat transfer rates and ranges,
propulsion insulation, thermal joint conductances and solar heat
rejection characteristics of the design concept are evaluated.
Boost profile pressure decays are also simulated to evaluate
trapped gas venting and induced heat transfer through the nose fairing.
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After the initial development test period, the TCDM is updated
with design evolution and several equipment bays of actual sub-
system hardware are installed to verify the adequacy of earlier
heat simulations. The radio subsystem travelling wave tube
assembly, power sections and guidance and control units are signi-
ficant heat sources which are included in this updating test
period. Subsystem units available for the Eli/ are time shared
for this testing.
After completing six months of post CDR thermal testing and in
order to provide an early full scale interface check with the
Launch Vehicle System, it is recommended that the TCDM and the
Dynamics Type Approval Test Model (DTATM) be made available to
the Marshall Space Flight Center. These two full scale models of
the Planetary Vehicles offer fit, form_ mass, thermal and dynamic
simulated interfaces for check with the Launch Vehicle System before
arrival at the launch site. An adequate period of time for this
function is allocated in the schedule.
The test period at MSFC is recommended for verification of
Saturn V cooling provisions for the Planetary Vehicle payload
and for verification of the nose fairing separation concepts. This
testing provides the opportunity to make final adjustments to the
interfacing designs and procedures. The two Planetary Vehicle
models with their adapters and simulated Capsules also offer an
opportunity to checkout handling and joining techniques prior to
the operations at the Kennedy Space Center. At the conclusion of
the MSFC test period the DTAI]_ is scheduled to proceed to KSC to
support the launch site operations verification with the ETM. The
TCDM is returned to Seattle for thermal testing if required.
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The tests and models described to this point comprise the major develop-
mental hardware programs scheduled. Concurrent with testing of the
major models, each subsystem is built up as breadboards or engineering
model units to provide for integration of the subsystem designs. Bread-
board models of the electronic subsystems are repetitively tested and
operated in all design modes to lend additional assurance of a stable
Type Approval Testing (TAT) program.
The TAT phase of the program below the system level involves parts,
components, assemblies, subsystems and major models. Two sets of each
unit are Type Approval Tested. For all subsystems except structure,
one set is tested environmentally while the other set is life and cycle
tested. The provisioning of two sets is required to allow concurrent
completion of these two aspects of TAT before system level testing is
accomplished.
The two major Type Approval Test (TAT) models below the systems level
are for verification of structural design and processes. To satisfy
the post CDR requirement for verification of the structures subsystem
before final assembly of the flight vehicles, two concurrent test models
are required. The models are also necessary to preclude destructive
testing of the Proof Test Model (PTM). Two separate models are neces-
sary since static and dynamic structural load tests to design ultimates
can invalidate each other if done in series on the same unit. The two
TAT models are designated the DTATM and the STATM.
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Dynamics Type Approval Test Model - DTATM
Dynamic testing of a full scale structure produced to post CDR
drawings is required as proof of the final design and is identified
in the Preliminary System Specification. The structure is augmen-
ted with simulated equipment to establish true mass and stiffness
characteristics. The testing includes vibration and exposure to
acoustic environment in qualifying the Spacecraft Bus, adapter,
and appendages for the mission environment. A dynamic replica of
the Capsule is also added to verify the combined integrity as a
Planetary Vehicle. Testing is done in the cantilevered mode for
the primary evaluation and in the free-free mode to relieve static
friction loading of joints. Test data from the STATM tests are
applied in establishing test levels and modes for the DTATM.
An added use of the DTATM is for final verification of the separa-
tion design. Since the DTATM has the true dynamic, mass, and
moment of inertia characteristics, it is more readily adapted to
this task than the $TATM. This testing verifies the separation
characteristics of the Capsule from the Spacecraft Bus and the
Planetary Vehicle from its adapter. The OTATM then is shipped
to join the TCDM at MSFC for further separation tests with the
nose fairing and to verify this critical interface with the Launch
Vehicle System.
Structures Type Approval Test Model - STATM
The STATM performs the static load portion of structures Type
Approval Testing. The full scale Spacecraft Bus, adapter and
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propulsion module structure are statically loaded as a unit in
load increments up to design ultimate. Launch and orbit conditions
are imposed separately. Structural heating is applied for the
appropriate conditions to measure the combined environment effects.
Appendage structures are also verified.
After the STATM completes its load testing, it is utilized as a
checking unit for handling, servicing, and transport equipment.
The AHSE checks are made at this point in the schedule to verify
its integrity for usage with the flight spacecraft
There are two complete system model spacecraft scheduled. They are the
Engineering Test Model (ETM), used as a system level design development
unit, and the Proof Test Model (PTM) used as a system level type approval
unit. These models serve in the same relationship as do the development
and type approval units at the lower levels of hardware assembly. In
addition, these system level models provide the combined functional and
physical interfaces required for integration of the OSE and related
software.
Consideration of the number of full system models required in the program
involves trades of major impact upon program cost and mission assurance.
For each complete system model desired, a full set of OSE, operating
facility and test and support crew are involved. Fabrication of extra
full system models not only requires the additional sets of hardware,
but requires additional tooling or staggering of scheduled fabrication.
Staggering of the fabrication schedule forces earlier release dates
for engineering.
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This chain reaction created by increasing the number of complete system
models in the program can create an opposite effect to that originally
intended. Added units intended to increase program assurance may
indeed reduce it.
The schedule presented herein was chosen to balance the roles of the EYM
and PTM so that they complement each other in proper time phasinq. In
doing so i% was found that the two models offered sufficient schedule
time to accomplish the required tasks.
I
The schedule calls for continued updating of the HTM and an appropriate
configuration accounting technique. The approach will allow incremental
controlled departures from the early design releases to explore engineering
changes but will also require strict restoration to the current approved
configuration. Following Type Approval Testing of subsystems the ETM
is scheduled for updating with these qualified units. The HTM thus
evolves to fit_ form and functional identity to the PTM. In this
controlled and upgraded status_ the ETM is therefore free to take on
normal PTM tasks which do not require subjection 9o mission environments.
The HTM has thus b_on.... _,,__"_^_ to perform the interface checkout tasks
at Goldstone and the launch site_ unloading the later phases of PTM
testing for more significant life and failure mode diagnosis testing.
A more detailed description of the testing roles follows.
D
• Hnqineerinq Test Model - HTM
The HTM is fabricated as soon as detail design releases mature and
become reasonably stable. This point is reached on structure shortly
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after completion and evaluation of the Class III mockup. The
structural fabrication proceeds concurrently with the mockup, and
final assembly of the HlTq is begun within three months after its
completion. Subsystems and major assemblies start to become avail-
able at the beginning of final assembly of the structure. As
soon as the power_ cabling and several of the electronic subsystem
engineering models are available the ElTq starts into engineering
evaluation tests. The first stages of testing verify the compati-
bility of subsystems as installed and warking with the spacecraft
cabling, and power source. The testing then evolves into inter-
subsystem testing to evaluate compatibility of signals; operating
modes; electromagnetic coupling or interference; test procedures;
system test complex stimulation, control, monitor and data handling;
safety of test techniques; electromechanical relationships and
many other inter-relationships which can only be evaluated in
their true integral state.
The E_I is the test bed for pre-release trial of engineering de-
signs to evaluate the system level effects. The existence of the
ETM allows the necessary flexibility in the program to incorporate
late changes and to rapidly evaluate their impact at the system
level. Basic incompatibilities that are unpredictable by design
and analysis must be worked out of the system prior to system
level Type Approval Testing on the PTM. The schedule allows over
a year of such testing prior to start of TAT on the PTM.
The EIN also backs up the PIN during its primary testing period,
allowing any residual problems which arise to be evaluated and
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solved as rapidly as possible. The major change and problem sol-
ution duty of the ETM is expected to have been completed during
its first year of operation. With a reduced investigative loading,
the ETM can perform final verification of OSE units.
It is during this period that the OSE units would be given JPL
approval for use with the flight spacecraft. For this period of
testing the ETM also receives the subsystem hardware which has
completed Type Approval Testing. Thus, the compatibility of system
level OSE and the integration of qualified subsystem hardware can
be verified concurrently.
By the time PTM Type Approval Testing is completed, the major
evaluation and change incorporation role of the ETM should be
completed. It is considered an effective time to apply the ETM
to checkout of future interfaces to be encountered by the
spacecraft system. One such interface which should have early
verification of compatibility is that with the Mission Operation
System. As was done on the Mariner program the spacecraft is
scheduled for tests with the SFOF and the DSIF at Goldstone.
This testing period is required to integrate the links which are
vital in closing the complete loop of command and data flow
between the Spacecraft System Mission Dependent Equipment
and the spacecraft, since adequate simulation of these links is
not considered feasible nor cost effective in the light of their
critical impact on mission success. The testing period involves a
test of closed loop command transmission from SFOF through the
DSIF to the spacecraft and the return feed of data from the
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spacecraft back through the DSIF to the SFOF. All mission modes,
procedures and mission operations personnel are exercised for veri-
fication of intersystem compatibility and techniques. Encounter
practice tests and intersystem interference and threshold checks
tests are also accomplished.
In order to establish the same sort of pre-mission assurance of
intersystem and facility compatibility with the Launch Vehicle
System, the DSIF and launch facilities at the Kennedy Space Center,
the ETM proceeds from Goldstone to KSC. A preliminary run through
all facilities, operations and procedures before processing of
the flight spacecraft is considered to be extremely effective
schedule assurance. This early rehearsal with a test model space-
craft provides time for problem solution and training and constitutes
a valuable protective measure. The prior experience will ensure
the elimination of processing hazards encountered in a new
environment.
The EIM is processed through all steps intended for the flight
spacecraft. The DTATM spacecraft shipped to KSC after conclusion
of Launch Vehicle nose fairing separation testing at MSFC, is used as a
mate for the ETM to form the dual Planetary Vehicle combination for
handling and clearance checks. The ETM and DTATM complete the trial
run through launch site operations by participating in a simulated
J-FACT and simulated countdown with elements of the Launch Vehicle System.
The ETM and DTATM are then returned to the contractor's plant for con-
version to 1973 mission test models.
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Proof Test Model - PTM
A system Proof Test Model is built to full spacecraft configuration
with post CDR drawings. Its fundamental role is to demonstrate
through system level Type Approval Testing that the system design
and the supporting engineering, manufacturing and quality processes
do result in a product which meets the requirements of the mission
and system specifications. Ideally, the fabrication of units for
this model should not begin until all lower level Type Approval
Testing is complete. Such a policy, however, would either force
below-system-level Type Approval Testing too early to permit
design maturity or would force Flight Spacecraft Testing to begin
before PTM Type Approval Testing was complete. A lesser program risk
is the concurrent fabrication of below-system-level and PTM system
level hardware. The PTM does not begin system level testing,
however, until the lower level Type Approval Testing is complete.
This incurs only the risk of having to modify or refabricate
a small number of components or assemblies due to changes brought
about by lower level Type Approval Tests.
The PTM is subjected to a series of tests patterned after the
Mariner PTM test series. The Mariner Spacecraft Environmental
Test Results document and the Mariner System Test and Operations
Report guidelines have been followed in determination of the test-
ing schedule and sequence. The combination FAT and TAT series of
tests are completed prior to start of FAT on the Flight Spacecraft.
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Based upon the performance of the PTM in this series of tests
and upon the adequacy of the testing procedures and supporting OSE,
a system FACI is performed. Approval of the FACT signals the
beginning of Flight Acceptance tests on the first flight space-
craft. The PTM then proceeds through completion of Combined
System Testing.
The PTM assembly sequence calls for installation of the Science
Subsystem in the final assembly period so that the completed
spacecraft can enter system level testing. The PTM Capsule is
required early in the system level testing sequence so it can be
included in testing in the same sequence as planned for the Flight
Spacecraft. The test period, therefore, does include some Com-
bined System testing at several points in the sequence. The final
period mentioned in the preceding paragraph includes the tests
with the LCE, MDE, and Launch Vehicle simulator and simulated
launch and mission operations.
As was done in the Mariner program, the PTM next is employed in
checking out a set of subsystem spares to accompany the Flight
Spacecraft to the field test period. In this way the spares will
have been verified as replacement unlts for installation at
the launch site with a minimum loss of time.
When the Flight Spacecrafts go into final stages of Combined System
Test, the PTM begins a long period of life test and simulated mis-
sion operations to detect long term performance decay. Throughout
the ten months of operation before the 1971 Mars launch
5-34
BOEING-- SPACE DIVISION
D2-82709-6
the PTM will also simulate failure modes to permit trial
diagnostic analyses of spacecraft telemetry data and to evaluate
backup emergency modes and commands. The PTM is also available
during this period to perform support testing for Flight Space-
craft problems.
During the prelaunch and early mission operations of the 1971
f!ight_ the PTM performs in standby support testing for diagnosis
of mission data anomalies. Once the spare spacecraft takes over
this task_ the PTM is released for refurbishment to the 1973
system configuration.
The two full system test models in the program have an intense but ade-
quate duty period. Their sequences are planned for mutual support as
well as for maximum assurance of trouble free processing of the Flight
Spacecraft.
Spare and Mission Spacecraft
The end product system units are the two Flight Spacecraft to be launched
on the Saturn V. The spare spacecraft is provided for maximum assurance
that at least two of the three vehicles will be ready for launch during the
mandatory launch period. The spare unit is started through processing
first and is intended to be always ready to replace one of the other two
should major problems occur. The Flight Acceptance Test (FAT) sequence
is patterned after the Mariner test program, but is longer because of
the inherent complexities associated with the dual spacecraft relation-
ships. Approximately 25-percent more time is allowed for testing of
the Voyager system over that required on the Mariner spacecraft.
5-35
BOEING--SPACE DIVISION
D2-82709-6
The in-plant test period is planned to provide a completely checked-out
pair of Planetary Vehicles up through their stacked configuration in the
flight nose fairing. The two Planetary Vehicles are then separated and
individually prepared for shipment to KSC. Prior check of the combined
stacked configuration is considered a significant program assurance
step before proceeding to the launch site.
The anticipated mode of shipment for the Planetary Vehicles or the spare
spacecraft is via the "Super Pregnant Guppy" transport built for the S-IVB
booster stage. The shipment includes the use of a horizontal handling trans-
porter shipping container, and accompanying environmental control equipment.
The scheduled shipping periods include a margin of time for loading, unloading
and re-setup in the operating facility. System Test Complex moves are made
via separate transportation mode. The shipping periods allow adequate time
for re-setup and calibration of this equipment.
The spare spacecraft precedes the other two to the launch site and is tested
and processed to the extent possible as a standby vehicle. It is always
kept in a state for ready replacement and maintains the equivalent test and
operating history of the other two. The spare spacecraft remaining at KSC
after launch supports the early mission phases by continued operation in
readiness for analysis of mission data or problems. The SFOF can verify
flight commands by ground link transmission to the DSIF at KSC and thence to
the spare spacecraft in operation in the Spacecraft Checkout Facility. This
mode of operation is recommended for the early phases of the mission through
the midcourse correction maneuvers.
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The schedule shows shipment of the spare spacecraft to Pasadena for
mission operations support after the first month of the mission. This
move allows the Spacecraft Performance Analysis Team (SPAT) at the SFOP
to have a fully operational unit close at hand to evaluate performance
and problems. There are other alternate approaches which may prove to be
more effective after more detailed test and operations planning. One such
approach would be to ship the PTM to Pasadena prior to the prelaunch
activities so that it could be set up and in operation in the JPL Space-
craft Assembly Facility at the time of launch. A second alternative is
to leave the spare at KSC and let it continue to support the mission
operations via the ground network ties of the DSN.
The spare spacecraft move to Pasadena was chosen to provide the best unit
with least operating time history and to have it close at hand for the
SPAT.
The field test sequence for the Flight Spacecraft is also based upon
Mariner experience. The individual Planetary Vehicles are brought to the
Spacecraft Checkout Facility (SCF) for summary checks of their post ship-
ment functiona] _t_t1_ T_ r.....i_ _-_
............ _ ...... ,u Spacecraft then proceed separately
through their individual verification tests, meeting again in the Explosive
Safe Area (ESA). There, dry run operations involving fueling, pyrotechnics
installation, assembly in the shroud and verification with the Launch
Complex Equipment are performed.
It is at this point in the schedule that the three and one-half month
Ready Standby period has been inserted. It is the intent of the program
to arrive at this point of maximum preparedness with a margin of assurance
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in meeting the launch date. As described at the beginning of this
section this cushion of time may be apportioned elsewhere in the schedule
at the Voyager Spacecraft Systems Manager's discretion.
The final periods of spacecraft prelaunch activity include a dry run
rehearsal at the launch pad with the launch vehicle and subsequent
recycle of the vehicles through the SCP and HSA before the final joining
and countdown. Depending upon the Launch Vehicle (LV) activity phasing,
the initial mating of the Planetary Vehicles with the LV could be
accomplished in the Vertical Assembly Building (VAB). The Planetary
Vehicles would not be armed or fueled to a hazardous state for the
J-PACT and simulated launch operations. Interface with the DSIP could
be established via RE repeater installation.
There are several steps in KSC processing sequence which provide for the
biological cleanliness standards of the Mars mission. The reaction con-
trol assembly and the orbit insertion thrust vector control assemblies
are internally decontaminated by HTO in its assembled state. The
hydrazine fuel for the mid-course propulsion is self sterilizing. The
cold gas nitrogen and Preon for reaction control and thrust vector
control, respectively, are filtered prior to being loaded aseptically
into the previously decontaminated hardware assembly.
The scheduling of launch site activities for Voyager has allowed more
than twice the time required for Mariner. The time allows for inherent
complications in bringing dual vehicles to simultaneous readiness for
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flight, but also has some margin included to support operations which
may not be anticipated at this stage of planning.
The overall scheduling pattern presented by Figure 5-2 is felt to be
a conservative program highlighted by firm checkpoints on progress. Some
concurrency has been allowed to provide an even pacing throughout the
total program. As continued detailed system definition, test planning,
procurement analysis and operations functional analysis take place there
will be changes in the schedule. The program as presented, however, is
expected to be a sound basis for the Phase IB proposal Implementation Plan.
D
The relationship of the 1973 system preparation are also included in
brief form on the schedule. The same general relationships of system
level test models and flight and spare vehicles is expected to exist for
that mission as for the 1971 flight. The implications of time phasing
and major milestones for the future flights are outlined in
Paragraph 5.3.4.
Figure 5-2 and the accompanying discussion have presented the overall
perspective of the Phase II program by outlining the schedule, test and
deployment of Spacecraft System vehicles and major test models. Sub-
sequent sections describe the supporting OSE and individual spacecraft
subsystem schedules.
5.3.2 OSE and Facilities
Figure 5-3 presents that portion of the program schedule dealing with
the Operational Support Equipment and 9acilities required to support the
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Spacecraft System. The top of the figure carries the same milestones
as presented for general program reference on Figure 5-2 of the previous
subsection. It also presents a series of significant spacecraft mile-
stones extracted from that figure and some milestones related to
simulators to be required from other Voyager systems.
Capsule and Science Subsystem simulators are required in the spacecraft
testing program. They are required to provide a physical and functional
interface with the spacecraft during much of the testing to avoid imposi-
tion of excessive environment or operating time on the actual units.
The first of these simulators is required to support integration of Cap-
sule and Science Subsystem OSE engineering models into the overall Plane-
tary Vehicle System Test Complex engineering model. Later sets are
required to support the PTM and flight units. Launch Vehicle simulators
are required to provide a functional interface for the spacecraft and
LCE during combined system testing. The Spacecraft contractor also
expects to provide simulators in return to support other system
contractors in test and checkout.
5.3.2.1 OSE
The Spacecraft System Operational Support Equipment is divided into five
categories which are treated separately on Figure 5-3 and discussed
in order in the following paragraphs. They are:
l)
2)
3)
4)
Assembly, Handling and Shipping Equipment - AHSE
System Test Complexes - SIC
Launch Complex Equipment - LCE
Mission Dependent Equipment - MDE
Software
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The scheduling of OSE is keyed to the demands of the spacecraft hardware
and the testing and operations sequence. Determination of quantities
required is based upon detailed examination of the functional analysis
of each phase of the test and support operations.
• Assembly_ Handling and Shipping Equipment - AHSE
The AHSE category covers approximately 130 different items of equip-
ment. The definition of the items is derived from examination of
the many operations involved in support of the spacecraft. At
each stage of the operation, various AHSE units may be applicable.
Early development of many of the AHSE units is required to provide
support to the major spacecraft test models. As engineering models,
many of the interfaces with spacecraft equipment can be verified
concurrently with the spacecraft model testing. Each item of AHSE
is proved safe for use by developmental tests, proof tests where
applicable_ and finally by checking it on one of the major space-
craft test models.
_II_ _VOIUO b£Ull IIIU_ E _ _O_ VV_ Eli _II_ spa ^ TT_
CDR's are completed within two months of completion of spacecraft
CDR's. Compatibility tests are completed by the start of PTM
testing. All AHSE installations at KSC are complete three and one-
half months ahead of arrival of the ETM for checkout of the launch
site.
• System Test Complexes - SIC
The System Test Complex is basically a combination of subsystem
test sets integrated with adapter units around a central data and
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It is estimated that five such complexes are
Each set of spacecraft subsystems undergoes initial testing using
its subsystem OSE. These latter items are designed, built, and
checked out concurrently with the spacecraft subsystems. As the
subsystem is delivered for integration into the spacecraft for
system testing, appropriate portions of subsystem OSE are also
delivered for integration into the System Test Complex. Subsystem
OSE for the breadboard models and Type Approval tested subsystems
are available as individual test sets for laboratory investigative
testing of subsystem problems.
The first STC to be built up is that for the HIM. As engineering
model subsystems are delivered for installation, the subsystem test
sets are integrated with appropriate adapters and an engineering
model central data and control system. Checkout of this STC with
the test procedures, computer programs, the spacecraft ETM and
the supporting calibration and certification equipment is a major
system development task. Thorough evaluation of the STC capability
to adequately test the ETM provides invaluable assurance that Type
Approval Testing on the PTM will be a test of the spacecraft and
not a debugging period for test equipment.
Six months after start of engineering evaluation of the STC with
the ETM, subsystem compatibility evaluation is complete. This
occurs six months ahead of PTM system testing and provides adequate
lead time to correct deficiencies. The STC Critical Design Review
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takes place two months after completion of these compatibility
checks. About six months later, the first STC units for the Flight
Spacecraft are on-dock and after two months of assembly and check-
out, the STC FACI is conducted. The ETM is equipped with Type
Approval Tested subsystems at this time and is available for
summary interface tests with the Plight q....... _+ CT_, _ _^-
their approval by JPL.
The implementation of the STC sets for the 1973 mission is not
expected to be critical. The basic sets should still be applicable
with only minor modifications to reflect subsystem and mission
profile changes.
• Launch Complex Equipment - LCE
Consistent with the guidelines provided by JPL, two sets of LCE are
designated for installation at KSC. One set is used in the Explosive
Safe Area (ESA) to perform the simulated pre-launch operations on
the Planetary Vehicles before they are assembled on the Launch
Vehicle. The second set is installed in the Launch Control Center
for integration into the Launch Operations System.
An engineering model of the LCE is built early in the program to
coincide with buildup of the engineering model STC. The LCE model
is evaluated on the ETM and procedures and software are verified.
This model completes its compatibility checks with the spacecraft
and STC and is then used on all spacecraft for Combined System
Tests.
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Critical Design Review for LCE is held two months after completing
the ETM compatibility checks. FACI is conducted within a month of
completion of assembly checks on the two field sets of LCE. All
three sets of LCE are then given a summary interface check on the
updated EYM before their approval by JPL. LCE sets are on-dock at
KSC at least five months before their installed checkout period
with the ETM.
• Mission Dependent Equipment - MDE
It is expected that five sets of MDE are required for installation
at the DSIF sites and at the SFOF. A sixth set is to be built as
an engineering model and is programmed for availability coincident
with the equivalent STC and LCE sets. The same basic checkout
philosophy is applied to the MDE as for the STC and LCE. Compati-
bility with the spacecraft, its command and data format and the
associated software is verified on the ETM.
Establishment of Spacecraft-MDE compatibility with the ETM is
followed within three months by CDR. FACI is conducted on the
first DSIF set of MDE three and one-half months ahead of the start
of tests at Goldstone. After checks with the updated ETM, the
sets are verified and approved by JPL before shipment.
It is currently thought that all DSIF sets of MDE may be first
shipped to Goldstone for total loop checks before being sent on
to the DSIF sites. If all sets are checked together in combination
with the SFOF, Goldstone DSIF and the Spacecraft, a high level of
assurance of total compatibility is achieved. Final approval of MDE
therefore is indicated as occurring after the Goldstone tests.
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• Software
One of the major elements of the 0SE segment of the Spacecraft
System is the program software. Mission Operations computer
programs, test and checkout programs, launch control software, and
data reduction and trend analysis programs are included. These
items are developed concurrently with the hardware they support.
Some of the significant software milestones are indicated to show
phasing with the 0SE hardware. Software for the LCE and MDE is
developed during evaluation of these equipments on the BTM. All
0SE computer programs are available and checked out before FACI of
the LCE and MDE.
5.3.2.2 Facilities
Milestones indicated for implementation of facilities, as shown on the
schedule of Figure 5-3, are the significant checkpoints to support the
testing and hardware flow described by the preceding paragraphs. The
Facilities plan to be submitted as part of the Phase IB proposal
package derives the majority of its requirements from the Integrated
Test Plan also to be submitted as part of that package.
The major facilities tasks are recognized and positive steps are being
taken to assure Boeing capability to support the program. Government
agency facility requirements will be coordinated with JPL and the inter-
face panels during Phase IB. The in-plant facilities programming is
firmly established. Voyager Program activity will be centered at the
Boeing Space Center at Kent, Washington. The twenty-five thousand
cubic foot space environmental chamber is shown in Figure 5-4. This
chamber is currently being used in space simulation tests of the Lunar
Orbiter vehicle. Other space center equipment is shown by Figure 5-5.
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Figure 5-4: Spaceflight Simulation Chamber 
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SPACE ENVIRONMENT SIMULATION 
THE BOEING SPACE CENTER INCLUDES ELEVEN CHAMBERS TO SIMULATE 
THE COLD, HEAT, SOLAR RADIATION, AND VACUUM OF SPACE. THEY 
ARE USED TO OBTAIN PRELAUNCH OPERATING DATA ON SPACECRAFT 
A N D  EQUIPMENT. THE CHAMBERS RANGE FROM 1 CUBIC FOOT TO 
39 FEET IN DIAMETER BY 50 FEET HIGH (FIGURE 5-4). THE LARGEST 
CHAMBER WILL BE MAN-RATED AND C A N  HOLD THE COMPLETE 
VOYAGER PLANETARY VEHICLE. A PERSONNEL AIRLOCK PROVIDES 
ACCESS TO THE CHAMBER DURING TESTS. 
THE VACUUM CHAMBER (BELOW LEFT) I S  ONE OF TWO THAT WILL 
ACCEPT 3000 POUND TEST OBJECTS 6 FEET IN DIAMETER AND 8 FEET 
BY 19 XENON LAMPS. VACUUM TYPICAL OF A 600 MILE ALTITUDE 
IS POSSIBLE. 
ONE OF EIGHT SPACE ENVIRONMENT CHAMBERS (TOP CENTER), 
DESIGNED FOR MATERIAL EVALUATION AND SMALL COMPONENT 
TESTING, IS SHOWN BEING READIED FOR OPERATION. 
DATA GATHERING A N D  COMPUTER EQUIPMENT (TOP 
PROVIDES A CONTINUOUS FLOW OF INFORMATION ON THE OPERATION 
OF TEST EQUIPMENT A N D  THE STATUS OF PROGRAMS UNDER TEST. 
HIGH. THE CHAMBER HAS A N  OFF-AXIS SOLAR SIMULATOR POWERED 
RIGHT) 
THE CONTROL-ROOM PANEL FOR THE SPACE SIMULATION CHAMBERS 
(BOTTOM) I S  GRAPHICALLY DESIGNED TO SHOW EXACTLY WHICH 
INSTRUMENT CONTROLS WHICH EQUIPMENT. SPACE SIMULATION 
CHAMBERS A N D  REFRIGERATION SYSTEMS ARE MONITORED AND 
CONTROLLED FROM THIS ROOM. 
Figure 5-5: Space Center Equipment 
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A new assembly and checkout complex with acoustic test, magnetic mapping,
and solar simulation capabilities scoped to fit the Voyager program is
to begin construction immediately upon contract award. Other Boeing
facilities such as the hazardous test site at Tulalip, Washington, are
available for developmental support.
Early Phase IB development test article fabrication and testing is to
take place at existing Boeing facilities. The phasing in of the major
new facilities at the Kent site is outlined by milestones on Figure 5-3.
Existing capabilities in the Seattle Boeing complex include antenna
development and test ranges; a five-foot solar furnace and high vacuum
chamber for solar heating development tests; ultra-modern electronic
fabrication, assembly, encapsulation and analysis laboratories; arid
mechanical fabrication facilities with capability for fusion and resis-
tance welding, metal forming, heat treat and protective coating.
Structural and ambient environmental laboratories in the Seattle complex
provide existing capabilities for vibration, shock, acoustic and heat
testing as well as for fabrication of full scale structure. Existing
materials and processes laboratories at the Kent Space Center provide
immediate capability to proceed into M&P development during Phase IB.
As Phase II begins, development activities will be concentrated at the
Kent Space Center. The operations at Kent will permit the establish-
ment of consistent cleanliness and "extra care" disciplines mandatory
for the Voyager program.
Outplant facilities requirements will be defined by criteria to be sub-
mitted in Part 1 of Facility CEI's during Phase IB. Boeing experience
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in governmental facility coordination on the Saturn V and Lunar Orbiter
programs will complement JPL's experience in implementation of the
Mariner and Ranger program facilities.
5.3.3 Subsystems Implementation
Figure 5-6 presents a portion of the program schedule expanded to show
the individual phasing of subsystems in their development and progress
toward integration into the system. Significant program and related
spacecraft milestones are provided at the top of the figure for reference.
Similar events are shown as milestones for each subsystem. The first
milestone indicates availability of Class III mockup units at the fifth
month after Phase II go-ahead. Completion of this spacecraft mockup is
scheduled for the eighth month. Engineering Test Models for _boratory
evaluation become available between the eighth and tenth months. These
units in addition to breadboards started early in Phase IB are operated
through at least the first flight as a constant evaluation tool and
to achieve a maximum of operation data and experience.
The subsystem units for the ETM range in availability from the ninth
to the eighteenth month. Refinement of scheduling will direct effort
toward earlier availability of subsystems to increase system level test
time on the ETM.
Three and one-half months of ETM testing are accomplished prior the
start of Type Approval Testing of subsystems. Additional refinement
of procurement commitments, detailed schedule phasing, PERT slack time
and critical path evaluation will be directed toward increase of this
lead time.
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Figure 5-6: Voyager Spacecraft Master Schedule Subsystems
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All subsystem commitments show capability of providing subsystems on
time for in-sequence final assembly of the PTM and mission spacecraft.
Further schedule iterations will concentrate on an earlier availability
for PYM testing to permit a greater margin between completion of system
level Type Approval Testing and start of Flight Acceptance Testing.
5.3.4 Future Mission Considerations
Figure 5-7 summarizes the relationship of major 1971 and 1973 mission
milestones.
It is anticipated that the differences in scientific subsystems
between the two missions will cause only modest changes in the basic
spacecraft systems. As the condensed schedule indicates, decisions
relative to the 1973 mission and system specifications must be made
well in advance of the launch of the 1971 mission.
By basing planning on a schedule similar to that for the 1971 system, sup-
plementary program planning can be concentrated on flexibility for incor-
poration of late changes due to 1971 mission data feedback. Experience
data from the 1971 system implementation activities will be evaluated to
determine critical and slack time periods so that decision deferrals may
be allowed without jeopardy to the system preparation schedule.
As indicated by Figure 5-7 the start of 1973 PTM testing occurs nom-
inally at the same time as the 1971 Mars encounter. Assuming a success-
ful flight to that point, a majority of the system level Type Approval
Testing of the 1971 system would still be valid. Under these circum-
stances the start of PTM testing could be deferred until additional Mars
orbital data were available. Rapid change evaluation on the ETM plus
concentration of PTM testing upon proof of the changes will be necessary
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to incorporate post encounter changes. Flexibility to accommodate such
changes must be the keynote of 1973 planning.
The test and operations schedule for the Flight Spacecraft should not be
shortened significantly from that of the 1971 system since there is ex-
pected to be little change in the necessary tasks and some schedule assur-
ance margin is necessary. The reduced flow time between missions does
not permit a repeat of the 1971 schedule "ready standby" period, but is
expected to be balanced by the experience and stabilized system design
carried over from the 1971 mission.
Compatible interorganizational working relationships established during
the 1971 system implementation will develop a capability for rapid and
well coordinated team response to 1973 system needs.
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5.4 PERT ANALYSIS
PERT techniques were used in developing the Voyager Project Master
Schedule. The approach was to define the program tasks (Work Breakdown
Structure) and important milestones, arrange them in logical sequence
(Program Management Network), estimate functional activity flowtime
(Task Fragnets), and resolve any time-phasing incompatibilities by
selecting alternate resources, reduced activity flowtime, or setting up
parallel activity. Incompatibilities were also resolved by comparison
with programming and scheduling data of other Boeing systems. The results
of this activity have been discussed in Subsection 5.3 on Phase II implemen-
tation.
The PERT analyses were accomplished by the responsible technical and
management representatives of each functional area. The areas included
System Engineering and Design 9 Reliability, Procurement, Manufacturing
and Quality Control, Test, and Facilities, Major team contractors (EOS,
Philco, and Autonetics) participated throughout the scheduling effort.
PERT networking and analyses have been principally manually accomplished
for this schedule development with some computer network and critical
path analysis. A complete computer analysis and iteration of the sche-
dule will be submitted for Part 2 of the Phase IB RPP in the Implementa-
tion Plan. Also the PMN and the task PERT networks will be expanded into
greater detail for the Implementation Plan.
The primary sources of program information used in the analyses are listed
below:
• Voyager 1971 Preliminary Mission Description (dated October 159
1965).
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• Phase IB Specimen Statement of Work (provided in Task A RFP).
• Phase II Specimen Statement of Work (provided in Task A RFP).
• Work Breakdown Structure (WBS) provided with Phase IB RFP.
• General Specification for Performance & Design Requirements for
Voyager 1971 Spacecraft System (dated September 17, 1965).
The major work elements in the WBS serve as the program elements on the
Program Management Network and the master schedule. Initially a Program
Management Network (PN_) was constructed to provide a management overview
of the total Voyager Program scope from start of Phase IB through com-
pletion of the 1971 mission. This network describes by a sequential
series of events the logic necessary to complete the individual WBS tasks.
It also identifies task interdependencies, important program objectives,
and major contractor/JPL interfaces.
Lower levels of detail were developed by expanding the elements of the
Program Management Network to reflect the logic associated with work
Breakdown Structure tasks and subtasks. This was done by constructing
PERT networks for the individual tasks to which were applied the estimated
flowtimes necessary to accomplish each specific functional activity. An
example of such a network developed for the WBS "Management" task is shown
in Figure 5-8.
Schedule flowtimes, testing policies and risks from programs such as
Ranger, and Mariner were considered. The Lunar Orbiter and Mariner IV
most closely resemble the flight hardware of the Voyager Spacecraft
System and provide recent actual performance history.
After the PERT validation, the completed Master Schedules were reviewed
and approved by the Program Manager and each of the functional managers
(including the major team members).
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5.5 PROGRAM INTERFACE COORDINATION
A major task in the development of the Voyager Program is the definition
and design of the connecting links or interfaces between the Spacecraft
System and the other Project systems required to accomplish the Voyager
1971 Mission. This section describes, in general, these interfaces and
explains the operations which will be used for their successful estab-
lishment.
The major systems in addition to the Spacecraft System Office at JPL with
which the Spacecraft System Contractor has interfaces are the Science Sub-
system, the Launch Vehicle System, the Capsule System, the Mission Opera-
tions System, the Tracking and Data System, and the Launch Operations
System. Each of these systems under JPL or NASA management is in turn
supported by various elements from participating NASA and other Govern-
ment activities and/or by prime industrial contractors.
The initial effort to define the system interfaces will be accomplished
in the area of System Engineering. Detailed definition of the environ-
mental, mechanical, electrical, schedule, and operations interfaces will
of "
various system interfaces will be issued in System Interface Requirements
Documents early in Phase IB and exchanged among the systems' managers/
contractors by JPL. Boeing will use the interface data received from J-PL
during the system design effort and submit updated Interface Requirements
for 3PL approval at the Preliminary Design Review. Yhe Interface Require-
ments Documents will be updated as a result of the PDR and submitted to
JPL at the end of Phase IB.
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Successive iterations of the system interfaces after PDR will be made and
documented based on proposed changes to program requirements and approved
by the Voyager Project Configuration Control Board.
Spacecraft - Science Subsystem detail interface control documentation will
be contained in the Spacecraft System Specification. Boeing will assume
responsibility for this integration and definition. Interface Control docu-
mentation for the other external Spacecraft System interfaces will be pre-
pared and maintained by J-PL.
Interface design effort resulting in detail interface control drawings will
be performed starting early in the Phase II period. This design effort will
be monitored and approved by an Interface Control Working Group under JPL
direction. The control drawings will be approved by JPL and placed under
Voyager Project CCB configuration control subsequent to their final release.
Evaluation and verification of the integration of the systems of the Space-
craft System and Voyager Project will be accomplished through preparation and
maintenance of an Integrated Test Plan and the carrying out the Combined
Systems Test Plans to be issued by JPL.
The Voyager Project Interface Schedule, Figure 5-9, sets forth time phas-
ing for major program events.
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